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PORK WORD 


This report documents the results of a Research and Development study performed un- 
der the NASA Contract NASl-13285. The contract, titled "Computer Program for 
Weight Sizing, Economic, Porfbrmance and Mission Analysis of Fuel-Conservative 
Aircraft, Multibodied Aircraft and Large Cargo Aircraft Using Doth JP and Alternative 
Fuels", was sponsored by the NASA Langley Research Center with Mr, Owen Schrader 
as the NASA Project Manager. 

The work was accomplished by the Wei(d»t/Cost Analysis group of General Dynamics 
Convair Division. San Diego, California. The Program Manager was B. H. Oman 
under the administration of Mr. G. V. Smith, Chief of Weig^t/Cost Analysis, R. E. 
Martin, Manager of Structures Technology, and J. D. Forest, Director of Structures 
and Design. Principtil contributors to the studies conducted under this contract and 
the preparation of this report include: W. E. Caddell and W. D. Honeycutt, Mass 
Properties Analysis; S. K. Pederson and R. J. Bullnski, Mission and Performance 
Analysis: G. S. Kruse and C. J. Tanner, Structural Analysis; T. F. Reed, G. S. Kruse 
and S. T. Hitchcock, Part Definition Methodology Development; R. E. Kenyon and J. 

M, Youngs, Economic Analysis; T. F. Reed and A. R. Stone, Computer Program 
Development and Implomontatlon. 
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SUMMARY 


This iviort presente the results of a Rosoarch and Dovolopn\ont Study ixsrformod under 
NASA Contract NASl-i;»286. Tho objoctivo of this study \ws to expand the capability 
of U»o ojcisting NASA I-jmgloy Research Center Vehicle Design K\*aluaUon Program 

dovolojxHi under NASA Contract NASl-12506 (Sec Note 1). The Um>o major 
aroiis of cx{vmslon wt«rc: 1) Incorporation Into tho program of a capability to conduct 
preliminary design sttKiles on subsonic coromoroial transport typo aircraft using botli 
JP and such alternate fuels as hydrogen and meUumo: 2) Incorporation of an aircraft 
dotallod mission and pertbrmanco antUysis capability: and M) development and incor- 
poratlon of an extomai loads tmaly’sis capability. The resulting Vehicle Design Evalu- 
ation Program (VDEP-Ill) proNddoa a prclbnlnary design tool that enables tho user to 
perform li.tograted sir.lng, structural analysis, tmd cost trade studios on subsonic 
commercial trmisport aircraft. Thoro are two versh'ns of tho M^EP-III Program which 
are designated "Preliminary AiuUysIs \1)EP-I11" tmd "l‘)otaIloti Analysis M)EP-I1I". 

Roth versions utilir.o Uto sante veldelo sizing subprogram whlclt Includes a detailed 
missiou tuialysis oaivtbility, as wxdl as a gxxunetry and \roight analy'sis for multi-bodied 
configurations. 

Tho pnllmlnary analy’sls VDKP-III consists of Uw whlcle slzii\g subprogram and a cost 
tmalysls subprogi'um. ri\e vehicle sizing subpi-ogram provides geometry, \veight, mvd 
baltmce tu\al,V8ls for aircraft using JP, It^Ndrogen or moUiaito ftu'ls. It has an option of 
pro\idli\g first jwss iK'rformance datti or conducting a ilettUlod mission and performance 
iuuU>'sis. A tuass distribution tmd moment of inertia tmalysls is also provided. The 
cost )mtU\'sis subprogram Intogt'atos first imit manufacturing costs basinl on Oust Estim- 
ating RolaUonsh4>s (OERst, total progratu c'osts that IucUkIos toolfogtuui engfoeorlng, 
and a roturn-on-li\\vstmot\t antUysis bastxl oi\ route structures. The prollmlixary dosigix 
\1D'.'P-m program is destgnoil U> oviUvutto amt pxvx'ide trtido study datti for ftiel <x>n- 
servativ'o aircraft, mulU-KHUtHi aircraft, tmd largo carta' aircraft using botli JP tuid 
cr.rogi’nic fttols, 

I'ho detailed tunUysls VDEP-IlI consists of the vehicle sizing subprogram, tho extenuU 
loads suhprogrtiin, tlie siructurtU antUysis subprogram, tlie dotiUl ptu*ts subprogram, 
and the c«)st antUysis subprogram. Tlie whicle sizing subprogram is tho stime as Uiat 
used In tho prollmltiary tmtUysls ^^)EP-l^ dcscrllxoti in Uio proxious (Niragrtiph. Tho 
oxtennU loads subprogram provides a method for dewlopmont of steady state load dls- 
tribuUon on prollmlnary tUrcrtift comiunents for s^xeeifled alridano xvolghts and load 
factors. The structural synthesis subprogram utilizes a miUU-statlon antUysis tor aem- 
d>namle surfheos tmd hiseltigixs to dex'olop Uu'oretlcal xwights tmd geometric dimensions. 
Tho |>arts definition subprogram utilizes the gtHunetric data from the structural tmalysls 
tuKl derolopa the pmUotcil labrication dimotisions, |>arts, matorlul raw stock buy rt>- 
Quli oments and the pmUcloil tictutU xwigltts. The cost antUysis subprogram utilizes 
dotail {tart data in coiijunotlun with sttmdard hours, realization factors, Inlwr rates, iwd 


^ "I'ominitor Program to Assess lm|>tict of V'atlguo tmd hVacture crlteiin on Weight and 
Cost of Tnmsport Aircraft," (NASl-12506) NAS/\ OR 132648, Jmie 1075. 


material data to develop the manufacturing costs. The detail cost analysis Integrates 
the detail part developed manufacturing cost vdth the total program costs, which In- 
cludes tooling, engineering, and retum-on-investment based on airline route structures 
to provide a complete cost analysis capability. 

The computer programs have been written in FORTRAN IV and are designed for use on 
the CDC 6000 series computers. Several test cases, using data for existing aircraft, 
were run to check the program results against actual data. It was shown that the pro- 
gram represents an accurate and useful tool for estimating purposes at the preliminary 
design stage of airframe development. A sample case along with an explanation of pro- 
gram applications and input preparations is presented in the User's Manual. 


Table 1 is a summary of the preliminary analysis program version functional capability 
and Figure 1 ih a preliminary analysis program block diagram. Table 2 is a summary 
of the detail analysis program version functional capability and Figure 2 is a detail 
analysis program block diagram. 
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MISSION DATA 
PERFORMANCE DATA 
BALANCE 
DESIGN DATA 


MANUFACTURING COST 
FIRSTUNITCOST 
TOTAL PROGRAM COST 
RETURN ON INVESTMENT 


Figure 1. Vehicle Design and Evaluation Program (Preliminary Analysis Version) 

(VDEP-HI) Block Diagram 
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Table 1. Summary of the Preliminary Analysis Program Version Functional Capability 
VEHICLE SYNTHESIS (SIZING) TOOLING COSTS 

AIRCRAFT BALANCE TOTAL VEHICLE PROGRAM COSTS 

MANUFACTURING COST AIRUNE ROUTE ANALYSIS 

ENGINEERING COST RETURN-ON-INVESTMENT 


Table 2. Summary of the Detail Analysis Program Version Functional Capability 

MATERIAL COSTS 
ENGINEERING COSTS 
TOOLING COSTS 

TOTAL VEHICLE PROGRAM COSTS 
AIRLINE ROUTE ANALYSIS 
RETURN-ON-INVESTMENT 


VEHICLE SYNTHESIS (SIZING) 
AIRCRAFT BALANCE 
EXTERNAL LOADS 
STRUCTURAL SYNTHESIS 
DETAIL PART DEFINITION 
MANUFACTURING COSTS 





Figure 2. Vehicle Design and Evaluation Program (Detail Analysis Version) 

(VDEP-IH) Block Diagram 
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SECTION 1 


INTRODUCTION 


This report presents the results of a research and development study performed under 
Contract NA Si-132 85. The objective of tlie study was to develop a "Computor Program 
for Weight Sizing, Economic, Performance and Mission Analysis of Fuel Consoiwalive 
Aircraft, Multi-Bodiod Aircraft and Large Cargo Aircraft l?sing Botli JP and Alteraato 
Fuels”. 

Its intended use is as a preliminary design analysis tool to enable the user to perform 
trade-off studies involving subsonic commercial trimsport type aircraft using both JP 
and such alternate fuels as hj’drogon and methane. 

The starting point of the present effort was a computer program developed under NASA 
Contract NAS2-6718, "Estimation of Airframe Manufacturing Costs", (See Note 1). 

This piogram was modifiod and expanded in a study that analyzed manufacturing and 
material cost, engineering costs, tooling costs, total vehicle program costs, direct 
operating costs, airline route analysis, and retum-on-in vestment under NASA Contract 
NASl-11343, (See Note 2). A follow-on development expended the structural s>’nthesis 
to include a capability to assess the impact of fatigue and fracture criteria in terms of 
fatigue life, crack giowth life and residual strength. 

The current study provides an expanded version of the existing vehicle sizing subprogram 
that incorporated the Combat Aircraft Synthesis Program (See Note 3). The expansion 
included modifications to accoimt for liquid hydrogen and liquid metliane fueled aircraft 
and multi-bodied configurations. It also included modifications which accounts for 
mission segments appropriate for tnmsport operations tmd the generation of propulsion 
routine engine data for crjegenic fueled systems. This study also includes the develop- 
ment and incorporation of an external loads analysis, 'rhe external loads provides an 
interface between tl\e vehicle sizing subprogram and tlie structural synthesis subprogram 
that accounts for changes in external loads associated \vlth vehicle sizing variations. 

The detail version of the program generates wolg^it data in four areas. Overall vehicle 
system weights are derived on a statistical basis as part of the vehicle sizing process. 


^ Trelease, R. H., et al, "Estimation of Airframe Manufacturing Costs, " Convair 
Aerospace Report C?DCA-BJF71-918, July 1972. 

^ "Computor Program to Perform Cost and Wei^t Analysis of Transport Aircraft," 
(NASl-11343) NASA CR 132862, No\-embor 1973. 

^ BuUnski, R. J. , "Combat Aircraft S'^Athesls, " General Dynainlcs Cmivair Repori 
GDC-ERR-1568, December 1970. 


1-1 



Theoretical weights, actual weights, and the wei^t of the raw material to be purchased 
are derived as part of the structural synthesis and pairt defintion processes based on the 
computed part geometry. The manufacturing cost analysis, based at the individual detail 
part level, is made by considering the actual manufacturing operations required to produce 
that part. A list of shop operations is called out with each detail part, and a series of 
equations associated with each operation is used to compute the shop hours necessary to 
make the part. By applying the appropriate labor rates to the calculated hours, the dire 
and indirect manufacturing labor costs are found. Material costs are computed based or 
the amount of material required to manufacture each part. 

In the short version of the program the vehicle sizing was integrated with the cost 
estimating relationship (CER) program for the major structural components and sub- 
systems as opposed to tlie more detail parts definition method. Specifically, the non>* 
recurring RDT&E portion of the program cost model was modified in the area of initial 
engineering associated with airframe development. Cost Estimating Relationships 
(CERs) have been developed to provide a means for generating a theoretical first imit 
cost for any specific aircraft configuration under study during the preliminary design 
stage. 

Tooling costs are computed as a function of the number of basic tool manufacturing 
hours, initial sustaining aircraft production rates, and tooling labor ratep. Basic tool 
manufacturing hours are derived as a function of the number of dissimilar parts to be 
produced, the average number of tools required per dissimilar part, and the average 
number of hours required to produce each tool. 

Total vehicle program costs are computed based on a cost model that a'as assembled 
primarily from the work of R, E. Kenyon of General Dynamics /Convalr Dhislon (See 
Note 1). Cost elenaents that are computed elsewhere in the program are brought 
across and substituted into toe model. A learning-curve approach is utilized to derive 
costs of a given unit or lot as a function of the first unit cost. 

A comprehensive measure of the total economic viability for a commercial transport 
operation is reflected in the retum-on -investment analysis. Direct operating costs 
are computed using the 1967 Air Transport Association formula updated to 1972 cost 
levels. Indirect operating costs and retom-on-investment are computed by applying 
aircraft acquisition and direct operating costs to a defined traffic structure. Output 
Includes direct operating costs, indirect operating costs, revenue, load factors, profit, 
retum-on-investment, and fleet size. 

These programs provide the user with a Cost Estimating Relationship (CER) method 
for conducting initial studies, with an option to use the detail method for more in-deprh 
analysis. One advantage provided by the method dcmloped is the capability to make 

^Kenyon, R. E. , "Techniques for Estimating Weapon System Structural Costs, " Air 
Force Report AFFDL-TR-71-74, July 1971. 
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trade studios from sov’cral lovols of cot\sidoration. For example, weight and cost data 
can Ih' rolatod diivctly to koy system parameters at the vehicle mission level such as 
payload, speed, range <md landing field length requiremonts. At the vehicle configur- 
ation level, data can bo related dii'octly to surface areas, span, sweep, taper, etc. , and 
fuselage length, slenderness, etc. At Uic major component level oomparisous can bo 
made u> determine the overall vehicle tvelglit and cost sonsitivitlos at cacli of tlioso levels, 
aitd In this manner the proposed aircraft design may bo furtlicr and furtlicr ccfliiod 
to a higdi degree of detail. Thus, engineering functions can gabt insight bito tlie cost 
effectiveness of alternate aircraft systems, perform design trade studies, and perform 
studios to determine the impact of more detailed engineering altornativ'cs with respect 
to particular aspects of doslgti. 

The essential features of Ute vehicle design evalujition program can be categorized into 
four major areas: tlie vehicle synthesis, external loads evaluations, sti'uctural syn- 
thesis, and parts dofinition/cost syntliesls. The principal functions performed in each 
of those categories are doscriliod in tlie following paragraphs. 

The vehicle s.vnthesis performs the initial sizing of tiie vehicle using Iforativi^ processes 
to assure compatibility of tveigiits and dimensions witli iierformancc and mission re- 
quiroments. The equations utilized in tlds process are detailed in Sections 2.0 throu^ 
6.0, iuid each of tlioso sections biooriio rates a detailed teclailcal discussion. The vehicle 
synthesis provides data necessary for the otlier categories bi the form of group level 
weights, rohicle goometry, engine daUi, detailed arrangement (locatkii) of components, 
mass distributions, and moments of inertia. 

'Hio loads analyses provide shear, moment, and torsion loads at a number of points in 
each of Mic major structur;il comiionenta. So(iarate consideration is given to air loads, 
inertia loads, aeroolastic effects in uing and toll surfaces, external concentrated loads, 
etc. I'lio loads arc computeii for several conditions of flight and aircraft loading con- 
figurations in order to obuin the most critical conditions for design. Those refined 
loads data are then provided to Uie structural syntliosls for detailed comi»nont luialysls. 

Tho loads tmalysls procodurt'S are described In Section 7.0. 

The structural s>’nthesls process provides detailed geometry, loads, and woiglit data for 
Uio prhiciiittl structurjd olemonts. The sjiitliosls utilizes a multistation analysis approach 
that assumes a reasonable structural continuity and a well defined elastic axis. Tlio 
structural synthesis jilsc h:is a capability to assess tho impact of fatigue and fracture 
criteria In terms of fatigue life, crack gx’owth life and residual strengtii. Tlie fatigue 
life and crack growth llfo analysis utilizes a flight profile to assess damage for various 
loading conditions. Tho residual strength is then determined for flawed structures. 

The structural synthesis provides the driving parameters for the port definition routines. 

A dotailcfl technical discussion of tho structural synthesis is pixisentodki Section g.o. 
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The parts deflnitton/cost analysis portion of the program provides: manufecturing costs 
based on a consideration of the actual detail parts to be produced and the actual manu** 
Picturing and assembly processes required to produce them; material costs based on the 
type and quantity of material actually purchased; engineering costs based on a statistical 
treatment of historical data; tooling costs based on the number of parts to be produced; 
total vehicle program costs based on a cost estimating relationship (CBR) approach; 
and a retum-on-lnvestmeat analysis, A capability has also been added to develop manu- 
facturing costs from Cost Estimating Relationships (CERs) In lieu of the detail parts 
approach. Except for the total vehicle program cost and the retum-on-lnvestment 
analysis, Input to the cost portion of the program is primarily self generated, comprised 
of either values that have been derived by the preceding synthesis routines or values 
that are generated Internally as needed. A capability has been designed into the program 
to allow direct Input of any parameters for which values are known or for which a con- 
stant value is desired. Input to the total vehicle program cost routine is comprized of a 
series of CER's that are typical of that particular type of analysis. A detailed dis- 
cussion of the cost computations is presented in Sections 9. 0 and 10.0. 
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SK('TK)N 2 

C5E0M ET UY A NALYSIS 

The goomotry analyslii computes aircraft dimonslons, areavS, volumes, and miscellaneous 
dimensional data needed to construct a conaguration throe view drawing, iwrform pre- 
liminary aerodynamic analyses, estimate design loads, and make preliminary calcxila- 
tions of vehicle structure and component weights. The goomotry analysis has been 
divided into ten major categories which Include wing, tails, fuselage, landing gear, 
engines, nacelles, pylons, general, loads, and crjogenlc tankage. 

Because of the close Interaction between geometry and design weifdits a loop has been In- 
cluded wlilch derives and Iterates design weights as required to mainbiln consistency of 
the data. 

2.1 DESIGN WEIGHTS. The design uolghts utilized wltMn this program develop- 

ment arc design landing wei^t, design mission tvelght, and design nuudmum weight. 
Significant vehicle dimensions are derived as a function of imposed load conditions and 
the various vehicle design weights. The design ^^vights arc the whlcle total weights 
defined by spoclflcaUon tmd operating roqulremonts tluit are subsequently used In per- 
fbrmsmee, weight prediction, tmd loads antUysls. Design weights are usvuilly required 
for combat (design mission), laiidlng, :uid maximum load. The design weights are do- 
rh-od by modlf)i-lng the nUsslon Uikooff weight and (qjpljing siifety margin factors as 
required by specifications. Iho sizing process is inttltited by inputting initial takeoff 
weight estimate and computing the dosipt wi'lghts. As the sizing iteration progresses 
the takeoff nx^lg^t <md doslpt nvlgdits iti*e updzitod until the now estimate <md tlie calculated 
value Is >vlthin a prcHletormlnod tolonmco. The design wvitdtts are computed by the 
following equations: 
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Basic Flight Design Gross Weight 

= W_- W +W . - k (W.) + 
d to pm pd 1 ' r fd 


where: 



B mission takeoff weight 

W 

pm 

= mission payload wel^t 

'"pd 

» design payload wel{^t 


= percent reduction of mission ftiel for flight 


= nalsslon fuel welfi^t 

"h 

= specified (fixed) quantity of design fuel 

Maximum FUaht Design Gross Welidit 

W =k„(W 
m 2 to 

-W +W -W.+W, ) 

pm pmx t fmx 

where; 



« mission takeoff wei^t 

W 

pm 

mission payload wei^t 

W 

pmx 

= maximum payload weight 

"'f 

== mission foel wei^t 

™fmx 

^ nuudmum capacity fuel weight 

'‘2 

= max. weight over-design factor 

Landina Deslan Gross Welidit 

W, =k„(W - 
L 3' to 

W +W,-k.(W)+W) 
pm pi 4 f fl 

whore; 


W 

to 

« mission takeoff welg^ 

W 

pm 

> mission payload wel^t 
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landing design payload ^^'slght 
- mission (Uol weight 
c- siioclflod (fixed) quantity of landing hiel 
e landing weight ov'or-deslgn factor 

= percent reduction of mission htol fur design landing weight 

The Design Gross Weight Calculation equations are located in O^-erlay 1, 1 Program 
GEOM. 

2.2 WING GEOMETKY. The wing geometry calculations have as tholr basis 

a goneralLsed wing configuration description expressed In terms of dimensionless ratios 
and sizlt^g parameters. The sizing parnmetors are either wing loading (W/S) or wing 
area (S^y). The dimensionless ratios include the aspect ratio (AH), the taper ratio 
(X), the Udcknoss-to-chord ratio (t 'O, and the sp«ir location as percent Mking chord. 

2.2.1 Wing Dimensional DaUt. 

Wing Area 

If Uie wing area is fixed (ininit), it is computed frc>m takeoff wight and \vlngloadlng: 


" (W/S) 

to 


where: 


«w 

= theoretical or reference uing area 

"to 

- ndssion takeoff wight 

<w/a 

to 

« input value of takeoff tving loading. 


Wing Span 

Wing siian is calculated using wing area and aspect ratio: 




where: 

b 


aci\Hi>-namlc span of the wing 


- v.ing reforonco area 

- wing iispoct ratio 

When aspect ratio has nvit U't'ni Input, however, an is provided to compute 

aspect ratio in the event tht' lea«Ung c^ige and (rar.i.-.,- . S;o swoop angles are provldod 
as Input. This equation Is pnn-ldtHl t«' ensun,' oiusisumcy between leading edgo/trail- 
Ing edge sweep angle and as^xvt ratio. An oqxiaiiv^".: Is also provided to comiaito the 
wing quarter chord sweep anfde when the loading <xige sweep angle Is Input. These 
equations are described as follows :md are located In Overlay 1,4 Program 1N(UX>M: 


«w 

AR 


Aspect Ratio 


All « /izA\ 

/ - V 


VtANAi^,-T.\NAi^' 

where: 


AK 

wing as|iect ratio 

X 

« wing taper ratio 

TANA,, 

- tiuigcnt of the wing leading edge sweep an^o 

TANA„ 

» tangent of the wing trailing edge swreep angle 


Mean Aerodynamic riwnl (MAC) l.ength 




1 - 


X 

~1~XV 


^w 

wing mean aeroditiamic cliord 

«w 

- reference wing area 

AR 

wing aspect ratio 

X 

^ wing ta|ier ratio 
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Span wise Locattoc of MAC 


b fi+ni 
“ 6 I 1+X 1 

V ** 

C a spanwlse locatloti of the MAC 

b a wing span 

X a wing taper ratio 


Wing Cliord at Hoot (C enterline, reference wing) 



AR 


wing chord at the root 
wing taper ratio 
theoretical wing area 
wing aspect ratio 


Wing Thickness at the Root ( Centerline, reference wing) 


tj. = (t/c)j. Cj. 

tr 

(t/c), 

Cr 

Wing Chord at the Tip 
Ct=C,X 

^t 

Cr 

X 


a wing thickness at 
a wing thickness to 
a wing chord at the 


a wing chord at the 
a wing chord at the 
a wing taper ratio 


the root 

chord ratio at the root 
root 


top 

root 
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wing Thickness at the Tip 


\ = (t/c)t Ct 
(t/c)j 

Ct 


= wing thicbiess at the tip 
= wing thickness to chord ratio at the tip 
= wing chord at the tip 


Wing Expanded Root Chord 
^rx “ ^cr ^r 

= wing expanded root chord 

kcr ° coefficient for percent root chord expansion 

Cj, =s wing chord at the root 

Wing Chord at Plantorm Break 


C 


b 




= wing chord at the {danform break 
= wing chord at the root 
= spanwlse location of the wing break 
= wing span 
= wing taper ratio 


WLig Thickness at the Break 

tb - (t/c)b Cl, 


(t/c>b 

Cb 


» wing thickness at the break 
B thickness to chord ratio at the break 
s wing chord at the planform break 
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1 


ii. 







wing Thlokneae at MAC 


‘o -H. 

w 




(b/2-Yi,) 



°w 


(outboard of break ) 


(inboard of break' 



wing thlokness at tip 

■■ wbig thickness at MAC 
« wing thickness at root 
B Aving thickness at break 
“ spanwlso location of MAC from centerline 

“ spanwlso location of break from centerline 
B wing span 


Quarter Clwrd Sweep Anrie 


%.26 


TAN“^ 


^>.26 


TANAio 

AR 

X « 


Avlng swoop tmglo at the chord 

Umgent of tlie wk\g leading edge sweep ang^e 
wing aspoot ratio 
wing taper mtio 


Wing Savoop at the S0% ClK>rd 


60 " 


TAN 


-1 


Cy a-x) 


^ 0.60 




«* wing swoop angle at the 50% chord 


TANAo^ 25 * s>voop angle at the 25% 01101 x 1 


X 

b 


B wing chord at the loot 
B wing taper ratio 
B wing spim 
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Gross Wing Area (Including e^qpanded root area) 


Sg = +Vb (^rx“ 


where: 



B basic reference wing area 

yb 

B spanwise distance centerline to break 

^rx 

= expanded root chord 

^b 

B chord at break 


Chord at any Spanwise Location 


C 

n 




c 


n 




Inboard of break 


a-X) 


, outboard of break, or 


(1-X) 




whore: 

Cij s chord at any span station rj 

s dimension fh>m center line to span station rj 
y^ s dimension from center line to break 

B root chord, reference wing 
B expanded root chord 
X B reference wing taper ratio 

b B span 


Thickness of aav Spanwise Location 


(bTSTl’b 


V ' break, or 



•‘rx-V 


Inboard of break 
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wlier©: 




Vh 

tnc 

‘t 

b 


- thickness at any span station rj 
a dimonsion from centerline to span station rj 
~ dimension from centerline to break 
a expanded root thickness 
thickness at break 
c thickness at tip 
= wing span 


Cross-section Area of Structural Box at any Spanwlse Station 


0.864 (C^)(y(k,.g-kfe) 
where: 



wing chord at any span location rj 
= wiitg thickness at any span location rj 
= roar spar location, decimal chord 
- front spar location, decimal chord 


Volume of Structural Box Dota’Ooi\ Two Spanwlse Stations (per side) 
where: 


y 2 = distance center lino to outboard station 

yj^ <= distance center lino to inboard station 

~ box cross sectkii at station (1) 

A 2 » box ci'oss section at station (2) 

^m ° cross section at station midway between 

Cross Section Area of Airfoil at any Spanwlse Station 

A tj (C )(t ) 
cw \ rf' 

where: 


C^ = wing chord at any 8i«n station rj 

t “ wing thickness at any span station t) 

T)^ unit wlumo coo I'flc lent (See Figure 2-1) 
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Volume of Total Extxjsetl Wli\g (outside body width 


^ [iyb-yi)(Ab '-‘Ami -^Aj) +(yt->l,)tAl) ^4A^2 +At)] 


whore: 

yi 

yh 

yt 

Al 

Ab 


dimension contorline to side of body 

- dimension centerline to wing break 
= dimension centerline to wing tip 

» wing cross section area at span station side of body 

- wing cross section area at break 

wing cross section area midway between break and side of 
U>dy 

- wlitg cross section area at tip 

- wing cross section aron midway behvoon break and tip 


2.3 TAIL GEOMKTKY . Tall geometry ciUcubillons are made in a numner 

similar to tlwse of tlie wing. I’ho major exception is the derivation of the tall areas 
based on toil volume coofTicionts :md the previously computed tail tirms. 



whoio: 

Cjj •' horizimUil tail wlume coefflclont 

tvj, - rofoionco \\ing area 


*^w - wing MAC 

- distsmee fi\>m the quarter chord of the wing MAC to that 
of tl\e liorizonUvl toil MAC 


Vertical Tall Aioa (ojqipstHl are:i. No fusolatto burled area. 1 



whore: 


Cy = voi'tlcal tall wlumo coefficient 

- roforonoe wing area 


b “ rofei'cnco wli\g sptu\ 

L - dlstajico from the quarter chord of the wing MAC to that of 

0)0 vertical tail MAC. 


2-11 





2,4 FliSKL/>.<..K CUX^MKTUY . A number of options at'o provided for fusolago 
typos, i'uch having iuhhI for dlfforoivl tyi«s of dlmonsion.il duUi. Olfforonl equations 
nrt' proxidod for each. In some cjusos Input values may bo used In lieu of calculations. 


2.1.1 Commor' al rrtmstK)rt Bodies (non-cryogonlc ftiolV 
Boily Volume 

(Vc *V^,fVp) 

where: 


Vo 

:* ctH'hpit volume 

"e 

- equipment volume 

'^P 

» ivissongor volume 

Body laHigth 
I « 

n 0.8(Aj,j,) 

xvltoro: 

Vb 

iHxly \^)lumo 

^C8 

- consUmt section cross section area 

Body l^himoter 


' A„o 
/ cs 

f. 785-1 

xvhore: 


~ botly depth 


- l«dy width 

Acs 

^ consUint section cross section ni'oa 


IUhIx NSottod Are>i 
who 1 * 0 : 




btxiy depth 
Iwdy width 
(tody longtl: 
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2.4.2 Military Transport Body (non-cryogeolc ftteU The equations are the same 
as commercial transport bodies except as shown. 

Cargo Volume 


=Wp/3.4 

where: 

Wq = cargo weight 

Body Volume 

Vb=1.32 (Vc+Vg+Vc) 
where; 


Vq = codqdt volume 

Wq - equipment volume 

Vc = cargo voltime 

Body Length 


L, - 

^ .714(A^,) 
where; 

V|j -- body volume 


Body Wotted Area 


S,j = 0. 842 






where: 

h|j - body depth 

bjj - body width 

-body length 

2.4.3 Combat Aircraft Bodies. Military fighter type aircraft bodies seldom have 
very simple lines for easy approximation of dimensions. However*, it has been sbownhy 
W. E. Caddell (R^foi^ncel) that ve^ good statistical correlations existbetween body volumes, 
wetted areas, maximum cross section areas, and the weiii^ts of body and oontec ». (Table 
2>1 , Fig. 2-2 ) Therefore, for this type aircraft the dimensions are derived 

from volumes which are derived from densities and weifdits of fuselage and contents. 
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Table 2-1 Density Compariscn 
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Alrcrufi tiross Volume Uo<iuircd 


V,. 



-W,-W 

f 5« 







Pf 





172. 8j 




whoro: 

Vjj • gross volume Including Inlet capture air 

W|^ • full Internal aircraft welgdit 

Wf - 'veight of Internal fuel 

Wg - \voiglit of aircraft total structure 

density of typical filter aircraft 
Of - density of fliol 

1^1 • factor to account for inlet air volume 


Hotly X'oluino Requlx*od 




wliero: 

Vjj - gross v\)lume of body 

Vg = gross volume of total aircraft 

'^wx - wlumo of exposed tying ( per. 2.2.1 ) 

\|ix - tiolume of exposed horizontal tail 

Vvx = volume of exposed vertical tail 


Body Length (If input, Umn input overrides) 

nl/S 


tvhoro: 


.2 




a body length 

Vg K total aircraft gross volume 

kfj - calibrtition constant 

Vf - total aircraft fineness ratio btiaed on total length and 

equivalent diameter of ntax cross section. 
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Body Eqiilvzilent Diameter 

f* tO.5 


Dbc= 

whore: 


0.7(Lb)(jr/4) 


Vb = body gross volume 

Lb « body length 


Body Width 

. 2<Pbo > 

(1+V 

whore: 

l>b “ body width 

Db 0 sbody equivalent diameter 

- ratio of depth/width 


Body Depth 
**b 

whore: 

ku •- ratio of dopth/\ildth 

bb - body width 

lk)dy Wotted Area 

Table *2-2 demonsti'atestlio feasibility of estimating total aircraft wetted areas by ciil- 
culiuiug the oxposod amis of airfoil surfaces :md empirically estimating body areas 
from vi^lumcs and lengths only. The equation following is a later development of the 
same idea for the body, removing a portion of the area covered by Viing intersections. 
Tlic consUml 3.309 is Uuit for :m idealized Haack body of revolution and a calibration 
coefficient is provided. 


‘%w (3.309), (Vb)-2(Cb)(t„) 

where: 

-body length 

\ b - body gross volume 

i b chord at side of body 

tb - wing thickness at side of body 

- calibration coefficient for non-ideallzed shape 
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2 . 5 lANDING CiKAR C!tX')MKTUY, The dInu'n^ion^ required for compuUitiun of 
lamUn); nt\ir gi'omotry ;u*c tlw leJigih and stroke. ;oid wheel and tiro sizes. I’nlcss 
jliveii. ihi se dimensions are dei'iviHl from aireraif; ixjnfijruration requirements :md huid 
lag gear kntds. Th«.Tofore, caleulaik>ns of ai){)ro\imate Umding gear loads are included 
in Uio giHjntotry colcidations. 

Tlie condiUims that esUiblish the oloo lengtit Include the location of the mounting point, 
aircKifl gro\jnd clearance, and the Icngtii n'quirements to accommodate the olco stroke. 
The stroke is established oy the liuiding energy absorption requirements and a landing 
load factor. The landing load feictor .and bmding weight are used to compute the loads, 
ami Ute laixting stall stxJcil or an approxim.ation is used to establish the kinetic enorg}- 
to Ik' di.ssipmed through braking. 


M;vin 1 ;uullng Clear 


1 ength 


k 1- 
m 0 


.•<1 i\)ko 


1865 


^m ^ • 

(N^-P 

\ ertical lo;id 

vm ~ 


) i%-‘i 

l s t .ig load 

^dm ~ 

.481 

< ^ vm' 





.''"t.ill speed 

' so " 

2'.) 

<\V/8> [ 

1.68'^ \ 

Hnike onerg} 


W. / \ “ \ 

to / so \ 

2g Vn,,' / 

' m 

Wlieol 



. . , \ '" i. 


3. 86 


diameter P. 


m 


w 


5001 


\Vhtvl£l;mge 

width " fm " • *\vm 


m 


rirt 

ilia motor O, 


p 

w»n 

" TX 


-‘■'fm' 


rin« width \\\^ - 
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where: 


Lb 

\a 


'SO 


Wl 

Wto 

Nl 

w/s 

AR 

g 


wm 


wm 


W. 


fm 


D 


tm 


Nose Landing Gear 
length 
Stroke 

V ertical load 
Drag load 


Wheel 

diameter 

Wheel flange 
width 

Tire 

diameter 
Tire width 


= body length 
= input coefficient 

s landing design sink rate (defitults to 10.0) 
= landing stall speed 
= landing design wei^t 
= takeoff (max. ) gross weight 
= landing design vertical load factor 
= design wing loading 
= wing aspect ratio 

- gravitation acceleration constant =32.2 
= number of main gear wheels 
= diameter of main wheel 
= flange width of main vdieel 
= diameter of main tires 


F.,, =.-4 (Fvm) 
t'dn =.481 (F„) 


0^=1.224 




(NlHWl) 


(500) 


^ 8 . 


=-863 (D^) 
Dtn = 


Wfn “W. 


fa 
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whoro: 

= main liuuling goal* length 
= landing itcsign weight 
N|^ B landing design vortical load factor 
number of nose gear wheels 
a diameter of nose wheel 
Wjjj = flange width of nose wheel 
a diameter of nose gear tire 


2.6 POWER PI .ANT, NACELLE. AND PYLON GEOMETRY 

2.6.1 Propulsion Units . The propulsion geometry depends on li\put values or in- 
put dimensions of a roforonco power plant. Scaling of that reference data Is then as 
follows . 



whore: 


k ■ engitie scaling coefficient 
eng 

A - engine scaling curve Intercept 
B engine scaling curve slope 
C -• engine scaling curve exponent 
‘ unglno diameter 
D^j. - roforonco engine dlamotor 
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- ouRino Uu‘uj»i 

ix'foronco unglno thrust 
Lq « uuitiiio longU) 

■> ruti'mico uuKiito lenicth 

IniHil CKH^fdoients us«1 to dotormino engine locations at ”D" dlametors outboard of 
U»o side of tho botlj'. OU»o»* location data aiv ctdculatud in subrouttno tX)NTVIAS whore 
conwnt rated load innsses aix' nccumulutiod. 

a.fi.L* Nacelles . Nacelle gununctry l.s calculated as a IbncUon of engine dlmen.stons 
and iniHit coefficients. 


1.,, 1.2 (^) 


• ’nq “ ^ 1 

(.«» Ingle «»nglno nacelles) 

I'ng- 

^Siamese engine nacelles) 


(if Is inimt) 

^nm“‘ • O'nql" 




‘ ^'nq 


^'n * 

(single nacelles) 

- 2(%w:t. 

(Siamese nacelles) 


whore: 



* nacello length 


ongliu' length 

'\>q 

naoello equlvuUmt diameter 

»>e 

^ engine diamotor 


nacelle fineness ratio (if invmt) 

'Stm 

nacello max. cross sectioa 


nactdlo ut»tl«l area 

Nt 

nacelle height 

"n 

- nacelle wklth 
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2.6.3 Pylons . Kxtemal tank 
Lp = Dj (S:4.0) 

Cpvr = ^rs 

Cpt = .3 (Lj) 

where: 

I.p = pylon length (span) 

Dj. = tank diameter 

-■ pylon chord length at wing 

pw 

Cpj. = pylon chord length at tank 

kj.g = wing roar spar location, demimal chord 

= wing chord at tank location 
L(; - external tank length 

2.6.4 Pylons . Wing mounted engines 



whore: 

Lp pylon length (span) 

Dq = engine diameter 
^pw “ pylon chord at wing 
CpQ = pylon chord at engine 
^we ~ chord at engine location 
engine length 

tp - pylon thickness ratio 
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GENERAL C3EOMETRY, 




Area of Exwsod Wing 


Wing Wettod Area 




“ Nvx ' 


where: 

- planl*>rn» exposed area of the wing 

- exposed total wotted area of wing 

Cg = wing ctord at side of body 

Cjj - wing chord at pliinform breaK 

Cj wing clK»rd at tip 
bj span per side of Inboai'd section wing 

\ span ix>r side of outboard section wing 

tpm - thickness ratio at MAC 
TotiU wotted aroii is the sum of Uie various compononts. 


2.H SIMPLIHED LOADS. Those equations are supplied to provide order of m 
nitude values used in the "sUirt-up" mode. 

Force Coefficient tilotos 

1. 6 (Al ) 
v 

1,5 (Ay +2 




whore: 


C„ - rate of clumgo of normal force coefficient (Z direction) with 
^ tmgle of attack (lift curve slope). 



- ruto of chimge of normal force coofticient 
imgle of yaw. 


(Y lUroctiun) with 


2 - 2-1 



AR - vcilical tiiil Of peel ratio 

V 

AR = \vlnK aspect ratio 

w 

S| - horizootai tail aix>a (includes projected area In ftisolage) 

S = rofeivnce wing area 

w 

fiust Load Factor (if greater tlian maneuver) 

N, = 1.5(l(A'*g) 

“g 

p/2Vgl'C,^K„ 

where: 

N_ - ultim:ito gust load factor 

H 

A^g - limit value of gust increment 

p - air density in mass units 

Vg - velocity for m:iximum dynamic pressure 

U - <)osign gust velocity 

C_ - lift curve slope 

"a 

„ _ .88 (u) 

(5.3 +u) 

W/s 

" (p/2)(g)(C)(Cj^) 

W/s = wing loading 

g - gravitatiouiU acceleration constant 

c ~ average ctnml of wing 
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Design Tall Lotids 
Vortical 


Fy « C'n (U)(Vp)(Sv)/841 

8 

Fv^- .22 (C„^)(V„)2(S,)/M1 

Fv » 1. 6 (Creator of Fv or F., ) 

'^U '^K 'm 


Horizontal 



C„ (U) (Vg) (Sh)/841 

X 

.147 (C ) (V„^)2 (S„)/841 
1.5 (Greater of F^^ or Fj^ 




where: 


u 

% 


- vorticiU tail design gust load, limit 

^ vortical tail design mm\ouvor load, limit 

- v^ntlcal tail design ultimate lotid 

- lK>rizontal UiU design gust load, limit 

- horizontal tail desigit mimouver load, limit 
~ lioriy.onUil tail design ultimate load 

- rale of chtmge of noi*m:il force coefficient (Y direction) 
wiUi angle of yaw. 

s- horizonbil tall lift curve slope 


Vg a. wlocity for maximum dynamic pressure 
Vm mtudmum mtmouvor velocity 

Sy \%>rtioal tall area 

8}^ - horizontal tail area 

F - design gust velocity 
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2.9 CRYOGENIC STRUCTURES AND TANKAGE. When ciyogenlc fuel vehicles are 
L .Ing analjTsecl It is ijresumed that the low density of the fuel will result m voluim; 
requirements such tliat fuel required will be the actual size determinant. The sizing 
sequence begins by calculating the fuselage diameter as a function of the internal 
passenger arrangement (see Figure 2-3 ). 

2.9.1 Fuselage Length Calculations. Figure 2-4 is an illustration of the cryo- 
genic fuselage model on which the analysis Is based. Also shown are tlie sequential 
steps for calculating the ma)or dimensions. The dimensions thru are simply 

a function of diameter and liput fineness ratios as shown on Figure 2-4 . The other 
dimensions, however, arc a function of fuel volume required and the steps are as 
follows. 

1 . The desli'ed distribution of the required cryogenic fuel is liqnit as percentages 
of the total to: 

a. Wing external 

b. Wing into rani 

c. Under floor fuselage 

d. Forward fuselage 
c. Aft fuselage 

2. The prograrr. logic then sizes the tanks accordingly in the sequence shown, but 
with certain limitations as follows. The Intei'nal wing tanks are sized to hold 
tlu’ requested amount. If tlie wing volume is too small, the residual requirement 
us added to the forward and aft fuselage tanks. Likewise, if the under floor fuel 
tanks are to small to contain the requirement, the residual is added to the forward 
and aft fuselage tanks in equid Increments. The sizing of the forward and aft 
fuselage tanks is tlion accomplished. 

3. The dimensions L 4 , Lg and Lg of figure 2-4 are then calculated as that 
sufficient for the volume plus a constant end clearance. In the case of dimension 
Lg, if the tank volume so dictates, the u. tension L 3 is Increased as required 

to maintain side clearance as well. 

2. 9.2 Cryogenic Fuel Tank Sizing. Two types of cryogenic tanks are provided for: 
i'he first Is a frustrum of a cone (or cylinder) capped on each end by an elliptical hem- 
ispheroidal dome. This type is typified by the forward and aft body tanks in flgura 2-4 
A semi-monocoque structure is assumed. This type construction is also used in the 

e.xtomal wing tanks except that an aerodynamic fairing completely envelopes the fuel 
tank. 

The second type (figux'o 2-5 ) is a three lobe conventional membrane tank as described 
in reference 2. This typo construction is assumed for the internal wing tanks and the 
fuselage underfioer tanks. 
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i 


Df = 


where 


N, 


pr 


N, 


N. 


W (N ) W (N ) W , (N ) 
12 + s ' pr 4 a' a + d ' s 


12 


s number of passengers per row 
= number of aisles provided 
a number of spacers » N^- 1 
If Npj. s 6, Njj = 1 
IfNpj.-7tolO, N^=2 


If NprS 11. Nj 


Wd=8 

W ^=22 
Wa = 19 


Figure 2-3 Fuselage Width Calculations 
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Figure 2-4 Cryogenic Fuselage Model 


Tabic 2-3 Is a directory of uliich subroutines are used in sizing and wcig^hlng of 
each tank and a paragraph reference telling where the procedures are described. 
Due to this integrated nature of some of the procedures (wel^ts and geometry 
together) all the weight equations are described as well. 


2.9 Subroutine TDOME. HiIs routine calculates the skin thickness of an 
cilipitcal hemispheroidal dome. The thickness is calculated from the basic stress 
relationship: 



where: 


a = radius of dome 
b = height of dome 
a = design ultimate stress 
P = Internal pressure 

A minimum gage is assumed to correspond to typical manufacturing gages. A 20% 
safety factor is also assumed. 

2.9.4 Subroutine TFRUS. This routine calculates the equivalent skin/stringer 
thickness for a frustrum or cylinder. Additionally, a descrh>tion of the required 
fraiuus and their spacing is generated. The skin thickness is initially calculated 
from the equation: 



where: 

R = largest radius of frustrum 
p = internal pressure 
a <= design ultimate stress 
a = angle of inclination of frustrum sides 



A minimum gage is assumed to correspond to typical manufacturing gages. An 
integral stiffened stringer is assumed with a web thickness equal to twice the skin 
thickness and a wob height equal to thirty times the skin thlclmess. The stringer 
spacing is equal to the web hol^t divided by 0. 6557. The equivalent skin/ stringer 
thickness (TBAR) is defined as: 
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t t + 
s 


B t 
w w 

B 


Utilb ing these aasumptlons the material atreaa la calculated aaaumlog a combined 
loading condition and employing the Hcaoky-Von Mlsea theory: 


o 

net 


+ (ojj) (Oj^) + 


where: 

® T ^ ^ — 7Z~ ~ hoop stress 

h t - Ag/Bg 

(7 =o, +C+0 = axial stress 

a L p m 

and v^ere. 

=[(k)(Wj)(N^)/2iT(r)(t)] 

Op =C(p)(R)/2(t) ] 

=‘C(Wf) (I.)/ (8) (i») (r^) (t)3 

m 

^ weight oC fuel In tank 
N flight design load factor 

ft 

p » prDSfturo 

R largest radius 

r == smallest radius 

t “ equivalent akln/strlngcr thickness 

A = area of stringer 

b - stringer spacing 
0 

L ~ length of cyllndor/fiustrum 
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The stress In the material is compai'ed to the ultimate stress allowed In the material. 
If the two values ure not within 5'.V ot' one another, the skin gage is reviseci to bring 
these values within the 5% acceptable limit. If minimum skin gagv has tx'en achieved, 
but this .*>% acceptable limit ha.s not, the minimum skin gage takes prefc'vnce :md 
the material stress will be less than the ultimate stress by more than 5*^ value. 

The frame spacing for this skln/strlngci combination Is calculated assuming that both 
the skin and the stringers will buckle at the same time under stress - thus Uiis is 
theoretically the may'mum frame spacing. 


^ y \®cr/ / 


whore: 

bf = ma.ximum frame spacing 

E - modulus of elasticity 

= buckling stress 

lo = skin + stringer area moment of inertia 

Ao = skin stringer cross sectional area 


The theoretical frame dimensions are calculated in the following manners: 


b 

e 




where: 


t'c ® frame cap width 

» frame stiffness coefficient 
\Vj - weight of fuel 

L - length of cylinder or frustium 

dj *= frame diameter 

'= frame spacing 

E ~ modulus of elastlclt>’ - tension 
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and 


w 


= b /30.0 = thickness of c*^ 
c 

= (b /60.0)1. 30 = thickness web 
c 

= 2. 5 (b ) = frame hel^t 
c 


12 


area moment of Inertia of the frame 


The number of frame splices is calculated as shown: 


N = 2trr/240 
s 

r = radius of frame 
The length of each splice Is calculated as: 


= 4 (Dj) (Nf) 

wdiere: 

- diameter of fastener 
Nj = 10 = (number of fasteners) 
Then the volume of the splices la: 


V = N (L J (2 + b„ 

S S 8 C 


+ t ) 
o’ 


Additionally, this routine prints out a summaiy of the akln/strlnger geometry and 
stress data, general frame and sjAloe data and Individual frame and splice data. 
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2.9.5 


Subroutine FUSV. This routine calculates the volume of a frustnim of a cone. 


hi" 1 

V, ~ . A, 1- 4A •* A- i - volume 

f 6 L 1 n 2 j 

where: 

A^ - area at one end 

Ag = area at other end 

A = area midway between ends 
n 

h = length (distance between ends) 

2. 9. 6 Subroutine DOMEV . This ix>utlnc calculates the volume of an elliptical 
hcmlsphei'oid. 

= 2/8 in) (?) (h) 

where: 

V = volume of an elliptical hemlspherold 
d 

r = radius of an elllt^lcal hemlspherold 

h = height of on elliptical hemlspherold 

2. 9.7 Subroutine DOMES. This routine calculates the surface area of an elliptical 
hemisphoroid. 


whore: 

S. - surface area of an elliptical hemlspherold 
d 

A - 

and: 

R - radius of an elllptlcai lemispherold 
H heigiit of an elliptical hemlspherold 




- n 


«2 

R + 


2(A) (Logo 


H ■ 

, (l+A/l-A))_ 
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SubragtUic FUSSi This routine oulculates the surface area of a fiustrum 

of a cono. 

Sj = ir (R^ + R2 )/h^ ^(Rj-Rg)^ 

where: 

= surface area of a frustrum of a cone 
Rj^ = large radius of a frustrum of a cone 
R = small radius of a frustrum of a cone 
II » height of a frustrum of a cone 

2.9.9 Subroutine NOFD. This routine calculates typical non-optimum factors 
associated with the maiiufaeturo of an elliptical hemispherical dome, nie non-optbnum 
factors calculated are: 

1. Non-optimum factor associated with machining tolerance on dome bulkheads: 
a manufacturing tolei'anco of .0381 cm (0.015 inches) is assumed. 

2. Non-optl:num factor associated with weld lands between gore sections of 
dome: a eonstait factor of 1.065 is assumed. 

3. Non-optimum factor associated with the pressure discontinuity load on dome 

4. Non-optimum factor associated with access cutouts in dome cutout: a 
circular cutmit with a radius of 45, 72 CM (18 inches) is assumed. Addi- 
tionally, Uio \voight increment penalty is assumed to be seven times the 
weight of the cutout. 

5. Non-optimum factor associated with attach ring on dome bulkhead: a 
constant factor of 1 . 255 Is assumed. This factor is composed of a 
non-optimum factor for the adapter ring (1.076), for the buUdup from the 
domo/cyllndcr Interface to the ring (1.035), for the o.xtenslonof stringers 
from cylinder to ring (1. 115) and for the taper roundout from ring to dome 
(1.03). 

7 9.10 Subroutine NOFF. This routine calculates typical non-optimum factors 
associated with the manufacture of a frustrum of a cono, or a cylinder. The non- 
optimum factors calculated are: 

f 

I Nbn-optlmum factor associated with manufacturing mismatch tolerance on 
barrel stringers: a mlsmnti^h tolomnoe of .0381 cm (.015 Inches) on each 
side of the stringer Is assumed. 
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2. Non-optimum factor assoclatod with machining tolerance on stringers In 
barrel section: a tolonuice is assumed (over stress gage) of .0381 cm 
(.015 Inches). 

3. Non-optimum factor associated with fillet radius of . 3i75 cm (0. 125 Inches) 

Is assumed. 

4. Non-optimum factor .associated with weld lands between skin panels of 
barrel section: a maximum panel width of 215.9 cm (85 Inches) Is assumed 

to determine number of circumferential wolds while the number of longitudinal 
welds Is assumed to be 3 for a cUx'umfereiKso of 18.36 meters (60 feet) 
or less and 4 for any greater olrcumfci'onco. 

5. Non-optimum factor assoclatod with step-gaging of barrel skins: a constant 
factor of 1.07 Is assumed (l.o. ptmel Is of constant thickness). 

6. Non-optimum factor associated with pi*es8ure discontinuity loads on barrel. 

7. Non-optimum factor associated with fnuno pads on barrel. 

2.9.11 Subixmtlne TLTT. This routliu' comixitos the skin thickness required for 
tluve lobe t:mks. 



whew: 

P " pressure 

a - tank lobe dhunotor 

a - allowable stress 




2.9,1? Subroutine TIiTG. This routine calculates the volume of a three-lobe 
conventional membrane tank. Tlte tatik volume Is c.nlculnted In the following manner: 



The volume enclosed by the storagt' void cm^elope Is 
Void volume = ~ a^ L (Nj + Ng) 

The volumetric efficiency Is 

Total tank volume 
^ Void volume 

Where ill! variables are as shown in figure 2-5 , 

2.9.12 Subroutine TLTW. This routine calculates the weight of a three-lobe 
conventional membrane tank. The tank weight Is cnlcidatod In the following manner. 





Figure 2-5 Thi*ee-lobo Conventional Membrane Tank 


when): 


u.> - tank matorlal density 

w 

t - tank skin gago 

Other symbols as shown on figure 2-5 

2.9.14 Weight and Volume Driver Routines . The routines named FBT, BBT, ABT, 
WIT, and ETT apply to, respectively, the forward body tank, under-floor tanks, aft 
body tank, wing internal tanks, and the wing external tanks. These routines act 

only as drivers, etUllng up the other subroutines which do the calculations. See the 
directory, table 2-3 , to find where the individual subroutines are discussed. 

2.9.15 Subroutine WSUM. This subroutine calculates the insulation weight for 
ciyogenlo tanks. It sums the surface areas of tanks piwlously calculated and 
multiplies by a thickness and density from input data. 

Wj = (St) (tj) (Pj) 
where : 

= total surface area of cryogenic tanks 
T^ - insulation thickness 
« insulation density 




The subi'outlno also sums the total tank weight to compute the mass fraction. 
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SECTION 3 


WEIGHT ANALYSIS 

This section describes the weight equations that are needed to produce a group woi^t 
statement, loadings for computing design weights iteratively, and sufficient data to 
provide mass distribution used in the loads programs. The equations are relatively 
simple types that one normally uses in scaling equations where minimal design data is 
available. The eqxiations are generally empirical but In some oases are based on ana- 
lytical techniques with empirically derived coefficients. The nomenclature and weight 
definitions generally follow those of MIL-STD-1374. 

3.1 WING WEIGHT . Three wing wei^t methods are provided, the selection being made by 
assigning a value (via input ) to one of the coefficients . The first method (Green method des- 
cribed in Section 3. 1.1) is based on the workofG. G. Green (see Note 1) and takes into account 
varying amounts of relieving loads and the attendant wing weight reductions . The second me- 
thod (alternate method described in Section 3 . 1 . 2) is a purely empirical procedure based on an 
extensive regression fit of more than 100 aircraft wings of widely divergent characteristics . 
Althou^ insensitive to certain design considerations, it has been shown to provide excellent 
scaling effects for variations in the Included parameters , especially when calibrated to a 
known starting point. The third method (described in Section 3. 1. 3) is a multi-station analysis 
with simplified expres sions for approximating external loads and allowable stresses . This 
method also considers concentrated and distributed relieving loads. 

3.1.1 The Green Method. This method calculates separately the wing box (with 
increments for expanded root thickness, etc. ), the leading and trailing edge weight, 
flap weight, and spoiler weight (if used). It uses an equivalent bending stress level 
based on an approximate bending moment at the side of the body, computed as follows: 

Approximate Root Bending Moment 



where: 

N_ - ultimate flight design load factor 
W^ = design takeoff gross weight 
Cp = spanwlse center of pressure = , 43 semi-span 
span station, side of body 
S Py = sum of relieving moments 
A - mid chord s^veep angle 

^(Iroen, G. G. , "Derivation of a Formula for Estimating Wing Weiid^t, " Consolidated 
Vulteo Aircraft Corporation Report ZW-018, March 1945, 



Bending Load Intensity Factor 


^ 0.85 (tb)(Cb) 
where: 


* approximate root bending moment 

t. = box thickness at side of body 
b 

c. B box chord at side of body 
b 

Equivalent Allowable Bending Stress Level and Coefficient 

(Figure 3-1 ) 

(Figure 3-2 ) 

where: 

P = as defined above 

c 

fg = equivalent allowable bending stress level 

C 2 = coefficient 

Basic Wing Equation 


63,000 (Pg) 
(P^ + 3000) 

2.215 

^'2 ■ _ ,.935 


W. 


Wi 


and 


(3 -Hr) (Cl) (Sw) (NgWd ) 
(3 +r) + C Njj(.34L2) 

ir 


.25 


W 


(3 + r) (C 2 ) (Njb) 


WdRL^ y- 
l/R+r“^ 


py\ 

cos2 A 


■1 


w. 


p3+ r) + (.34 l2) 

'» m 
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Pc /1 000 (kg/CM) 


0 1.78G 3.572 5.358 7.144 8.93 



^/lOOO (Ib/tn) 

Figure 3-1 Hoot Bene ing Stress Versus Chord Loading (Bending Cover) 

fe/1000 (kg/CM“) 



Figure 3-2 Stress Level Coefficient Versus Hoot Bending Strt'ss 
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feAOOO (kg/CM2) 






+ w 


w. 


r 2s /*d " ^ p icV 

(3.r, [c,(S^,),N^w/ » -E^) 


C N 

(3+r) + -J^(.34 LI 

D 


where: 

W = basic leading edge wei^t 
e 

W - basic structural box weight 
'^b 

= basic wing wei^t excluding special penalties 
wing area 

- ultinmte fli^t design load factor 
Wj t flight design gross weight 
L -- wing semispan/cosinc sweep angle (mid-chord) 

^ - mid-chord sweep angle 

1’ relieving load 

V spanwise distance to relieving load from centerline 

k • lliickness etK'ffu-icni (Figure 3-3 ) 

r * ratio of tip thickness to thickness at side of body 

R = ratio of center of pressure location to semispan (Figure 8-4 ) 

t^ = box thickness at side of body 

Cj - input coefficient 

C = Input coefficient 


The basic box structure (w^|^) is that calculated by the right side portion of the above 
equation. In order to compute an increment for expanded root thickncss» an equation 
is provided to approximate the spanwise distribution of the wing box weight: 



3-4 



where: 

= box wei^t inboard of the thickness break 
= total wing box weight 

17 . = decimal semispan of location of break 



where: 


w^^ = box weight inboard of side of body 

f) = decimal semispan of location side of body 

8 

Expanded Thickness Increment 




' sx • 


ns 



(Figure 3-6 ) 


where: 


t = thickness side of body for basic trapezoid wing 

8 

t^ = thickness side of body after thickness expansion 
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Figure 3-3 Term Accounting for Wing Relieving Loads 
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Basic Wing Weight (Including corrections for special penalties) 


w, 


w. 


(k ,) + (k .) 

' nl' ' ttH' 


bw bl '"pi' ' pij' 


where: 


w. 


bw 


w, 


bl 



= basic wing woight with special pemtlties 
basic wing weight without special penalties 

- input coefficient for special penalties (savings) 

- input constant penalty for special features 


Secondary Structure Weight 


"s2 = '“'wb 


Flap Weight (Figure 8-»6 ) 


w. 


Wt Sj Cj 

.57 

,.2U9 

[^1 





• o • 3 

.5 


whore: 

^f 


8 

w 



6 


" flap configuration factor 

design takeoff weight 
flap area 

- fhip chord 

- wing area 

- wing thickness ratio at center of flap 
ratio fowler motion to flap chord 

= flap deflection u\ degrees 


The last major element of Uie above eqvmtion was added to provide some W’cight sensi- 
tivity for fowler motion and deflection. The term is based on studies indicating that, 
Uiscd on a flap with 50 ))croont fowler motion and 37 degi*ce deflection, ap))roximaU>ly 
30 )>ercent of the weight varies with fowler motion and 20 |>erct'nt varies witlj deflection. 
In addititm, difft'renoes in flap configuration are accounted for l>y selections of the 
coefficient k^. 
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(\Veight - lbs) 



Flap Weight Parameter a 
Figure 3-6 Wing Trailing Edge Flap Weight 
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Weight 




lA‘;<ditiK FMge High Lift PcviCL Weight (I'igure 3-7 ) 


"led Ned 


N w„ 
z T 


1000 S 


w 


.324 


'"led' 


1.081 


where; 


w_ 


w 


led 


K 


led 


= ultimate maneuver load factor 
- design take-off weight 
= wing area 

= area of leading edge high lift device 
= input coefficient (see Figure 3-7 ) 


Spoiler Weight (Figure 8-8 ) 


w = k 

«P »P 


where 

w 


L 

.569 


T ^sp 

fc 

sp 

1 

1000 s 

w 

L spj 


,228 


T 
L 

BP 

S 

w 

C 

sp 

(t/c) 

»P 

k 

sp 

Wing Fold Weight 


= design takeoff wei^t 
= spanvvise length of spoiler 
wing area 

spoiler chord length 

wing thickness ratio at center of spoiler 
input coefficient (Figure 3-8 ) 


fold 


fold 


fold 


W. 


fold 


b 

- C 

t 

= t 


[- 


- '‘fold " - ^'] 


fold r 


-v] 


= 10 (lo’^) 


N W.b(l -k, , J 
z d fold' 


1.5 


fold 


"'•^^Nold' Nold> 
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(sqi - -^pA^w) 



Figure :i-7 VVing Leading Edge Flap Weight 





Figure 3-8 Wing ^iler Weight 





where; 


^fold ~ ^old location, decimal semi~span 

b = wing span 

Cjoid = wi^ig chord at the fold line 

= wing chord at the root 

X = wing taper ratio 
1 j = wing thickness at the fold line 

lOlu 

t = wing thickness at the root 
r 

t^ = wing thickness at the tip 

"^fold weig^jt penalty 

= ultimate flight design load factor 
» flight design gross weight 

Total Wing Weight 

w = w. + w „ + w, + w, . + w + w. , . 
w bw s2 f led sp n>id 


where: 

(All values as defined above) 


3.1.2 


Alternate Wing Weight Equation 




w -k 

(ilsr) <*»• 

wa wa 


(Figure 3-9 ) 



where: 

w^ = flight design gross weight 

N - ultimate flight design load factor 

z 

S = wing area 

w 

^ = wing aspect ratio 

X - wing taper ratio 
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Figure 3-9 Wing Weight vs a 













t/c = wing thickness ratio at the root 

k = input coefficient (Figure 3-9) 

wa 

A =: sweep of wing mid chord line 

w^^ - input weight increment for any special feature 

' •’"•’(■d-A) 

3.1.3 Multi-station Analysis Method . This method performs shear and moment 
computations at each rib station, estimates allowable stresses, computes mateiial 
required (separately for ribs, box ciq) material, and shear webs) and Integrates the 
results. The wel^ts of leading and trailing edge items are obtained by an empirical 
equation. The analysis begins at the tip and Integrates Inboard. The sequential steps 
are as follows. 


3. 1.3.1 Rib Spacing. Rib spacing is calculated as a function of the wing thickness, 
beginning at the tip (y^ = semi-span) 

s, 

where: 


t^_^ = wing thickness at wing station y^ ^ 

Sj = space between ribs at y^ and y^ ^ 


3. 1. 3.2 Net Wing Airloads. Net wing airloads are estimated by an expression 
which assumes a distribution midway between elliptical and planform shape. This 
dlstritHition is further modified by an empirical expression to account for the inboard 
shift of the center of pressure of swept wings under load. A "net airloads" empirical 
expression provides for addition of horizontal tall loads and also relief due to the 
wing structure weight. (Relieving loads due to concentrated items or distributed 
fuel are handled separately by analytical procedures.) 


i 

n 


< V < V <v 

b 



(1-X) (1-n) (i-X) 


where: 


t 

n 


N, 


unit airload at span station V 
( "^d\ 

=» N I = ultimate load factor applied to air load 
' m' 
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N 

z 


w 

m 


17 

X 

b 


Cw - .12(w ,)] (1 + .0125 N ) = net max air load 
m d z 

ultimate vertical load factor at w . 

des 

flight design gross weight 

maximum flight design gross weight 

2 - r^+ - 1) = sweep unloading factor 

. = relative sweep ratio 

cos A 

.425 

wing span station, decimal semi-span 
wing taper ratio 
wing span 


3. 1.3. 3 Wing Fuel Relief . \Ving fuel relief loads are assumed to be distributed 
linearly between the inboard and outboard fuel boundaries. 

3. 1.3.4 Concentrated Relief Loads . Concentrated relief loads are calculated for; 
(per side in each case) one main landing gear station, if wing mounted, two engine 
stations, and one external tank station. 


3. 1.3.5 Shear and Bending Moments . Shear and bending moments are obtained by 
integration of the preceding loads from the tip Inboard to the particular station. 

3. 1.3.6 Bending Material Weight . Bending material weight is obtained by integration 
of the following: 


w. 


1.449 


:p 0 4(Mp (S^) (P) 


where: 


M. 

1 

S 

r 

P 


i 

f. 


= bending moment at span station y^ 

= ^i -1 ’ ^1 ~ spacing to next outboard rib 

~ material density 
= wing thickness at span station y^ 

= sweep angle of the 42.5% chord 
= allowable bending strr>ss - section average 
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- 4^ ^ ^ 


mm 



The allowable bending stresses are developed from the following relationships . 


t 

m 

R 


equivalent minimum gage = . 00126 



.25 


equivalent running load (buckling) = 60,000 (t ) 

m 


Mi 

Me “ applied runnlnB load = . 5 , 1 , (.45 c ) (eo. A ) 

60000 (M ) 

I . 

T> R + M 

c 

3. 1.3. 7 Shear Material Weight . Shear material weight is obtained by integration 
of the following: 


y=0 4(V ) (S ) 

w = k 5^ ■' 

* • ^/z 

where 


Vj = shear at span station 

1 ~ ^i ~ spacing to next outboard rib 


A = sweep angle of 42.5% chord 
b -6 5 

k = 40.56 (10‘ )/(t/c)’ 

s 


3. 1.3.8 Rib Material . Rib material weight is estimated by the following expressions 
which first estimate a minimum weight based on minimum practical gages and rib 
dimensions and then adds incremental weights for loads. 


w 

r 


where 


1.841 (P 

g 


+ Pj ) = weight of rib 


rib geometric weight parameter 
rib load weight parametei 


= [^5.568 (lo"®) (1 + t/c) (t/c)*^'^ 4 7.584 (10"®) (1 i t/c)^ (t/c)*®] C® 


.0304 (10“**) 


W (C) 
in 


2 1 


w 
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where 


t/c = wing section thickness ratio 

w - maximum design gross weight 

m 

c = wing chord at that span station 

t^ wing max thickness at that span station 

Rib weights are calculated individually and integrated over the span from tip to root. 

® finding and Traili ng Edge Material . Leading and trailing edge material is 
estimated by an empirical expression whose parameters reAect the fact that the com- 
plexity of hl^ lift devices (the major contributor) is a function of the span loading of 
the wing. 

Wit - .057 (S^.i (-^ ) 
where: 

= wing area 

Wjjj = maximum design gross wei^t 
b = w'ing spim 


3.2 HORIZONTAL TAIL WE I GHT (Figure 3-10 ) 


w. 


.00563 


.6 



.692 


where: 



l/c 


- calibration coefficient input (nominal value 1.0) 
flight design gross weight 

- horizontal tail are; 

^ horizontal tail aspect ratio 

horizontal tail area mid-chord sweep angle 
= horizontal tail hiper ratio 
~ horizontal hiil root thickness ratio 
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Figure .‘>-10 Horizontal Tail Weight vs a 





3.3 


VERTICAL TAIL VVUIGHT (Figure 3-11 ) 


3.4 

Body 


BihIv 


w 

V 


.0909 (C^.)(w^* 


333 



5 

(1 + 0 ) 


.43 


where: 


C 

V 


w 


d 


S 

V 

Aly 

A 

X 


t/c 


4 


- calibration coefficient input (nominal value 1.0) 

= flight design gross weight 

= vertical tail area 

s vertical tail aspect ratio 

= vertical tail mid-chord sweep angle 

= vertical tail taper ratio 

= vertical tail root thickness ratio 

= horizontal tail location, decimal span of vertical tail 


BODY WEIGHT 


Velght For Nose Gear Catapult 


W^c = 4.03(10-6)(W^)(L„.0.2hb):^) 
where: 


W 

nc 

W 

m 

L 



= body weight for nose gear catapult loads 
maximum flight assign gross weight 
l ose landing gear lengln 
= body depth 
-- body length 


kVoight For Arresting Gear ^ pads 



where: 



V 

so 


-ti 2 

= 36.9(10 )[W (V ) ] 

L 80 

= body weight for :irrestii\g gear loads 

= landing design gross weight 

- landing stall speed 
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Figure 3-11 Vertical Tall Weight vs a 







Total Body Weight (Figure 3~12 ) 


where: 

'H, 




N 

Z 

"'d 

b. 


W 


nc 


W 

W 


agl 

lb 


= input coefficient (Figure 3-12 ) 

= ultimate fU|^t design load factor 
= flight design gross weight 
= botfy length 
=- bo(fy hei^t 
= body breadth 

» body weight for nose gear catapult loads 
= body weight for arresting gear loads 
= input weight increment for any special feature 


3.5 LANDING GEAR WEIGHT. Two methods are provided for landing gear 

weight. A simplified equation requiring no dimensional data is provided for gross 
scaling. It is shown In Paragraph 3.5.2. A more detailed method, In which 
sevoi'al components are calculated separately, is shown in the following paragraph. 


3.5.1 


landing Gear Component Weights 


M air. Landiir ear 

Struts 

Drag Braces 
Attachments 
Brakes 

Brake Mechanism 
Tires 


,.75 


w =.0032 (F xs ) 
sm vm m 'S 


(^) 


m 


w, =.0026 (Fj ) 

dm dn\ 


w = .003 (F ) 
am vm 


w^ = .U00562 (N )(!•: ) 

bm wm m 


.75 


.5 

w - 2.2(-^) (N ) 
mbm 'N ' wm 

wm 


w 


tm 


. 001 (N ) (w ) Lor input] 

Ij 


3-23 





(MI - .C 



Body Weight 



Wheels 


w = .07 (N ) 
wm wm 




1.7 


N (1000) 
wm 


(D ) 
wm 


1.3 


( 1 + --™) [or input] 


Retrac ting Mechanism w = .5311.15 (w +w +w )i 
mm L sm am dm J 


.66 


where: 


vm 


m 


m 


dm 


N 


wm 


m 


N, 


w. 


D 


wm 


w 


fm 


= ultimate vertical load per main gear 
= stroke of main strut 
= length of main strut 
== ultimate design drag load for strut 
= number of ma in wheels 
= brake design energy for wheel 
= ultimate landing load factor 
= design landing weight 
= main wheel bead ledge diameter 
= main wheel flange width 


Nose Landing Gear 
Strut 


w = 
sn 


.0016 (F 

vn 



Drag Brace 
Attachments 


w^ = .OOIS(F^) 
dn dn 


w -= .0015 (F ) 
an vn 


Tires 


W = . 0001 (N, ) (w^ ) [or input] 

tn L L 
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7 


Wheels 


w 


= .07 (N ) 
wn wn 

'.2(N^) (Wj^r 

(D 

wn • 

N (1000) 
wn 

• 

^ 

— C or input] 



RetractiPg Mechanism = .53 Cl. 3 + w^)] 

Catapult Penalty 
W 


.66 


cp 
where: 
^vn 
Sn 


n 

F 


dn 


'‘i 

W. 


W 


m 


N 


%T1 


wn 


w 


fn 


= 0.312 (L ) +0.00223 (W ) 
n ra 


= ultimate vertical load for nose gear 
= stroke of nose gear 
- length of nose strut 
= ultimate design drag load 
= ultimate landing load factor 
= landing design weight 
= maximum fll^t design gross weight 
= number of nose wlieels 
= nose wheel bead ledge diameter 
== nose wheel flange width 


Arresting Gear 


W 


ag 


= 0.05 (Wj^) 


0.75 


where: 


W 


ag 


W. 


= arresting gear wei^t 
- landing design weight 


3. 5. 2 Simplified Method, Landing Gear Weight (Figure 3-13 ) 


, ,. 21 , , 1.12 
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aixdi&g Gftsur WM|g^ •lbs) 



I^acdiBg Gear 





where; 


w - design landing weight 

R., = ratio of max gross weight to landing weight 

M 

k s coefficient (Figure 3-13 ) 

Li 


3.6 SURFACE CONTROLS WEIGHT . An empirical method is providing for 
scaling. It depends primarily on size and shape parameters. 


u; s: ir ■'"■■"I 

sc sc 

(™) 

where: 


^Figure 3-14 ) 


b 

ws 

S 

w 

m 

q 


= bo(fy length 
= wing structural span 
= wing area 
= wing aspect ratio 
= maximum cfynamic pressure 


The major factor in estimating surface controls weight, however, is identification of 
the features used to provide control. This can be accounted for only by selection of 
values for kgQ. The types of controls used varies widely from one aircraft to the 
other. The following list is provided for estimating a value of when a comparable 
aircraft value is not available. In this application, kg^ is the sum of Incremental 
values selected from the following list, a. 


Surface Control Svstem 

B£ 

Flight Controls 


Ailerons 

.065 

Elevons 

.045 

Spoilers 

.035 

Rudder 

.035 

Elevator 

. 0‘ik! 

Unit Horizontal Tall 

.125 

Adjustable Stabilizer 

.010 

Speed Brakes (separate) 

.030 

High lift Systems 


hinged Flaps 

.045 

Fowler Flaps 

.085 

Articulated Flap Vanes 

.010 

Hinged Leading Edge 

.060 

Translating Slats 

.075 

Krueger Flaps (simple) 

.055 
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Figure 3-14 Surface Controls Wei^t 







3.7 NACELLES AND PYLONS. 


3.7.1 Nacelle Weight . An en'plrical expression using weight of nacelle contents and 
nacelle dimensions is used to obtain nacelle weight. 


w„ = 35.45 (Njj) 


r (w )(S ) (R ,) n 

E nc n' ' d' 

.59 

- 

[ 10, 000 

... 

or input 


where: 


N.. 


w, 


nc 

Sn 

Rd 


w, 


nc 


= number of nacelles 
= weight of nacelle contents 
== wetted area of nacelle surface 

= factor for non-circularity; ratio of height to width (or reverse, 
whichever is greater) 

= 1. 1 X engine weight (times 2 if Siamese engines) 

= engine type coefficient 

= 1. 0 for single subsonic turbo-jet 
= 2. 33 for single subsonic turbofan 
= 2. 15 for single supersonic turbo-jet 
= 0. 32 for Siamese subsonic turbo-jet 
- 1. 00 for Siamese subsonic turbo-fan 


3.7.2 Pylon Weights. Two empirical equations are provided, one for single engine 
nacelles and one for Siamese engine installation. 


Single Engine for Pylon 
Wp = 24. 11 (Np) 
Siamese Engine Pylons 
Wp = 340.26 (Np) 


k (N ) (w ) (L ) (D ) 
p z nc ~ ' “ 


.952 


.381 


6 

(10) cos A, 


r T 

n n 

. L^. 


J (w ,) (S„) 1 

z nc p 

10® (cos A ) - 
P 


.693 
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where: 


Np 

number of pylons for aircraft 

Nz - 

ultimate flight load factor 

'^nc ■ 

weight of nacelle contents 

Sp 

planform area of pylon 

Ln 

nacelle length 

Dn 

nacelle equivalent diameter 

Ap = 

sweep of pylon leading edge (measured from vertical) 

kp 

1.46 for commercial transports, 1. 0 for military 

3. 8 PROPULSION SYSTEMS WEIGHT. Engine sizing is accomplished in program 
GEOM, Overlay (WU, 1, 1). The outpu*^ ♦'rom that program defines an engine weight 
coefficient. The main engine weight is therefore determined by multiplying that 
coefficient by a reference engine weight. If engine weight Is input, that value is used 


instead. 


W, 


W 


W, 


R 


- k (W„ 
eng R 


) 


eng 


eng 

- total engine wei^t 
= engine scaling coefficient 
= reference engine weight 


eng 


3.8.1 Propulsion Sub-systems. The propulsion systems weights are computed in 
Overlay (WU, I, 2) using the following empirical equations. In most cases, provision 
is made for inputting fixed values which add to or replace that computed by coefficient. 
These are of the form 


y ^ kj (x)^ f kg 

This form allows the user to input a fixed value by inputting a finite value for k 2 and 
zero for k|. It obviously can also be used to vary part of ^he weight and fix part of 
the weight. The equations for the various sub- systems are as follows: 


Thrust Reverse rs 

88 

W.^. NeCk,(Te/l0.000r + k 2 ] 



Exhaust Systems 


1 / v*52 , 

"ex ■ “3 ("e* * ''4 

Inlet Systems 

I ! 1 

"to = ‘‘5 <"e' =■ "6 

Cooling Systems 

Lubricating System 

7S 

^ •‘^9 ^ ‘^lO 

Starting Systems 

Wgt = *^11 (Wg) kj2 
Engine Controls 


'^ec = *^13 l^e <^b)3 (Ng) ^^4 


where: 


Ne 

number of engines 

Te 

thrust for engine 

We 

total engine weight 

ye 

lateral distance engines from centerline 

Lb 

body length 

ki---ki4 

- uoetficients 


3.8.2 Fuel System Weight. All the fuel system weight tu computed in Overlay 
(WU. 1. 2) except the cryogenic tanks and insulation which is computed in Overlay 
(\VU, 1,5). Fuel system plumbing, controls, etc. ai*e calculated by one of the three 
following equations: 


JP Fuels 


W(p = 2. 471 (T„)- 
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LUo Fuel 

.75 .38 .825 .739 

Wfp - 0.015G9 (Tt) ^ 7.742 (Tg) i\) (N^) 


Methane Fuel 


75 .38 .825 ...739 

Wjp - 0. 012C7 (Tf)* ♦ 5. 221 (T^l (N^) (Nj) 

where; 


Tg ~ thrust per engine 

Tj •" total thrust 

Ng number of engine.s 

N(; - number of fuel tanks 


Explosion Suppressant System 

Wes = <Wfc) 
where: 

wjg weight of fuel In protected cells 

kj coefficient 

Cryogeni c_Tankage Weight. When cryogenic fuels are used, the volume 
required for fuel Is a major determinant In the vehicle size and sh:g>e equations. 
Thcivforo both the w«jlght and dimensional calculations arc made In the geometry 
section of the program, paragraph 2.9. 


3.9 AIRCRAFT Sl’STEMS WEIGHT . Must of the aircraft systems weights are 
approximated as functions of simple parameters for scaling. Through the use of the 
equation form 


w - a * f(P) i b 

it is also possible to Input a fixed value lb) by making the coefficient a = 0.0. Obviously, 
it also provides for a ijariially fixed and partially variable form. 
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Auxiliary Power Unit 

... .*18 1. 
w = k, (w„) ^ k„ 

a 1 ' E' 2 

Instruments 

k^(.00224)(w^)-^k4 

Electrical System 

u . .-473 

"e ' "S <*t. * “'av' .kj 

Furnishings 

1, . . , , ,1.165 , 

w = k_ (w ,) + k„ (W ) 4 k 

fu 7 pr 8 p ! 

Air Conditioning System 

w =k,.(w )+k t(w )(N )]* 
ac 10' av 11 b sr 

Anti -icing Systems 

w . = k (b + k 

ai 13 ' w2 14 

Auxiliary Gear 

w =k,-(w.)4k-_ 
ax 15' t' 19 

Unusable Fuel 

w , = k, - (w_) 
uf 16 ' F 

Engine Oil 

I. . v*26 

“o “ '“e' 

Cryogenic Boil-off 

“cb ' “l8 <“>' 


12 


where: w. 


w 


w 


fs 


w 


av 


w 


pi 


N 


w. 


w, 


N 


sr 


- weight of engines 
= flight detTign gross weight 
= weig^. of fuel system less tanks 
= weight of avionics 
= weight of mission payload 
» number of passengers 
= design takeoff weight 
= body width 

= number of passenger seat rows 


b , = wing span along 50% chord 

w 2 

w = weight of fuel 

r 

k. -k. , = input coefficients 
1 19 


Hydraulic Systems 


V 1.3125 -1.849 

w It [is — -j + 1 , -01)1 25 

n nLvlOOo/ 'b w2^ J t 
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where: 


h. 


w2 


sum of wing, horizontal, and vertical tail areas 
design maximum cfynamic pressure 
body length 

wing span along 50% chord 


& k^. - input coefficients 


The following items necessary to complete the weights are not computed but must be 
input as a constant: 

Avionics System 

Armament and armament provisions 

Crew 

Oxygen 

Survival gear 

Miscellaneous, cargo handling, etc. 
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SECTION 4 
BALANCE ANALYSIS 

A preliminary balance calculation is performed in order to properly locate the wing, 
fuselage, and coriain other major masses relative to each other. The locations thus 
determined establish the gene.al arrangement of the vehicle; that is, the components 
are located to achieve a balance (operating weight empty eg. ) at a designated position 
relati /t to the wing. That point is defined by input in the form of percent wing mean 
aero( ‘ r.amic chor^' with a default value of 25 percent. After all detailed geometry is 
createu (Section*.©) a more detailed balance computation is conducted as a by- 
produ* t Lx the mass distribution and moment of inertia calculation(Section 5.0). These 
moro refined data are used in the loads (Section 7.0) and stress analyses (Section 8.0). 

4.1 PRELIMINARY BALANCE . The preliminary balance is performed as part of 
wie weight/sizing/balance loop to ensure overall consistency as the iteration closes in 
on a design. Therefore it is necessary to vary locations of all components as a 
function of the major dimensions of the vehicle so that wing relocations can be accom- 
plished iteratively. 

The program provides for separation of all weight items into two categories, (1) wing 
and contents and (2) body and contents. The term "and contents" means all items 
which move (or remain fixed) with that component regardless of where it is actually 
attached. For example the main landing gear must be located relative to the c.g. 
which is located relative to the wing. Therefore the main landing gear is included 
in the "wing and contents" regardless of whether it is to be physically attached to the 
wing. Table 4-1 lists each mass component and tells how its location is determined 
for balance calculation purposes. It also shows whether the item moves with the wing 
or body during sizing iterations. The program uses both wing mounted and/or body 
mounted power plants, so duplicate handling of those components is provided. 

The balance computations are based on moment arms about the aircraft r.ose(X station 
= 0 at nose of the aircraft) and outputs the c.g. as inches from the nose. It is also 
shown as percent of mean aerodynamic chord (MAC). No vertical c.g. computations 
are made in the preliminary balance since that data is not a major determinant of 
any of the major characteristics of the aircratt. 

Although the Operating Weight Empty c.g. is the point to which wing location is keyed, 
the program continues and adds in the other components to calculate the c.g. at *he 
Zero Fuel Weight condition and the Maximum Takeoff Weight Condition. 

4.2 DETAILED balance CALCULATION . A more detailed balance compvitation 
(including vertical c.g.) is conducted as a by-product of the mass distribution and 
moment of inertia calculations. The process is described in detail in Section 5.0, 

but in summary form it consists of tlie following. Each mass item in the body ind 
contents weight is distributed in accordance with a prescribed "shape" and between 
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certain prescribed limits (body stations). The mass is then "sliced" into one inch 
slices and accumulated with other mass items similarly distributed. The resultant 
slice data is then integrated into the appropriate o.g. and moment of inertia data. 

The wing and contents weight (also horizontal and vertical tail) is similarly treated 
except that instead of one inch slices stationwise, the weight is distributed into 9 panels 
(per side) having equal spanwise dimensions. Certain Items are accumulated as 
concentrated loads (engines, nacelles, etc.). The result is a more refined balance, 
including vertical c. g. 
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SECTION 5 

MASS DISTRIBUTION & INERTIA ANALYSIS 


One of the most critical factors In aircraft design load determination is the weight of 
the aircraft itself, and how that weight is distributed is of equal importance. This is 
especially true of the designs in which a significant portion of the weight is carried in 
or is distributed along the wing. In these cases the loads tend to be partially self 
cancelling and at least have a minimal effect on critical design conditions. Also, if 
aeroelastic loads are to be considered, it is quite necessary that the distribution of 
the mass be known. To accomplish these ends a program was developed that system- 
atically confutes the required data using inputs provided from the weights and geometry 
programs. 

5. 1 SUMMARY OF PURPOSES . The purposes of this program are to (1) prepare 
all the mass properties (weights, centers of gravity, and moments of Inertia) for the 
complete aircraft (in four sequentially loaded steps), (2) to distribute the weights in 
panels or nodes along the body axes and along the span dimension of the wing, horizontal 
tall and vertical tail, (3) calculate the weights, center of gravity, and moments of inertia 
of each of these panels/nodes/concentrated loads, and (4) store these data in arrays for 
access by the loads program AE LOADS. 

5.2 OUTLINE OF OPERATIONS PERFORMED . The following sequential operations 
are performed in MIPIMD (the specifics on how these are accomplished are discussed 

in Section 5.3 ): 

a. All operating weight empty items are distributed into appropriate node/panel 
masses or into concentrated loads. 

b. Separate data arrays are created for tlie wing, horizontal tall, vertical tail, body, 
and concentrated loads. The body (and contents) array includes the following data 
bits for each node: 

(1) Weight 

(2) X - eg 

(3) Y - eg 
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Z - eg 


( 4 ) 

( 5 ) 

( 6 ) 

( 7 ) 

( 8 ) 


I 

OX 

I 

oy 

I 

oz 

Fuselage station of forward edge 


c* Calls subroutine ISUM which calculates the center of gravity (3 axes) and moments 
of inert n (three axes plus product X-Z) for the wing and contents, body and 
contents, horizontal tail and contents, vertical tail :ind contents, and the total 
aircraft (operating weight empty). 


d. Stores these data in arrays for access by the loads program AE LOADS. 


e. Builds a maximum centerline load case by calling body fuel distribution (BODFD) 
and bo4y payload (BODPL), creating arrays for each with the same data shown in 
subparagrf4>h (b) above. 


f. Again calls subroutine ISUM and performs the same operations as subparagraph 
(c) but for the maximum centerline load case. 

g. Builds a full internal loading condition by calling for distribution of wing fUel 
(WINGDR) and repeating the steps of subparagraphs (b) and (c). 

h. Builds a maximum gross weight loading condition by calling iq) the external fuel 
and again repeating the steps of sul:q[)aragraphs (b) and (c). 


5.3 MASS DISTRIBUTION EQUATIONS . Table 6-1 shows the disposition 
of each fUnotiotial weight item, what procedure was used, and where that procedure is 
described. 


The distribution of weight along the wing is accomplished by subroutine WINGDR which 
is discussed in paragraph 5.4 . The accumulation of certain items into concentrated 
masses is accomplished by subroutine CONMAS which is discussed in paragraph 5.5 , 
The remaining items are distributed in the liody according to the following procedures. 
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Table 5-1 Mass Distribution Map 


Functional Weight 

Distribution Code 

a) 

( 1 ) 

(3) 

(•») 1 

Wing t 50% surface controls 

X 



7 

i 

1 

Hor. bill 4 2% surface controls 

X 





Ver. Tail 2%^ surface controls 

X 





Body ^ 46% surface controls 



X 



Nose landing gear 




X 


Main landing gear 


X 




Nacelles and pylons 


X 




Engines and propulsion subsystems 


X 




JP fuel systems 




X 


Cryogenic fuel systems less tanks 




X 


Cryogenic tanks and insulation - fwd body 






Cryogenic tanks and insulation - mid body 




X 


Cryogenic tanks and insulation - aft body 






Auxiliary power unit 




X 


Instruments - cockpit 




X 


histruments - other 





■ 

Electrical system 





1 

Hydraulics 




X 


Avionics 




X 


Armament 






Furnishings 






Air Conditioning 




X 


Auxiliary gear 




X 


Operating items 




X 


Body payload 




X 


Body fuel - fwd 




X 


Body ftiel - mid 






Body fUel - aft 




X 


Wing Internal lUel 

X 





Wing external tanks and pylons 


X 




Wing external fUel 

1 

X 





(f)) 


X 

X 

X 

X 


X 


Diatribution Codes; Paragraph 


(1) Sponwisc using WINGDR 5.4 

( 1 ) Concentrated load using subroulnte CONMAS 5.5 

(3> Subroutine BODY 5.3 

(4) Subroutine TRAPD-Kectangular distribution, defined length 5.3 

(f>) Subroutine TRAPD - Traperoldal distribution, 

defined stations 5.3 
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X X 

















The body weight i*’ assuined to ite distributed in accordance uith a shape that is 
parabolic on each end and trapezoidal (or rectangular) in a mid-section, A separaU' 
subroutine (BODY) (Figure 5-1 ) uses the appropriate dimensions, weight and eg 
location to derive the equations of distribution that satisfy those requirements. The 
resultant equations are tlien used (by subroutine MDB) to distribute weight into one 
inch segments along the body. The weight thus distributed includes 46 percent of the 
surface controls weight as well. The remaining surface controls weight is distributed 
witli the wing (50%) and the horizontal and vertical tails (2% each). 

Each of the remaining systems weights is distributed separately according to a 
tr£q>ezoidal (or rectangular) distribution as derived by subroutine TRAPD (Figure 5-2 ). 
The program supplies the total weight, its center of gravify, and either total length or 
the stations between which it is to be distributed. If the total length is stqyplied, the 
distribution is rectangular on eacli side of the center of gravity of the item. If the 
terminating stations are siq)plied, the subroutine calculates a trapezoidal distribution 
to satisfy the c. g. defined. The masses are then broken down accordingly and 
distributed into one-inch segments of the body between the limiting stations defined. 

After all distributions liave been conpleted, the body is divided into 30 nodes (29 of 
equal number of Integer inches in length and the remaining length in node 30). All 
tlie individual segments are then Integrated between the node limits to obtain the 
necessary mass properties for each node (weight, 3 axis center of gravity, 3 axis 
moments of inertia, and the fuselage station of the forward edge of the node). 
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Figure S>2 Subroutine TRAPD Distribution Model 
Weight per inch at inches from reference sta. 
Weight per inch at x inches from reference sta. 
Weight per inch at any station x. 


w., 2 




2x V X - ^ 
^ I 

3S - 2Xj - x^ 


Total weight - /* dx 

J X 





' ■ V*. 


r», 4 Subruutino WlNtUMt. This subwutlno pivvides uxiiss dlstiibuilon data 

for all iUrfoil surfuco str«ot\nvs ovhm, horizontal tails, wrtloal tails) and for fool 
or ivivload housed within tl\o atutcturo iind dlstrlbuuxi along tho span. 

5 . 4. 1 Otwratlons tx^rfornuxi. Tho frdlowing oiH'ratlons aro performed: 

1. Defines tK'undnrioa of (xmols tFlg\>re 5-3 ) In such a v" . a>- to provide 
eq\uUl>' sixic't)d ).xu\ols outboanl of tho fuselage (numlxM'od from 

Uu' Up toward tho inlward) iunl, \x\ tho ease of a wing or horizontal 
t:iU, a tontlt ismoi cxn'sisting of the carr.Ntlu'ough structure (half) 
from tho side of the Ixxly to the centerline. 

2. Distributes tlvo uvlght of tlm surface structure (plus cenaitr distri- 
buted systems vadgius) into tho vttrious )xmela, assuming that htUf 
the weight is illstributed iit accorthmce with airload bonding para- 
meters aixl hjilf the weight is a fimction of gixuuotric sl/.o imd slutpo. 
(V'lgttre 5-4 ) . 

3. thuculates ami distributes the wvtght of tnten\;U hu'l as a funcUon of 
tank S(Hm\\ise Ixamdaries ami ix'latl\x' lnctx>n\enUil wlumes of tho 
wiitg box for each (.xutel. 

4. I'alculntes the x, y, ami t center of gravitx for each element. 

5. OsUculates owrall dinxonsloits h>r each element :md calls the moment 
of inerthi sulux'uUne (MIDI) (or accunudation inU» the aircraft moment 
of inertia. (Six' ivtr. 5.t* ) 

6. Droixires mtd stores Ux' mass vux'vxnilos data for each ptmel in 
annvpriate arrays (Klgvnv 5-5 ). 

5.4.2 Kquathms 

5.4.2. 1 Structunil Weight . One- half tlxe structural n eight is distribulixl in 
accordance with an empirical ixiuatiou which apptxedmates the distribution of airload 
beitdlng material in t>‘pical wing structures. 
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Klgurv 5-5 Mass Hlstrlbutlou Arrays 
f»-S 















r‘ w, dv 1 

d.% k 


\vvl|;^it iUsU'ibutod within n iMnol Iwundod by sixin sUUit>ns asul y.,. 


Wj - unit \‘:ilue of 5(\inwiso distributed wvijjit tit :m\ station. 

- dooinuil scmi-sjvm at tuiy station y. 

A - consUuU based on oxtonitil gooinotry. 

20 0 

A — ^ ^ for vx'rtiotil tailsi 

b b 

I'j, tiirfoil surface iheoretictvl i\xn cboixi. 

b airtbil surfa^v span 

Wjj - struotunU Mvight of one side of a winjj or liori.-onttil tail, or total 
wvight of a wrticjil vtiil. Includes some systems, contivls, etc. , 
which aiv lUstribtitixl along tlie s|xu',. 

'ITio t*ein:Uning htUf of the structurtU wvigltt is assimuxl to Iv pivjxirtional t»> the extx>s».Hi 
area. Hie wx'ight is tlx'refore distributixi in punx>rtion to tlie prv>duct of the jxinel 
width and the awrage chonl. ITie center of gra\1t\ of each )i:uu'l is assumixl to Iv 
at mld-sivm, mid-clumi. and mid-thickness of each structurtU (unel. 

■». 1.2.2 Wing intemtU fuel wxdght . Hie wing fuel uvtglu is distrlbutixl Ivtween 
tlie defituxl 'joundtiries in proportion the t'-square rule, that is, a ivnstant t "c 
is assumed :ind spars aix’ assumed at eonsUint ivrcent clk>nis. riH'rcfbn'. the fuel 
ctvss section dV at .my station y is proiiortiotuHi to Uie clmrvi times the thickness, 
and since thickness is t' I c, then dV is pivivr^ianal to t' squ:m'*l. 


r-U' 



where: 


2 

~JdV dy~J C dy 

y2 

Wj = wci^t of fuel in one panel element. 

P 

dV = differential volume at any station y 

yx ^ 3^2 ~ spanwise stations at panel boundaries 

C = wing chord at any station y. 

The panel definitions are the same as those derived for the wing structure. When fuel 
boundaries fall between panel edges, actual fuel boundaries establish fuel panel di- 
mensions. 

The center of gravity of each fuel element is assumed to be at mid-span, mid- thick- 
ness, and at 42. 5% chord of each panel element. 

5, 5 Subroutine COMMAS This subroutine provides for accumulation of cer- 

tain items into concentrated load elements to be used in the loads program. 

5,5.1 Operations Performed . The following specific operations are performed: 

1. Utilizes location data from the main program to sot up dimensional 
arrays for computing composite center of gravity of all items accu- 
mulated at a given statioi.. 

2. Utilizes number of engines on wing and number of pylons to determine 
arrangements (Siamese or single nacelles). 

3. Distributes wei^t of engines, nacelles, pylons, and other power 
plant related items to the proper stations (Figure 5-6 ) and separately 
calculates the center of gravity (3 axes) for each weight used. 

4. Accumulates wei^t and moments for each weight item at each station 
for determination of net station weight and center of gravity. 
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Legend 

1 Nose gear 
2/3 Main gear* 

4/5 External fuel tanks 
6/7 Not used 
8/9 Inboard engihos 
10/11 Outboard engines 
12 Body centerline engine 
13/14 Body aft side mounted engines 

* Located In body if hlgjt wing configuration 


Figure 5-6 Concentrated Load Points 
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5. Calculatoj? dimonsionnl charade risUcs of each wol(dU comixmont 
ami CiULs the momonl of incrliii subroutine (MlPl) for acouimdation 
into the aircraft moment of inertia. 

6. Hopeats above procedure for external fuel ta;iks and pylons, nose 
gear, and main landing gear. 

5.5.2 Equations. The matliomatics of the problem is simply one of summing 

weights, calculating areas based on geometry, ctilculating moments and summing 
moments. The primary purpose of tlie subroutine is pn>vlding all the logic necessary 
lo satisfy the wide range of configuration options pixjvided. 

5 ^ 5^ 3 Itolated Operations. The logic and equations that assign those concentrated 

loads lo the appivpriato wing panel is found in the main program MIPIMU. “I'hat program 
:ilso performs the Uisk of creating the ari'ays in which the concentrated leads daUi are 
stored for use by loads. 

5. (5 MOMENT OF INERTIA CALCULATIONS. Moment of Inert l.a cMeulal ioivs 

are uecomv^llshed in the piogriun using the basic mathematical relationship: 



Figuiv 5-7 ;\.\is Orientation for Hahmce ani biertia 
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when* : 


moment of Inertia of a conglomerate mass about n 
reference centrolial axis "R" 
an accumulation of Incremental component Inertia 
values each of which Is the result of displacement fram 
an arbitrary axis of accumulation that Is parallel to 
but displaced from the x'oferonce centroldal axis "R". 
an accumulation of Incremental component Inertia v:)lues 
each of which Is the Inertia of that component about an 
axis through Its centroid and pai’allel to the reference 
centroldal axis "R". 

a resolution term expressing the difference between the 
Inertia values about the axis of accumulation and the 
centroldal axis "R**. 
mass of an Individual component 

(ho undirected distance from the centroid of an Individual 
mass to the axis of accumulation. 

5.6. 1 Scope of Calculation. Moments of Inertia arc computed about all tliroo 
mutually perpendicular axes x,y, and z (Figure 5-7 ). A product of Inertia (x-/ 
plane) is also calculated. These values are computed (and output to the loaxls progiam) 
for (1) wing and contents, (2) body and contents, (3) horizontal tails and contents (4) 
vortical tall and contents, and (6) total aircraft. The :U)ove data Is repealed for four 
aircraft loading co.ndltlons: (1) operating weight emiity, (2) same plus maximum 
centerline load, (3) same plus maximum Internal wing fuel, and (4) ma:<lmum gross 
weight iiKJludtng external fuel. 

5.6.2 Depth of Calculiftlon. The Inei'tla ixjsultlng from displacement fix>m thi 

2 

c.g. (the Wid[ term) Is of course complotcly .accounted for. In order to accurately 

account for the Inertia of each component about Us owncenti'old (the term), 

the program breaks down the operating weight empty Into approximately 100 < U?m mts. 
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'rho m:i);nttudc of oju'h ok'nionl Is dotormlned by (1) its dimensions relative to the 
ovei'all aiiidane and (2) liow accurately its inertia ojm U' tjpproxiniatoti by an>’ of 
fiw st:uKlm*d shaiies providtHl. 

Kach inertia call statement in tho program provides the following data to the inertia 
nxitine for each component: 

U) weight 

(2) location in 8 sixes 

(3) orientation iX'liUlvo to 3 axes 

(4) appropriate dimensions (up to 3) of each component 
(C) location code (wing, IkmIj', otc. ) for sub-:K’cumulatlon 
(6) shtitH' code dirivtlng use of one of tlk' 5 shapt'S 

Figure 5-8 describes the five shapes provltied and lists the equations used in tJ»e 
calculations. Tlie orienlivtioti eotlo, item (2) almve, is pn>vlded to orient tho shajX' 
I'elatlve to the aiivnift :vxes. 




Inertia Shapes and Equatioas 










SECTION G 


MISSION/PER roUMANCL ANALYSIS 

The purpose of the mission analysis 1 ‘outinc is to determine the relationship botwt'cn 
aircnift fuel volume and mission performance capability. By appropriately varying 
an iteration option, one of the following calculations may be performed: 

1. Determine the fuel required and appropriate aircraft geometry to fly a fixed 
mission. 

2. Determine the fuel required by a fixed geometry aircraft to fly a fixed mission. 

.3, Maximize any single radius segment of a mission profile for a fixed geometry 
aircraft carrying a fixed quantity of fuel. 

•I. Maximize any single loiter segment of a mission profile for a fixed gwmetry 
aircraft carrying a fixed quantity of fuel. 

The routine is comprised of the follo\ving mission segments: Takeoff, Climb, Acct'l- 
eration. Cruise, Loiter, Combat, Descent, Deceleration, Landing jmd Reserves. 
I'hrough the use of input panunoters, these segments may be linked together in any 
desired manner to form a mission profile. In addition, there are several ilifforcnt 
approaches to each of the individual segments. For example, the cruise segment 
may bo performed at a fixed speed and allitmle, or at optimum conditions. 

In oixlcr to fly a given mission, the program is dependent on aerodynamics, propul- 
sion, geometry and weights data. The propulsion data is gi'ncrated o.xtenml to the 
program and is accessed by an Intenral interpolation routine. Aerottynamics and 
weights data are calculated internally through the use of empirical equations derived 
from historical data. Geometric characterizations aix^ input to the program and are 
iterati'd internally so as to rem;iln compatible witli tl»e available fuel volume of tire 
aix'craft. 

Tlie fiinction of the performance analysis routine is to evaluate the performmice char- 
acti'i’lstics of a fixed geometry aircraft. That airoraft may have evolved from tire 
iterative process of the mission analysis routine or may have had its origin directly 
tlrrough input data. In either case, the following performimce parameters may be 
calculated: 

1. l^eclflc excess power at various speeds, altitudes and load factors. 

2. Sustained maneuver load factor at various speeds :md altitudes. 

3. Maximum speed at various altitudes. 

1. Maximum colling for a specified rate of climb at various speeds, 

5, Takeoff distance for a specified power sotting and high lift configuration at v:u'- 
ious gross weights. 
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(». Uiluiili); dlstaiKH’ for a spocifiod Id^h lift »*onfigiiraUon at varitnia rimss 
weiRhUi. 

Tho rosuUinR valuos laui l>o oompim'd to Uio dcslml pcrfoni\anoo capability f«i»' each 
parameter and piMvidc Ou' user with Insight as to how t«> chauRc the alwralt Reometi*y 
to meet tlioso deslmi capabilities. With tlu* o,\c«'pU«)n of a few input values to define 
Uu> flight comlitlons at which the performmu'o parameters are to be calculated, tlu* 
pei’formmtco tmal^ysis routine uses the same input data as sptH'lfletl for tin* mission 
analysis t\)utinc. 

d.l TKCllNlCAl. DATA BASK . In onler to cany tnit a mission/performance anal- 
ysis on a given nli*craft design, it is necessaiy to define tlu* ao»\Klynamlc, pn)pul8ltm, 
geometiy mvd weight characteristics of tluat d«*sign. Kach of these ttx'hnical htneiions 
is canicHl out in a sepainite subixmtlne of tlu* prognim. A cursory description of each 
of these routines is given in Uu* following sections, wlUi approj)rlate reference docu- 
nu'nts ldet\tifioil, shoviUl the ivader desliv mori* detail. 

G.1.1 ^ KUO (Clean Configtiration AenHh’namics) . The aeivil^ynamlc estimation pix*- 

ctHlui*es for Uio xeit) flaj*. clean wing ct*nflg\u*ation are dividvai into two segments, 
i’he first segment is inteiuioii primaril^y for coiubat type alivraft and is UiorovighU 
described in Uofcixnu’e I, The second segment deals with transpoi't type aiiwaft and 
will be bu’ther discusseii heivln. 

Tho metlmds selected, in both segnu*nts, ai*e Uu>se which provide a reasonable liegia'c 
of drag estimation accuracy and, at tlu* same time, make use of dlmeiisional data 
available from ompirleally derived si/.ing relationships, PaiTicular altentlo»\ has 
iH'en given to achieving gi>od lirag estimates for tho range of lift eoefflelents and 
speeds \\hlei\ are normally significant in the delerininatton of mission l\u*l iHHpdn*- 
ments. I'he aei\*dyna»nlo subroutine Is aetunlly dlvlde»i into two parts: entiy AKHO/, 
which computes all par:imeters which :\re Independent of m:u'h number or angle t»f 
atUu'k, thus conserving computer time; and AKUO, whtel\ eemputes lltX ami lirag ;d 
specified speed, :dtltude and angle i*f attack eoiulltlons, usii\g ;'ar:m\elers deflueii l>y 
AKUt)/. 

The maior differences in Uu* aei*iHiynamlo estimation pi\H*eduiH's usini for cojubal and 
transport type alrerat't are the minimum tlrag ixpudiens for wing atui t:\ll surfaces :ind 
IhhUos of revvdutlon. t\>n\p»vsslblllty effects and drag dm* lo liiX ehuraetertsUes art* 
determlneii in substantially the same manner for both types of alivralt. 

The ml'aimum lirug contribution for wing and tail surlaees fi*r tiamsport type aiivnd'l 
is found, in tern\s of I'qviivalont flat plate aiva (11. from the relaiion: 

\vlng 
or 
UiU 



( 1 ) 



where , 


2 58 

'. f = flat plate skin friction coefficient - 0. 455/(Log Rj^) 

ks = supervelocity factor (determined by the data of Figure 6-1 as a 
function of maximum t/c location) 

t/c = maximum thickness to chord ratio of wing or tail surfaces 

S , = wetted surface area of respective wing or tall surface 
wet 

R == Reynolds number (function of uharacteristic length of \\ing or tall 
surfrce) 

The equivalent flat plate area of a streamlined body of revolution may be determined 
from the relationship: 

B 

where, 

2» 58 

Cj = flat plate skin friction coefficient - 0. 455/(Loe R^^) 

S ^ = body wetted area (ft^) 

wet 

B 

(L/D)_ = bo^ fineness ratio (length/dlaineter) 

B 

R-, = Reynolds number based on body length 
N 


The second term of cciuatlon (2) accounts for the boundary layer thickness increase 
for wrapping a flat plate into a cylinder. The third term accoimts for supervelocity 
and the fourth term pressure drag. 


The drag of fiiselages having highly upswept afterbodies is not adequately predicted by 
equation (2), Reference 2 slwws correlations ol these type fuselages which resulted 
in the following relationship for fuselage drag: 


'tus ' h ‘’•"O’ 

+ 0.007 Aji||o (D/i)®^* - ij ♦ 5.2 (Y/D) |l.4 - (D/|)‘*K, || 


(3) 


contraction 

effect 


camber 

effect 
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whore. 


A both' mtixiimim urt'a (ft^) 

tr 

Y n alterlHHty camln’r railio 

|/D aftorUHiy oontmetiou ratio 

lateral contniction factor 1. 0 for no contraction (beaver tail) 

0. 0 for total contraction 

It ahoulil be noteil that the contraction ami camber terms shown iu equation (3\ rt'place 
the pressun' draff term 7 (0/l.)n^ of <H|uation (2). Flffuie G-2 presents a schematic 
of tlu' hiselnfft' ffeometrj’ to which tniuatlon ^2) applies. 


Summlnff the etjulvalent flat plate areas ef the \'jirlous components, jmd pruvidinff the 
neeesaaxY eon\ponent interfeivnce factors, the subsonic minimum drag buildup for a 
multiple lHHi>' tr:mapoi"t confiffurati 'n may be uxpit'ssiHi as follows: 


C 


l> 


min 


sub 


'V ' "(u, <‘t> ' "f') ■ (', 


, (1 ) ^ N , 

pyl p pyl 


(I ) N faci(Hi )\ 
p p'l 


if \ raclw , If V faflh\ » /f \ faclv\ 

\ wing / y nort / y vert / 

• It \ faci\r\ * It V V facin') » f 
V can f I nac N / camber 



where. 


ftis 

■r 

V 

faoif 


pyl 

I 

l> 

N , 

pyl 

fncip 


f 


winff 

faeiw 


hurt 


biselafft' txpiivulent flat plate area (ft*^) 

Indux ivpw'senting type of biselage I, 2 or 3 

number of each type of fuselage 

interfert'nce factor for each type of Oiselage 

pylon iujuivalent flat plate niva (ft^) 

index repn'sentiixg type of pylon I, 2, 3 or I 

nutnlun* of each type of pylon 

l«t**rfeix*noe factor for each type of pylon 

«> 

wing equii’aleixt flat plate atva ifl“) 

interfei*ence factor for wing 

horizontal tall tHjuivalent flat plate ai*ea (lt“l 
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fac(h - intci u ronco factor for horizontal tall 


vert 

faclv 

f 

can 

faoio 

f 

nac 

S 

facin 

^camber 

^mlsc 

S 

w 


vertical tail (Hiuivalent flat plate area (ft^) 
interference factor for vertical tail 
canopy equivalent flat plate area (ft“) 
interference factor for canopy 

2 

nacelle equivalent flat plate area (ft ) 
number of nacelles 
interference factor for naccllea 

2 

camber drag expressed as oquivalont flat plate area (ft ) 

2 

miscellaneous drag expressed as equivalent flat plate area (ft ) 

O 

reference wing area (ft‘) 


The three (S) types of fttselages and four (4) typos of pylons are determineii by input 
parameters rather than being pre>set in the program. Thus, the user may define a 
very sophisticated multibodv configuration. 


0.1.2 AEROHL (High Lift Aerodynamics) 


6. 1.2.1 Lift Characteristics . The maximum lift characteristics of a configuration 
having both leading and trailing edge high lift devices is determined from the general 
fxiuatlon of Refoixmce 3, 


C 


L 

max 



C 


L 

max 

o 




(5) 


where, 


reference wing area of cletm wing 

S * extendetl i\ing area, including leading and trailing edge high 
lift devices 


C 


L 


max 

o 


maximum lift coefficient of the clean \fcing (i.e. , without an>- 
high lift devices) 



max 


LE 


increment in maximum lift due to deflection of n lending edge 
high lift device. Tlvls Increment is measureil \\1thout a trail- 
ing edge device. 


AC = increment In maximum lift due to uoflection of a trailing edge 

^'TE system. This increment mrtv' • « measured with or with- 

out a leading edge device. 

The clean win«r maximum lilt characteristics may b’ ; • <^t<: from the equation: 

\ 

. mm » ^ ^ ^ 

■ yC. 

max \ * max 

o ' max o 

The factor Is used to correct the section maximum lift coefficient at 

M = 0. 2 for finite wings, including the effects of leading edge sweep angle and airfoil 
nose shape. It is computed a cuxve fit of the data given in Reference 4 in the form 


C 


L 


max 

% 

^max 


= A 


BAy’ 


(7) 


u^ere 


Ay' = 


0 ; 

Ay - 1.4; 

1 . 1 ; 


Ay < 1*4 
1«4 sAy <2,5 
Ay > 2. 5 


Ay is determined from Figure 6-3 and terms A and B in Figure 6-4 as a ainction 
of leading edge sweep angle. 


^*.nax 


o 


is the section maximum lift coefficient and is found from the equation: 


-t '(^i ) * ) 

max max /base \ max/ 


( 8 ) 


max /camber 


***'" ('^«niajb..e (^®<max)cai«b.r *'“'™ *" 

as a fimetion^ ainoil nose sha^, location of maximum thickness and camber. 


The increment ACt due to Mach number is given in Figure 6-7 , taken from 

tUAX 

Reference S, as a funutioa of leading edge sweep (^£> , Ay« and Mach number. 
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Figure 6-4 Factors for Determining Subsonic Maximum Lift 


The contribution of leading edge devices to the maximum lift coefficient is found using 
the relationship: 


A * « / a 

““le ““le ' '« 


(9) 


^ Oimaxt r dimensional increment in maximum lift coefficient and is de- 

fined as 


' ‘’•’’’'ms* • ’s • 

”“le \e 

max 


( 10 ) 


' WUINal page js 
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Figure 6-6 Effect of Airfoil Camber on Maximum Lift 

Ci5i is presented in Figure 6-8 as a function of Cle/c" 

= 2 sin 0L£ and cos ©le ~ 1 ~ 2 , Cle/c' ratio of loading edge de- 

vice chord to the extended wing chord due to both leading and trailing edge devices. 

’^raax i® maximum lift efficiency for leading edge devices and is given in Figure 
6-9 as a function of the ratio of leading edge radius to wing thickness for leading 
edge flaps, slats and kruegers; both curved and flat. 

Is a loading edge device deflection angle correction factor and is presented in Fig- 
ure 6-10 as a function of leading edge deflection angle, djj, for flaps, slats and 
kruegers. 

*^LE leading edge partial span factor, and is shown in Figure 6-11 as a 
function of the ratio of leading edge device span to wing span ^bLE/jj^* 

The term Cl Is tl«e three-dimensional lift curve slope from the equation: 


(2.ARy ( 


tan^ a’ c/2 


^ 

r 
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Figure 6-8 Leading Edge Flap Maxi- 
mum Lift Effectiveness 


2.0 


ti 1.0 

max 


0 

0 0.04 0.08 0.12 0.16 0.20 

LEADING EDGE RADIUS/THICKNESS RATIO 

Figure 6-9 Maximum Lift Efficiency for Leading Edge Devices 
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where, 


AR' = wing aspect ratio for extended leading and trailing edge devices 

A’ ^^2 ~ mid-chord wing sweep with both leading and trailing edge devices 
extended 

/? = >/l - m2 

M = Mach number 

k = C,’ /(2ir/^) 

*0! 

Cr ' is the section lift cuiwe slope and is found from the equation 



is based on the Kutta-joukowski hypothesis of finite velocity at the trailing 
edge and is calculated from the relationship: 


c ' 

oth 


2if +^ 4 . 71 / 0/1 + 0 . 003750 , 


TE 


( 13 ) 


where 


t/c - thickness to chord ratio 

~ total trailing edge angle (deg) 

X E 

The term is a Reynolds number dependent correction factor for boun- 

dary layer displacement effects. It is presented in Figure 6-12 as a function of 
Reynolds number and the trailing edge angle 0^£> 


The maximum lift coefficient increment duo to extended trailing edge devices is 
determined by the equation 



max 


TE 



K 

max 


AC,' 

^ max, 


TE 


is the partial sp:m flap factor defined as 


^ ■'S, 

o outboard 



inboard 


( 14 ) 
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where, 


■s, 


outboard 


inboard 


= the value at the outboard edge of the flap 


= the value at the inboard edge of the flap 


Kboutboard Onboard presented in Figure 6-13 as a function of the ratio of 
flap edge location to v^g span and of wing taper ratio. 

Cl'(j is the three-dimensional wing lift curve slope as given by equation (11) and 
is the section lift curve slope found equation (12). 


Kmax ^ correlation factor based on the type of leading edge configuration. 

^ 1 1. 0 for a slat or Krueger leading edge 

max i 1. 21 for a clean leading edge 


AC|’max-j-g Increment in section maximum lift coefficient due to trailing edge 
flaps and is determined from the equation 


AC|’ 


max 


TE 1=1 







max 


a o'i 


where, 

i = is the 1st, 2nd, 3rd, etc., flap segment 
% 

I = total number of flap segments 


(15) 


is the slotted flap turning efficiency factor. 


The values for are presented in 


Figures 6-14 , -15 and -16 for single, double and triple slotted flaps, respectively. 
The data is presented as a function of flap deflection angle (d^) and total trailing edge 
angle (0TE>* 


C|. is the flap segment lift effectiveness and is shown in Figure 6-17 as a function 
ofthe flap chord ratio (C'f/o'). Figure 6-18 provides a schematic definition of the 
geometry terms involved in a trailing edge flap system for lift estimation purposes. 


1 max ^ 

L 1 ef 

Logo I 2 ^ 2 ^ - ®fH 

' 'o( = o 

' sin 

0jtanX/2“ 


( 16 ) 


I 
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Figure 6-13 Partial-S}‘>iiii Flap Factors 

where, 


COB = 1-2 (C'j/c*) 

COB X = 2 (X_/c*) - 1 

o 

X /o' the separation point — the location of which depends on the leading 
edge configuration. For a clean leading edge, separation is 
assumed at the loading edge (i. e. , (Xg/c’) = 0). For leading edge 
high life devices, sep'iration is assumed to be at the knee of tlic 
leading edge device (i. c. , (X^/c') C'^/C). 

Figure 6-19 presents the variation of ^ 
and the separation point loc^atlon (Xg/c'). 


— ) with flap chord ratio (C'r/c') 

0 / 
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The lift coefficient at a |?iven angle of attack for a hig^i lift system is determined 
from the equation 

s' 

[‘^Lo 

where Aor-j- is the effect of wing twist given by 
Aaj 

A«o 

■ is the change in wing zero lift angle of attack due to a unit change in linear wing 

twist and is presented in Figure 6-20 as a function of quarter chord sweep angle 
(A c/4), aspe^ct ratio (AR) and taper ratio (\). 

Cl^ is the lift coefficient at zero angle of attack with hi^ lift devices extended. It 
is found from the relation 


( 17 ) 


(18) 
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Figun' 6-17 TheoretiojjJi Lifting L'ffeotivuness of Traillng-Edge Flaps 
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L 
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w 



C 


L 


a 


o 


ft 1. 




(19) 


\v!'.oro U>c clean »1ng lift curve slope is found from the equation: 


C 


a 


2ir AH 



(20 > 


;ind Ooj is an inputted value of the clean wing tingle for zero lift. is the in- 

ewmental IU1 at zero angle of attack due to high lift devices, and is calculated as 
folio" s: 



whe IX* : 


- Qap lift factor (Figure 6-13 ) 

' flap ehojxl f:u*tor (Figure 6-21 ) 




















whon>, 


I 

1 « the l«t, 2nd, 3rd, etc,, Oap nogmenta 

I «> the total munbor of flap aeginentc 

■ alotted flap offlclonoy factor 
*^1 (Klgutv 6-14 through 6-16 ) 

0^ « flaji aogment lift offoctivonoaa 

f> (Kiguro 6-17 ) 

flap segment do fleet ion at gle (ck'g) 

The lltl ourvti slope ratlo/Cj /C^ \ is found from UofowtuH.' 4 to bo; 

\ " 7 




AC, 


i i 




c. 


f22) 


The flap chord factor is plotted In Figtire 6-21 as a function of AR and Cf/o 
and the flai> lift factor (K t was shown in Flgutv 6-13 as a function of tnjwr ratio 
X and rpanwiao location 1) y/b/2. 


w\^ , in equation (17), is a term to account for non-linearities in the lift curve. 
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^^max angle of attack increment from the angle at based on the lift 

curve slope (C*^^ ) from- equation (11), to the actual angle for CLmax ^max)* Figure 
6-22 presents Qrpical values for as a function of leading edge sweep angle 

^LE leading edge parameter Ay. 

In order to determine angle of aMack (a) as a function of lift coefficient, equation (17) 
may be rewritten in the form; 
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Thus, it may be shown that if 
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6^ 1,2.2 Di-ng Characteristics . The drag characteristics of a configuration having 
both leading and trailing edge high lift devices are determined from the equation: 
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Figure 6-22 Angle-of-Attack Increment for Subsonic Maximum 
Lift of High-Aspect-Ratio Wings 


and 


C = C + AC + AC + AC + AC 

min ^min , *^LG ^FI.APS ^SLATS 

clean 


( 26 ) 


where. 




min 


AC, 


AC, 


clean 
LG 

Vlaps 

^SLATS 

AC 


- minimum drag coefficient of clean config\iration 

= incremental drag due to landing gear 
= incremental drag due to trailing edge flaps 

- incremental drag due to leading edge slats 

= Incremental induced drag due to increasing the lift coefficient 
at zero angle of attack by extending the trailing edge flap 
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'I'he Incremental profile drag coefficient of a trailing edge flap is defined by the equa- 
tion from Reference 6 • 


AC 
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= AC 
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The term AC 


Dp ) 

TE/C'j/c'- .21 


is found from Figure 6-23 


equivalent flap angle (<5fgQ)* 


as a function of the 




aa„ 


(28) 


where. 


- deflection iuigle of the first flap segment 

6 - deflection imgle of the last flap segment 

*2 

a. - changi' In section zero lift angle of attack due to flap deflection 

A schematic of tlie tx'alling edge flap geometiy for drag purposes is presented in Fig- 
ure G-24 . Curves of are given in Figures 6-25 and 6-26 for single and 
double slotted flap systems, respectively, as a function of flap chord ratio C'^/c' and 
flap deflection tuigle aj. Note, fix>m Flgiu'e G-24 , tliat a triple slotte<l flap must be 
expressed in terms of a double slotted system in order to use the a^ cur/es of 
Figure 6-26 . 


AC, 


P 

TE 


TE/cyc* . 25 


is the term to correct the flap pxx)file drag increment to 


other values of C'j,/c' and is presented in Figure 6-23 as a fxmetion of flap chord 
ratio cyc'. 
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Figure 6-23 Parasite Drag of Trailing Edge Flaps 
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Figure 6-25 2-D Flap Effectivenets. Single-Slotted Flap 
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Fig^ure 6-26 2~D Flap Efftctivness. Doubh^Slotted Flap 


Sfiappetl represents the area of the win^ enci>mpassed by the inboard and outboani 
etlftea of the trailing edge flap, with the leading and trailing edges rotated into the 
plane of the %ving chord as shown in Figure <;-23 . 


The profile drag coefficient due to leading edge devices is derived from the if|uation 


AC =0. 154 

*^SLATS 



( 29 ) 


whore Sle the planform area of the leading edge device. 


The value of ACdj Is determined from the t>qiiation of Reference 4, 
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where K^and Kf, shown plottetl in Figure 6-27 ,are factors which account for the 
nun-elliptical span loading of partial span flaps. Kf Is presented as a func*»nn of 
bg/b and (b b^/b, where b is the wing span, b^. tlie flap span, ai\d bj,/2 the distance 
between the wing centerline and the inboard edge of the flap. is presented as a 
function of bp A) and AR/2 it. 

AC^p thn incremental lift coefficient due to flaps at zero angle of attack and is 
determined from equation (21), where 


AC 
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= AC’ 
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'rhe induced drag due to deflecTing trailing edge flaps is given by the tenn 


C - C, - AC, \ due to 
/ flapa 

IT A Re' 



of i\|uatiun (25). 


The tenn 
iHiuation: 


e‘ 


is the spun efiieieney factor for determining polar shape and is given by ihi 


- e 


S ' 


w 



wlu're e is the clean airplane ^)olar factor, Cj^^ is the lift coefficient lor minumim 
drag of the clean fflrplane |x>lar, while the Increment in miniinun\ drag due to tin flap 
i'i li'tcrmined from the Equation; 
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Llilucto /C \ 

/ flaps (0. 5 -CjA') 
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8.1.3 PROPUL (Propulsion Characteristics) . This routine computes engine thrust 
and fuel flow characteristics at a designated flight condition. Required input for the 
routine consists of thrust and fuel flow data as a fiuiction of speed, altitude and power 
setting. Using a table look-up procedure, the program searches through the matrix 
of input data and interpolates for the desired engine eharactcristics by using the hyper- 
bolic curve fit routine of subroutine PROl'i. 

It should be noted that the program expects the ininit engine data to have alremly ijcen 
corrected for installation losses, 'niere is no existing capability m the program for 
calculating these losses. This is not a sori<Hi8 drawback so long as the sizing exer- 
cise is restricted to a pailicular engine/;ii frame installation concept, llewevcv, as 
soon ns the installation coiicept significantly changes, a new engine data deck must 
be provided. 

In order to make the propulsion routine applicable to hytirogen t>r metlnuu' type fuels, 
the fuel flow characteristics of tlie input .1 P engine deck are ratioed by the lower l<eat- 
Ing value of JP fuei diviiJetl by the lowtr heating value of hydrogen or metlumt, rlio 
appropriate heating values of these three types of fuel arc given as follows: 

J i‘. 18, 100 mu-nb 

Mothaije 21,350 lUu/lb 

Hydrogen 51,500 Htu /lb 

Thus, it is seen th.at the fuel flows for an engine burning hviiiH>gen or methane tuel 
will be lower than with Jl' fuel, 

0.1.4 GEQM (Geometry Definition) . Complete and accurate geometric dat:», inso- 
far as possible, are generated for use in liiag estimation and weight estimation by a 
geometi’y subroutine. A relatively small amount of generali/ed data is recpiirotl as 
input. 

rliis routine is intended to reduce or j c-move the rt*tiulroment lor making mam tlraw- 
ings ;md the hand computation of geometric data rcxiuired l»v dr:ig and weight estin'.i- 
tlon methods. This is more fully described in Sc*etion 2.0. 

C.1.5 WEIGHTS (Component Weight Kstimation) . Oosign weights used m |»‘*rform- 
ance analysis, as well as a component weight breakdown, is piovided by the weights 





subroutine. The routine was designed and developed to pro^'lde accuracy and flexibil- 
ity of application. Accuracy is obtained by use of substantiative equations and, con- 
sidering the design stage in which the program is meant to be used, accuracy is con- 
sidered good. Flexibility is achieved by using more than one equation or method, 
selecting the most appropriate by controlling the input data. This routine is more 
fully described in Section 3.0. 

6.2 MISSION PERFORMANCE. As previously discussed, mission performance is 
divided into ten flight regimes: takeoff, climb, acceleration, cruise, loiter, combat, 
descent, deceleration, reserve, and landing. Takeoff, combat and landing are rep- 
resented by fuel allowance calculations only while reserve depicts a percentage of 
total fiiel. Actual flight performance is calculated for the other flight regimes, using 
equations of motion. 

Calculated fli^t performance is determined by similar procedures for each of the 
flight regimes. Equations of motion are solved for the required unknown (e. g, , angle 
of attack), and the required flight condition is derived. For example, cruise can be 
calculated either at given constant conditions (fixed speed and altitude) or at optimum 
conditions (e.g. , speed for maximum specific range). Integration of various param- 
eters over the applicable increment (e.g., an altitude increment in the case of a 
climb) is handled by the Gill integration procedure, which was specifically developed 
for efficient computer use. Termination occurs when a specified condition is reached. 

For each mission segment, the number of operating engines, the type of atmosphere, 
the aerodynamic configuration, and an airplane weight increment can be specified. 
Thus, each of these parameters can be changed at definite points in the mission by 
specifying them for each segment. 

For ease of use and understanding by a using engineer, each flight segment is repre- 
sented in the program by a separate subroutine. Siiice different missions will vary 
in the way of a given flight segment is to be performed (climb, for instance, can be 
at maximum rate-of-climb speed or at a given speed- altitude schedule), several op- 
tions may exist within a given subroutine. The desired option is Indicated by use of 
an input index, with each index representing an alternate way of flying a given mission 
segment. 

A more detailed description of each mission segment is given in the following sections. 

6.2.1 Takeoff. For a given (Inputted) speed, altitude, and power setting, the fuel 
flow is determined from subroutine PROPUL (Section 6. 1 3 ) and the airplane ”'ei^t, 
fuel used, and time are adjusted accordingly for a given time allowance. 

6.2.2 Climb. There are four separate climb options available in the program. 
These options differ in the manner of performing the climb: at maximum rate-<>f- 
climb speed, or at a given speed- altitude schedule; and in the way in which the climb 
is terminated — at a given altitude, or at the optimum cruise altitude. 
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6.2.2. 1 Calculates Climb at Speed for Maximum Rate-of-Cllmb, Termlnatea 
Climb at a Glvon Altitude . At an Ijiitial starting altitude, the raaxlmum-rute-of- 
climb and the accompai\ving speed are deternnned from subroutino MAXItCV (Section 
0.4.2 ) for zero acceleration. Both are than rci ulculated at an incremented alti- 
tude, with the airplane weight for Uie second altitude being estimated by the fuel flow 
obtained for the flight condition at Ujc first altitude. 

W @ hg = W © hj - Fuel Flow © 
whore: 



W @ h = airplane wiig^it at altitude 

A 

W @ hj “ airplane weigjit at iUlitude h 

AH = incremental climbing altitude (h -h ) 

A X 

R/C@hj = airplane rato-of-climb at altitude hj 


A tangential acceleration Is then calculated, based on accelerating from the velocity 
for maximum rate-of-cllmb at the first altitude to that at the second altituiio. 


max R/C © hg '^max R/C © h 


U/C 


1 / 


max © h. 


U/C 


max © h 




R/C 


AH 


'■"«o 


max © h„ 


R/C 


mjix © h 


I 


where: 

'^mux R/C @h,j = airplane velocity for maximum rato-of-climb at altitude h^ 

V - airplane velocity for maximum rato-of-climb at altitude h, 

max R/C © h^ ‘ ‘ 1 

The spewis and max R/C's are Uien rocalculnted, and the procedure is Iterated until 
the change in rate-of-cllmb (duo to U:e change In accoloratlon) doorcases to within a 
specified tolerance. 

The time, distance, Idol, weight, altitude, and velocity are then Integrated over an 
altitude Increment using subroutine MSN INTO (Section 0.4.9 ) ai\d tlie above proced- 
ure is repeated until the given finsU altltmio is reached. 
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6. 2. 2. 2 Calculates Climb at Speed for Maximum Ratc-of-Climb, Terminates Climb 
at Optimum Cruise /Utltude. The procedure for calculating the climb in this routine is 
the same as that deseiibcd for the pi'evious routine, except for the manner of termina- 
tion. An altitude is determined, which will provide the maximum value of specific 
range in cruise fliglit, and is designated as the optimum cruise altitude. This altitude 
is determined by using subroutine MAXSRH (Section G. '. '"d. 

Since the optimum cruise altitude changes as the airplane weight changes (due pri- 
marily to fuel consumption), it is recomputed when the climb approaches its termin- 
ation. An optimum altitude is calculated at the start of the climb, and when the climb 
is computed to this height, Uie optimum cruise altitude is determined once more, at 
the then reduced airplane weight. The climb is then continued to this new termination 
altitude. 

G.2.2.3 Calculates Climb at a Given Speed-Altitude Schedxde, Terminates Climb at 
a CiveniAltitude . The fixed speed-altitude schedule is ii^ut by the climb subroutine. 

The speed can be in terms of either velocity (knots), or Mach number. Up to five 
segments can be represented for a given climb (i. e. , the schedule can be divided in- 
to five parts), with different segments in differing speed terms if required (e, g. , a 
Mach altitude schedule segment followed by a velocity-altitude segment). The sched- 
ule can be either Uncar, or a hypervolic curve fit (KABD) (see Section 6.4.13). 

For a given altitude, initirilly the starting altitude, the climb speed is taken from the 
speed-altitrde schedule. The airplane flight parameters are calculated. Including 
rate-of-climb, using subroutine FEQMA (Section 6.4,1 ) at the current climb weight. 
This is i^jpetited at an incremented altitude with the aiiTlane weight estimated as 

W @ h - W @ h - Fuel Flow @ h 
1 1 

The tangential acceleration necessary at the initial altitude is calculated, which will 
enable the velocity at the second altitude to be reached. 


(V @ h^ - V @ h J (r/C @ hg - R/C @ h J 



where: 

a,^, = airplane timgentlal acceleration required at altitude h^ to obtain 
desired wloclty at altitude h^ 


AH \ 
R/C 


6-39 



7’he rates-of-climb arc tlien recalculated, and the procedure is Iterated until the 
change in rate-of-climb (due to the change i)i acceleration) decreases to within a spec- 
ified tolerance. 

The time, distance, fuel, weight, altitude, and velcscity are then integrated over an 
altitude increment using subroutine MSNINTG (Section 6.4.9 ), and the above pro- 
cedure is repeated until the given final altitude is reached. 

6 . 2 . 2 . 4 Calculates Climb at a Given Speed — Altitude With Velocity Given as 
Equivalent Airspeed, Terminates Climb at a Given Altitude . The procedure for cal- 
culating the climb in this routine is the same as that described for the previous rou- 
tine, except that the velocltj'-altitude schedule is given in terms of equivalent air- 
speed rather than true airspeed, 

6.2.3 Acceleration . There are two alternate acceleration routines available in the 
program. One terminates at a given final speed and the other terminates at an opti- 
mum cruise speed. 

6. 2. 3.1 Calculates Acceleration to a Given Final Speed . The initial speed can be 
either the current mission velocity or a fixed input velocity. The tangential acceler- 
ation is calculated for tlie given power setting using subroutine FEQMA (Section 

6.4.1 .) and integration of time, distance, fuel, weight, and velocity is done with 
respect to a velocity increment using subroutine MSNINTG (Section 6.4.9 ). The 
accleratlon is terminated wfien a given (iiputted) speed is reached. 

G.2.3.2 Caleulates Acceleration to Optimum Cruise Speed. At the curi’cnt or 
given (input) altitude, jm optimum ci'ulse speed, providing a maximum value of sp>xjl- 
fic range, is detennined using subx'outine MAXSRV (Section 6.4.3 ). The tangen- 
tial acceleration is calculated for a given power setting using subroutine FEt^MA 
(Section 6.4.1 ) at the stalling velocity, wliich can be cither the current speed or a 
given (input) speed. Time, distance, fuel, weight, and velocity are then integrated 
over a velocity interval using subroutine MSNINTG (Section 6.4.9 ) and the proced- 

ure is repeated until the previously determined optimum cruise speed is reached. 

6.2.4 Cruise. The program is capable of calculating cruise characteristics for 
two flight conditions* at a given speed and altitude, and at an optimum speed and 
altitude. 


6. 2. 4.1 Calculates Cruise at Given ^eed and Altitude . The current values of 
speed and altitude are tal^en as fixed cruise conditions if input values are not proviil- 
od. Checks are made against the maximum altitude boundary (for the given mini- 
mum ceiling rato-of-cllmb and maximum cruise power sotting), the minimum veloc- 
ity (determined by the maximum allowable flight angle of attack), and the maximum 
volocltj (using the maximum cruise power setting) by using subroutines CEILING, 
MINVEL, and MAX VEL (see Sections 6.4.6 . 6.4.7 , 6.4.8 ). 
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The flight conditions at the cruise speed and altitude are determined by using sub- 
routine FEQMA (Section 6.4.1 ), solving lor angle of attack and power setting, 
with zero flight path angle. Time, distance, luel, and weight are then integrated over 
a weight increment using subroutine MSNINTG (Section 6.4.9 ), and the procedure 
is repeated until the accumulated total distance equals the given cruise radius. 

6. 2. 4. 2 Calculates Cruise at Optimum Speed and Given Altitude. The current 

value of altitude is taken as the fixed cruise condition if no input value is provided. 

A check is made against the maximum altitude boundary (for the given minimum ceil- 
ing rate-of-climb and maximum cruise power setting, using subroutine CEILING, 
see Section 6.4. 6 ). 

The optimum cruise speed, providing the maximum specific range, is determined 
(using subroutine MAXSRV, see Section 6.4.3 ), and flight conditions are calculated 
(using subroutine FEQMA, see Section 6.4.1 ), solving for the angle of attack and 

the power setting. This is done for the initial airplane cruise weight, and for an in- 
cremented weight. The tangential acceleration at the initial weight and speed is then 
estimated, and the flight conditions recomputed. 

- AW 
Fuel Flow 


= cruise time increment required to bum AW amount of fuel 
= fuel weight consumed during cruise 


At 

~ airplane speed at final cruise weight 

= airplane speed at initial cruise wei^t 

This procedure is repeated until the change in specific range (due to the change in 
acceleration) decreases to within a given tolerance. Time, distance, fuel, weight, 
and velocity are then integrated over a wei^t interval (using subroutine MSNINTG, 
see Section 6,4. 9 ). The above procedure is then iterated until the accumulated 
total distance equals the given cruise radius. 


where: 

At 

AW 


"T 

where: 


V. 
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6. 2. 4,3 Calculates CniLse nt Optinunu Spootl luici Altitude , The optimum cruise 
speed ami altitude are determined, provUUng a maximum value of specific rau};e using 
submuline MAKSHH (Section 0,4.5 ). I'his is done at the initial cxidse weight and 
an incremented weight. Au estimated rate-of-elimb and tangential acceleration are 
then estimated at the Initial weight, based on ix'aehing the optl.nuni speed and altitude 
fertile incrementtHl weight. 


At 


AW 


Fuel Flow 


R/C 


VN 

At 



y • a XV sin 


R/C 

V. 


'I’hc above procedui'c is repeateil until the change in specific range, due to changing 
values of rate-of-ellmb and tangential acceleration, dt'creases to within a given tol- 
ex*:uice. 

Time, distiuiee, fuel, weight, altitude, and veh>clty are integrated over a weight in- 
terval using sulmnitine MSNINT'v! (Section 0.4,9 ), The entiix' process is tlien 
UeixittHi until U'.e accumulated ti>t:;l iHstanee equals tlic gi\ en endse radius. 

6. 2. 4.4 Calculates Cruise at Cilven Speed and .Altitude, for (.liven Fuel I’sage . The 

piXK'oduiX' for calculating the cruise in this routine is the same as that described in 
Set'Uon 0.2.4. 1 ; except for the manner of tei'mination. the exxUse is lerniinated 

when Uie aecunuilated total fuel uscil tniuals a given fuel usage value. 

6. 2. 4. 5 Calculates Cruise at Optimum Speed ami (itven Altitude, for Given Fuel 
Usage . The procedure for ealculating the eixilse In this routine is the same as that 
descx'ibed in Section 0.2. 4. 2; except for Uie manner of tei'mination. The ex’uise 
Is terminated when tlie aeeunuilateil total fuel used equals a g1\’on fuel usage v;ilue, 

0. 2.4. 0 Calculates Cnitso at Oxitlmum Speed mid .Altitude, for Given Fuel Usage. 
The pivcmlurt' for ealeulating the enilse in this I'outlne is tlie same as that described 
in StH'tlon 0.2. 4. ,3; except for the manner of termination. The cmise is terminated 
when the accumulated total fuel used tHgials a given fuel usage value. 



'• .. 


6. 2. 5 Descent, There are two ways of calculating descent in the present program: 
for a given speed-altitude schedule, where speed is given in terms of either true or 
equivalent airspeed. 

6. 2. 5.1 Calculates Descent at a Given True Airspeed — Altitude Schedule at a 
Given Descent Rate. Descent performance is determined by integrating over an alti- 
tude increment for a given descent rate and for a given true airspeed-altitude sched- 
ule. The descent is terminated when a given final altitude or equivalent airspeed is 
determined. The power setting is limited to idle during descent. Should this limit 
be reached prior to termination of the descent, the descent rate is reduced according- 
ly, holding the speed-altitude schedule as defined. 

6.2. 5.2 Calculates Descent at a Given Equivalent Airspeed-Altitude Schedule at 
a Given Descent Rate . The procedure for calculating descent in this routine is the 
same as that described for the previous routine, except that the speed-altitude sched- 
ule is given in terms of equivalent airspeed rather than true airspeed. 

6.2.6 Deceleration. This routine calculates deceleration performance to a given 
final speed by integrating over a speed increment. The final speed is limited to the 
minimum velocity. 

6.2. 7 Loiter. The program is limited to the calculation of loiter at optimum speed 
and given altitude. The current altitude is used for loiter unless an input value is pro- 
vided. A check is made against the maximum altitude boundary (for the given mini- 
mum ceiling rate-of-climb and the maximum loiter power setting, using subroutine 
CEILING, see Section 6.4. 6 )• 

The optimum loiter speed, providing maximum endurance (minimum fuel flow), is 
determined (using subroutine MAXENV, see Section 6.4.4 ) at the initial loiter 
weight and an incremented weight. The tangential acceleration at the initial weight 
and speed is estimated, and the flight conditions are computed (using subroutine 
FEQMA, see Section 6.4.1 )• 


A 


- AW 
Fuel Flow 


a 


T 



This procedure is repeated until the change in endurance, due to the change in accel- 
eration, decreases to within a given tolerance. Time, fuel, weight, and velocity are 
integrated over a weight interval (using subroutine MS^INTG, see Section 6.4,9 ), 
and the above procedure is repeated until the given loiter time is equaled. 
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(5.2.8 Combat. For a jtivun (inputtoil) apoeil, altitiulo, ami power setting, the 
fuel is determined front subroutine IMtOPUI. (Section (5.1.3 ) and the airjjlane weight, 
fuel used, and time are adjusted aceonlinglv for a given time allowance. 

G.2.9 Heserve . A fuel reserve is calculated based on a given (inputted) value 
of percentage of total fuel used. It is used to increment the current airplane weight 
and the mission ftiel used as follows; 


A fuel r 


% reserve „ , 



l-% reserve (current) 


Fuel I'uel , * fuel 

(current) 

W - W ^ -A fuel 
current) 

6.2.10 Landing . For a given (inputted) speed, altitude and power setting, the 
fuel flow is deterraitjcd from subroutine IMIOPI'L (Section 6,1.3 ) and the airplane 
weight, fuel used ai^d time :\re adjusted accordingly for a given time allowance. 

6.2.11 Itenite . A correctlv sized aiiphuie (in terms of gi'oss weight) carides 
sufficient fuel aboanl to equal the mission fuel requirement, if tnis is not the case, 
the aiii>lane size must be re-estimated, and the mission rec;ilculated. 


For the first iteration, tlie aiiplane weight estimate is based on tlie difference be- 
tween Utc mission fiiel tuul tI\o fuel on board, and a weight gi'owth factor. 

tJikooff,^ takeofij ' W/F 

wliere: 

- estimated tiUvOoff weight for succeeding iteration 

taKooft 

computed talvooff weight for syntlioslzod fuel requli'oments 

f^y/F “ gross welght-to-fuol gixm-th factor. 

Thvm, for example, If the fuel carried by the Jiiiplane is 1000 pounds short of the 
mission fuel miuirement, and a growth factor of 1.5 is assumed, the airplmie weight 
would become 1500 ptu\«uis greater for tlie next cycle. 

For successive Iterations the fuel and airplane weights for the last two previous itt'r- 
ations are ustni llneariy li> estimate the jiroper aiiplane size. 
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GW GW 
where; 

AFucl^ - the difference between the I'equired mission fuel and the fuel 
carried on Iward, .i? calculated in the last sizing Iteration 

A Fuel = the differences between the required mission fuel and the ftiel 

cariicd on board, :xs calculated in the next co the last sizing 
iteration 

G.2.12 Missioiu This routine controls the mission calculation b/ coordinating the 
sequence in which the various mission segments are executed. It also contains the 
iterative logic to assure that the cniise, descent, and deceleration segments are pro- 
perly matched such that the total mission range requirement is satisfied. For example, 
if the total mission range reiiuired is 3000 nautical miles, the program will cruise until 
that total range is satisfied. Then, if a descent and/or deceleration segment immedi- 
ately follows tlie cruise, the added range contribution will be added to the 3000 nautical 
miles already flown. The program then returns to cruise mth a first guess as to what 
portion of the 3000 nautical miles should be consumed during cruise and what portion 
tiuring descent and/or deceleration. This process is continued until the required range 
is properly distributed between the cniise, descent and deceleration segments. Range 
contributions from segments prior to cruise are not affected by this iteration, but are 
it\cluded in the total mission range calculation, it should be noted that this iterative 
process will not be activated if a mission segment other than descent or deceleration 
follows immediately after ciaiise. Thus, a cruise, loiter, descent, deceleration se- 
quence will not result in a proper total range calculation. 

6.3 PP^RFORPdANCE ANALYSIS. As previsouly discussed, the performance rou- 
tine will calculate the following performance paramecers specific excess power, sus- 
tained maneuver load factor, maximum speed, maximum ceiling, takeoff and landing 
distance. These calculations are carried out in subroutine PERFORM. It should be 
noted that input values sucli as engine power setting,, gross weight, percentage of fuel 
carried, atmospheric conditions, aemdynamic configuration, number of engines, etc. , 
are held constant for the first four parameters. For example, if the power setting is 
specified as intermediate, the specific excess power, sustained maneuver load factor, 
maximum speed and iling will all be calculated at intermetiiate power. Takeoff and 
landing power settings may bo independently set. 

These performance parameters are calculated in a straightforward manner by solving 
the equations of motion for a fixed geometry Jiircraft. The normal procedure is to 
size the aircraft to perform a specified mission by running the Mission Performance 
ixiutine and then determine the performance characteristics of U»at aircraft. Generally 
spoiiking, the resulting first cut performance will not satisfy the rcijuircments. Thus, 
significant design parameters such as wing area and engine scale factor need to be 


- A Fuel 


G’.V - GW 

i 


2 \ A Fuel, 


AFuel 
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appropriately varied until a configuration is found which satisfies the desired perform- 
ance characteristics as well as the mission requirements. 


The program may also be used without first running the mission performance routine. 

A known, fixed geometry configuration may be input and its resulting performance char- 
acteristics determined without any regard for the aircraft's mission capability. 

The individual performance parameters are discussed in the following sections. 

6.3.1 Specific Excess Power. The specific excess power capability of a fixed 
geometry aircraft is determined from the equation 


SEP 


(T - D) V 

W 


where, SEP = Specific Excess Power 
T = Thrust 
D = Drag 
V - Veloci^ 

W = Weight 


In order to carry out the calculation it is necessary to define the engine power setting, 
gross weight, percentage of fuel carried, atmospheric conditions, aerodynamic con- 
figuration, number of engines, Mach number, altitude and normal load factor for wltich 
data is desired. Given this information, the program calls subroutines PROPUL (Sec- 
tion 6,1.3 ), AERO (Section 6.1,1 ), ATMOS (Section 6.4. 1 ), and FEQMA (Sec- 

tion 6.4.1 ). 

It should be noted that SEP'.'^ can be calculated at several flight conditions during one 
run by defining the ^propriate matrix of Mach numbers, altitudes and normal load 
factors desired. 

8.3.2 Sustained Maneuver Load Factor. Sustained maneuver load factor means that 
load factor perpendicular to the flight pat^ .vhich the sUrcraft is able to pull at a fixed 
power setting ^Yithout changing the flight path velocity. This means basically that the 
aircraft thrust and drag must be equal. 

In order to carry out the calculation, it is necessary to specify the Mach number and 
altitude at which data is desired. The engine power sotting, gross weight, peix*entage 
of fuel carried, atmospheric conditions, aeroc^namic configuration and number of en- 
gines are set equal to the values used in calculating specific excess power a.s «!e.serilx (l 
in Section 6.3.1 . 
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Glvt'ii thiij information, the program calls subroutine PKOPUL (Section 6.1.3 ), AKRO 

(Section G.1.1 ), ATMOS (Section 6.4.11, ) anti FEQMA (S<*etion 6.1.1 ). 

6.3.3 Ma.ximum Speed. This routine determines the maximum speed capability of 
a fixed geomotiy tiircraft at various altitudes. Therefore, the only additional inputs 
required for this calculation are the altitudes at which data is desired. The engine 
power setting, gross weight, percentage of fuel carried, atmospheric conditions, aero- 
dynamic configuration and number of engines are set equal to the values used in tlie 
specific excess power and sustained lead factor calculations. 

Given the above information, the program calls subroutines MAXVEL (Section 6.4.8 ), 
PROPUT (Section 6.1.3 ), AERO (Section 6.1.1 ), ATMOS (Section 6.4.11 ), and 
FEQMA (Section 6.4.1 ), in an iterative fashion until the equations of motion are sat- 
isfied such that the normal load factor is one and the tangential acceleration is zero. 

6.3.4 Coiling. This routine determines the maximum ceiling capability of a fixed 
geometry aircraft at various speeds for a given minimum rate of climb. Required in- 
put for tins routine consists of a specified rate of climb and a matrix of speeds for 
which ceiling data is desired. The engine power setting, gross weight, percentage of 
fuel earned, atmospheric conditions, aerodynamic configuration and number of engines 
are the same as those used in the specific excess power, sustained load factor and max- 
imum speed calculations. 

Given this information, the program calls subroutines CEILING (Section 6.4.6 )f 
PROPUL (Section 6.1.3 ), AERO (Section 6.1.1 ), ATMOS (Section 6.4.11 ), 

MAXRCV' (Section 6.4.2 )» anti FEQMA (Section 6.4.1 ). 

6.3. 5 T.akeoff. The prog^ram contains two different prewedures for calculating the 
takeoffdistanceovora 10.668M (35-ft) obstacle - one l)oingempirlcal and the other semi-ana- 
lytical. Through input, the user can dictate the use of either or both procedures. 

6.3. 5.1 Empirical Procedure . The empirical procedure consists of detei'minlng 
takeoff distance as a function of span loading (W'pQ/b^) and static thrust to weight ratio 
for an engine out condition (Tg'ro VVjq is the maximum aircraft take- 

off gross weight, b is the wing span, Ty-pQ is the sea level, standard day static thrust 
and Ne is the number of engines. Figures 6-28 and 6-29 present the required nm- 
way distance, in meters (feet), for a two- and four-engine aircraft, respectively. Results 
for a three-engine configuration are found by averaging the two- and four-engine results. 

It should be noted from these figures that the range of empiricism is fairly narrow. 

Thus, results obtained outside this range should be viewed with suspicion. Another 
draw'back to the use of Figures 6-28 and 6-29 is that the higjj lift system needeil to 
obtain these takeoff distances remains undefined. The ilata shown is based un aiivraft 
whose high lift .systems have been individually optimized, and art* therefon* all differ- 
ent, Advmitages of using this cmpiilcal proceduiv include the fact that the required 
climbout flight path angle, y2» ^satisfied through seU>ction of the proper high 
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lift system. As will be discussed In the semi-anfilytlcal approach, this eliminates 
the necessity of reiterating the program to satisfy the climbout requirement. Another 
advantage of the empirical procedure is t>> negate the need for calculating a takeoff 
maximum lift coefficient Cr . In summarj-, the empirical procedure allows 

rUcWrpQ 

the user to get a first approximation of takeoff distance without having to calculate 
Cl or reiterate the program to meet the climboiat flight path requirement. 

8.3. 5.2 Semi-Analytical Procedure . The semi-analytical procedure is cc, siderably 
more complicated than the empirical procedure. In essence, the procedure goes as 
follows: 


1. The user selects the takeoff high lift configuration through input variables. 

2. For the selec*ted hl^ lift geometry, the program calculates Ct using 

lIluArpr \ 

the hi^ lift estimation procedures of Section 6,1.2 . 


3. Ct _ is defined as Ct /O. 9. 

^CARfo ^max'r/'^ 


4. The velocity Vg 


CARj-q 


maX'j'Q 

is determined from the equation 


2W 


CAR, 


to 


L 


p Sw 


CAR 


TO 


where, 


W * aircraft weight 
P -■ air density 
Sw = reference wing area 


5. A minimum flight speed during second segment climb is deftnod as 


6, The climbout flight path angle, is calculated at the \ eloclty using 

the lift and drag ‘haracteristics of the tiukeoff flap configuration. 

7. The associated takeoff distance over a 10.6GMM (35-ft) vibstae’e is Jetermined 
from Figure 6-30 as a function of the parameter VV“/<^SwTCl^ (Reference H i. 

where. 


o -- ratio of air density at altitude to tluit *it sea level 
T - sea level static thrust at t:ikeoff power setting 
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Figure 6-30 Semi- Analytical Takeoff Distance 
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^Takeoff Distance over 10, 66BM Obstacles 






lift rooffloicMil corri‘.spon(Unj> to maximum takooff rotation uimlo. 


H. riio takc’oif distance is mulUpIiod by llu' 1 ir> percent C’AIi factor. 

A( this point, the us‘>r compai'es the results with the flight path angle and takeoff dis- 
tance rtx|uirements. If those retiuirements are not satisfied, Uie flap configti ration 
slH)uld bo revised and the procedure repeated. The procedui’c is thus an iterative one, 
which rtH|ulres a knowledgeable user to properly revise tlie flap configuration as 
nceessaiy. 


G.3.G banding . As in takeoff perfo nuance, tiie program can determine landing per- 
formance in either one or both of the following ways: through an empirical procedure 
or through a semi-analytical procedure. 

(>.3.6.1 Kmpirlcal ITocedure. The empirical procedure is, by far, the simpler of 
the two metliods. The i)rogi*am merely determines an approach speed as a function of 
wing span loading' (VVjo/b^) frnni Figure c,- 3 i and then determines the required land- 
ing distance over a 15.2‘lM (5U-ft) obsUiele from Figure 6-32 as a function of (he 
approach speed. The approach speed is seen in Figin*e 6-31 to airo bo a funcli>>n of 
the typo flap system (i.e. , single, double or triple sloltod) and the number of engines 
((wo or four). The approach speed for a (hreo-engino configuration is determined 
averaging the two- and tour-engine results. Note, also, that tlie single and double slotted 
data have been assumed identical. All data is based on configurations having optim- 
ised flap systems so as to meet the liuuling appn>ach gradient i-equlrements. Thus, 
tl)e empirical piucediux? allows the user ti> got a first cut estimate of landing disbince 
w1Uu>ut Having to specifically identify a high lift system or Oie associated aei-odynaiuic 
eoeffleients. 


6. 3. 6. 2 Semi-Analytical Frocediii’e. The seml-amUytlcal procedure is consider- 

ably more eoitipllcatod than the empiilcal procedure. A genend outline of the metluul 
Is as follows: 


1. The user selects a landing high lift system through input variables. 

2. Using the aerodynamic high lift piueedures of Section G.1.2 , the program 

calculates fhe seleeled high lift system. 


‘"iTAIl,, ‘'I IIULV, ; 


-1, Following the rtxiuiremenl that the approach st;»ll speeil shall l>e less ihun or 
equal to 1, 1 'Miies the landing stall sjH'ed 


C C 

'app \’AK 


1 , 


1.21 



.span 



TigKTC 'H-.ji Approach Speed Estimate for Empirical Method 
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5. For an initial ik'fliUKi aiiplano weight (W), a iaiuUng stall simhhI Is oaleulaUal 
ns 


V 




2\V 

PC Sw 

‘'CAK 

-L> 


where. 


p - air density 
Sw - reference winp area 

C = maximum lift coefficient for landing based on Civil Air Regula- 

Y'AR tion (CAR) requirements 

jLi 


(). Since CAR regulations require tlio appi-oach speed to be greater than or equal 
to 1. 3 times the hmding stall speed 


V :• 1.3 V,, 
app S 


CAR. 


7, The landing distance over a 15. 24M ^50-fl) obstacle is found from Figure 0-33 

as a function of the iwrametor W/ff SW Ci , (Refoivnce 8 ). The data as- 

•‘"CARl 

sumod a touchdown speed of 1. 15 and a conshant gix>und deceleration of 

7 ft/stw“. 

8. The lUstance obtained from Figure (j-33 is tlivided by 0.0 to abide by CAR 
regulations. 


Having found the landing distance ovt*r a 15.21M (50-ft) obstacle for the landing flap 
condition, the pn>gram prweeds to determine the approach flight path angle in the 
following manner. 


9. The user ilefines a new high lift configuration during approae)\ through input 
vaiiables. 


10. Using the lilgh lift aermi.vammic pi'occilures of Section 0.1.2 •» the pivgram 


calculates C 


1. 


C 


CAR , 


1, 


nmx 


for the approach high lift system. 


0.9 


11 . 


The CAR inaxlmum lift coefficient for U\e approach high lift system 
^C'i^car^) compaix'tl to tl\e nxiuiri'il lift coefficient for appiuach based 
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on the landing high lift system 




app 


1.21 Cl /0.9) 
^inaxL / 


If 


^LcaR 


12 . 


< C'l.^pp the approach high lift system is set to the next set of input 

variables (Stop 9). If Ct > Ct the ajjproach flight path angle y„,„ 

' ^'m.TXy^ *'app ‘>PP 

is calculated using the approach velocity (V^pp) imd high lift system aero- 

dynanacs. 

The approach higli lift system is set to the next set of input variables and 
Steps 9 through 1 1 are repeated. 


13. U'hen the pi^tgram exhausts the list of appix>ach high lift systems, it returns 
to Step 5, resets a new airplane landing weight and proceeds through Step 12 
again. 


In essence, a landing distance is calculated for a given landing hig^ lift system and a 
given landing weight. The progi'um then allows the user to input numerous combina- 
tions of approach high lift systems so as to satisfy the CAR requirement tliat Vjjpp 
>1.3 . If tills requirement is met, or if the list of input configurations is 

exhausted, the program will begin the process over for a new value of landing weight. 


G.4 SUPPLEMENTARY ROUTINES. Certain functional routines such as solving the 
Right equations of motion, optimizing a given parameter (c.g. , speed for maximum 
specific rajige), integration, and data storage, have been divided into separate sub- 
mitines for more efficient computer usage. These supplementary mission routines 
are described in the following sections. 


(>.4.1 FEQMA (Foive Equals Mass Times Acceleration). This routine solves two 
dimensional equations of motion and calculates accelerations due to propulsion and 
aerodynamic forces, iterating when necessary to define up to two unknowns (e. g. , 
angle of attack). 

The routine solves the Newtonian equations of motion in order to determine the basic 
mission flight conditions. Up to two unknowns may be determined. Throe optional 
routines liavo been pi^ogramined, tlepentling on which paramotei’s are unknown. Each 
type of flight condition (i.e. , whether climb, acceleration, or cruise) defines the un- 
luiowns, and therefore also defines the option required. 

For all options, certain flight and airplane parameters must be defined. These are 
speed, altitude, airplane weight, number of operating engines, and the thrust line 
incidence. 


Option 1 determines angle of attack and flight path angle, given a power setti ig, norm- 
al load factor, and tangential load factor. It is applicable to climbing flight conditions. 
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Given these parameters, the atmospheric, propulsive, and aerodynamic parameters 
arc determined, at first for assumed (current) values of angle of attack and flight path 
angle, and the component forces derived. A flight patli angle is then calculated, based 
on the required tangential acceleration, and the component forces recomputed. 


y = arc sin 


' tangential 
W 


.) 


^Uft “ ^normal 


F, = F. 4.. , - W sinY 
drag tangential 


where; 


tangential 


W 


= the desired tangential load factor 

s component sum of aerodynamic and thrust force tangential to 
flight path 

= airplane weight on current iteration 


The desired normal acceleration is obtained next by iteration, thus solving for angle of 
attack. A Newton-Raphson linear extrapolation procedure is used to zero the param- 
eter (and estimating angle of attack) 


G 


N 


- G 


normal calculated 


where, G^^ is the desired normal load factor. 


G 


normal calculated 



+ 1 . 


With a new estimate of angle of attack, the above procedure is repeated, and the iter- 
ation continues until the parameter 


G *• G 

N normal calculated 



reduces to zero within a given tolerance. 

Following completion of this iteration, the airplane accelerations and rate-of-clinil,’> 
are computed. 
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Accelerating flight is reprosentetl by iiw second option, wliich solves for angle of 
attack and tangential acceleration. The parameters required are power setting, flight 
path angle, and nornud load factor. As for the previous option, the atmospheric, pro- 
pulsive, and aei-odynandc parameters are determined, and component forces calcu- 
lated, Angle of attack is iteratetl to provide the required normal load factor, using 
the New-ton-flaphson procedure as descilbed under option one. Again, once the itera- 
tion is completed, the {drplane accelerations ai\d rate-of-climb are computed. 

Option three is applicable to cruise and loiter conditions, whore angle of attack and 
power setting are solvet? ior given values of flight path angle, and normal jmd tangen- 
tial accelerations. Atmospheric comlitions and aerofiynam.ic lift and drag are deter- 
mined as before, using the current imgle of attack for the initial estimate. A lluust 
required is computed by solving the force etiuatlon normal to the flight path, sc) as to 
eliminate the ram drag term 

/g - 1. ^ cos (y)) W - Lift 

Thrust T“- 

Required sin (a i^) 


whore: 

lift = airplane aerodynamic lift force 
a ~ airplane angle of attack 

'I’ho power sotting, ram drag, and fuel flinv are determined using the propulsion tou- 
tine. The component forces, normal and timgcntial to Uie flight path, are then caleu- 
latod, using coepressions previously presented. I’he angle of .attack is iterated, using 
the Newton-Raphson metJiod as previously described, to obtain the desired tangential 
acceleration. Wlien tlds is completed, :iirplane accelenitions and rate-of-climb are 
computed. 

6.4.2 .MAXRCV (Maximum Rate-of-Climb Spetnl) . This routine determines the 
maximum rate-of-climb, and the accompanying speed, at any giv'cn altitude, being 
used when calculating a max R/C climb, or a coiling. 

For a given power soHing, and/or given normal and tangential load factors, tlie flight 
conditions, including rato-of-elimb, are calculated at three velocities. The three val- 
ues of R C are then examined; if R/C increases witli incmising velocity, the velocities 
are incremented positively, and the rates-of-eljmb recalculated; if R/C increases witli 
decreasing velocity, the velocities are incremented uegatively, and the rates-of-climb 
recalculated; if the R/C data indicates a minimum value (R/C for the lowest and tlio 
highest velocities are both larger thiin that for the middle wlocfty), an Informative 
statement is outputted, Uie velocities an' incn'mentei! positively, and the ratos-of- 
climb n'calculated; if, and when, the R/C data indicates a nuuximum value <tl»e R C 
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for the middle velocity being higher than that for the other two), it is curve fit quad- 
ratically, and the maximum ratc-of-climb speed derived from the curve fit. Once ''e 
maximum R/C speed has been defined, it is checked against given minimum allowa .e 
speed and Mach number, and the greatest value is retained. Checks are then made 
against the minimum flight speed (maximum iiilowable flight angle of attack) and the 
maximum velocity (using the miiximum allowable power setting). 

6.4,3 MAXSRV (Maximum Specific Range Speed) . This routine is used to determ- 
ine the optimum cruise speed, by calculating the maximum specific range at a given 
altitude. 

For a given required rate-of-climb, and for given normal and tangential load factors, 
the flight conditions are calculated at three velocities, including the specific range, 

_ V 
“ fuel flow 


where; 


V = airplane velocity 
fuel flow = fuel consumption rate 

The three values of specific range are then examined; if SR increases with increasing 
velocity, the velocities are incremented positively, and the specific ranges recalcu- 
lated; if SR increases with decreasing velocity, the velocities ai’e incremented nega- 
tively, and the specific ranges recalculated; if the SR data indicates a minimum value 
(SR for the lowest and the highest velocities are both larger than that for the middle 
velocity), an informative statement is outputted, the velocities are incremented posi- 
tively, and the specific ranges recalculated; if, and \\^en, the SR data indicates a 
maximum value (the SR for the middle velocity being higher than that for the other two), 
it is curve fit quadratically, and the desired optimum cruise speed derived from the 
curve fit. The desired cruise speed can be defined as that producing some percentage 
of maximum specific range; in this case tw'o velocities are derived, the higher velocity 
always being chosen. Once the optimum cruise speed has been defined, it is checked 
against given minimum allowable speed and Mach number, and the greatest value is 
retained. Checks are then made against the minimum flight speed (maximum allow- 
able flight angle of attack) and the maximum velocity (using the maximum allowable 
power setting). 

6.4.4 MAXENV (Maximum Endurance Speed). This routine derives a desired opti- 
mum loiter speed, by determining the maximum endurance, and the :.ocompanying 
speed, at any given altitude. 

For a given required rate-of-climb, and for given normal and tangential load factors, 
the flight conditions are calculated at three velocities, and the endurance is definwl as 
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EN 


1 

fuel flow 


The three values of endurance arc then examined; if EN increases with increasing vel- 
ocity, the velocities are incremented positively, and the endurances recalculated; if 
EN increases with decreasing velocity, the velocities are incremented negatively, and 
the endurances recalculated; if the EN data indicates a minimum value (EN for the 
lowest iuid the highest velocities are both larger than that for the middle velocity), an 
informative statement is outputted, the velocities are incremented positively, and the 
endurances recalculated; if, and when, the EN data indicates a maximum value (the 
EN for the middle velocity being higher than tliat for the other two), it is curve fit 
quadratlcally and the desired optimum loiter speed derived from the cui-ve fit. The 
desired loiter speed can be defined as that producing some percentage of the maximum 
endurance; in this case two velocities are derived, the higher velocity always being 
chosen. Once the optimum loiter speed has been defined, it is checked against given 
minimum allowable speed and Mach number, and the greatest value is retained. Checks 
are then made against tlic minimum flight speed (maximum allowable fli^t angle of 
attack) and the maximum velocity (using the maximum allowable power setting). 

6.4.5 MAXSRH (Mitximum Specific Range Altitude) . The optimum cruise altitude 
is found by determining the maximum specific range. The maximum specific range, 
and the accompanying speed, is found at three altitudes. The three values of specific 
range are then examined; if SR increases with Increasing altitude, the altitudes are in- 
cremented positively, and the maximum specific ranges redetermined; if SR increases 
with decreasing altitude, the altitudes are incrementou negatively, and the maximum 
specific ranges redetermined; if the SR data indicates a minimum value (SR for the 
lowest find highest altitudes are both higher than that for the middle altitude), an in- 
formative statemmit is outputteii, the altitudes are incremented positively, and the 
maximum specific ranges redetermined; if, and when, the SR data indicates a maxi- 
mum value (the SR for the middle altitude being higher than that for the other two), it 
is cui’ve fit quadratically, and the maximum specific range altitude derived from the 
curve fit. This altitude is then compared to the maximum altitude boundaiy of the air- 
plane (based on the minimum ceiling rate-of-climb and the ma:Kiraum engine power 
setting), and the lower altitude of the two chosen. 

6.4.6 CEILING (Altitude Boundary) . This routine chec;ks altitude boundary and, if 
exceeded, calculates the maximum idlowable altitude. 

At any given altitude, the maximum rate-of-climb is determined, using the applicable 
maximum engine power setting. If this max R/C is less than the allowable mlmmum 
ceiling rate-of-climb, the altitude at wliich the minimum R/C is attainable is determ- 
ined by an iterative procedure. This iterative procedure uses a Newton-Raphson lin- 
ear extrapolation method to estimate the desired altitude, thus requiring data for only 
two altitudes at a time. 
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6.4.7 MINVEL (Mitiimum Speed Boumlary). This routine calculates the rainimum 
speed fliglit houndai’y for a ^iven specific conciition by solving the equations of motion. 


The velocity of the airplane is found which solves the equations of motion with the 
angle of attack at the maximum allowable for fli^t. Three flight conditions tan be 
specified; fixed power setting and tangential acceleration, with fli^t path angle vari- 
able (e.g. , climbing flight), fixed power setting and flight path angle, with tangential 
acceleration variable (e, g, , an acceleration), or fixed tangential acceleration and 
flighi- path an^e, wdth power setting variable (e.g. , cruise or loiter flight). 

For the first option, with flight path angle as a variable (given power setting and a tan- 
gential load factor), the following procedure applies: 


At given conditions of speed, altitude, and normal load factor, the atmospheric con- 
ditions, the propulsive thrust and fuel flow, and the aerodynamic lift and drag are dc 
termined. The vector force sums are c«lculated as follows: 


^normal 

F 

tangential 


where; 

thrust 
drag 
Ram drag 


Lift + Thrust sin (a^) 

Thrust cos (a^) - drag - ram drag 

the angle of attack of the thr'ist vector 

total installed engine thrust 

airplane aerodynamic drag 

drag force generated by engine intake system 


The airplane flight patli angle is calculated for the given tangential load factor. 


= arc sin 


tangential 


W - G 


tangential 


where: 


^ = tangential load factor 

tangential 


and the excess force vectors in the lift and 


drag direction are. 



F - W coo Y 

normal 


= F 

drag tangential 


W sinY 
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H 


The velocity is then iterated to provide the given normal load factor, the normal load 
factor available being calculated as, 

G . 1 

normal calculated W 


The Newton- Raphson linear extrapolation procedure is used to zero the parameter 
G " G 

normal normal calculated 

where G , is the required given normal load factor, 
normal 

The above procedure is repeated until the parameter, 

G “ G * 

normal norn:al calculated 

^normal 

reduces to a given tolerance. 

For the second option, with tangential acceleration as a variable (given po\.er setting 
and flight path angle), the procedure below is followed: 

The atmospheric, propulsion, and aerodynamic parameters are defined as before, and 
the normal and tangential force vectors are also calculated. Since the flight path angle 
is given, the excess forces in the lift and drag direction can be calculated as 


“ ''normal ' " 

^drag ^tangential ^ * 

The velocity is then iterated as before to provide the required normal load factor. 
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For the third <^tion« with power setting as a variable (given tangential :<.?ocleration and 
flight path angle), the procedure as follows: 


Thrust required 


fc . - I ♦ cosv) W - Uft 

\ normal / 


sin (a^) 


The resulting force vector sums are. 


F , - lift + Thrust sin (a^) 

normal t 

^'tangential " <"t> " 


^Uft " - W cos > 

urt normal 

F . ^ F. - W sin y 

drag tangential 

The velocity is tl en iterated to provide the given tangential load factor, the load factor 
available being calctilated as, 

G . idrag. 

tangential calculated 

The Newton- Raph son linear extrapolation procedure is used to zero tl e parameter 
G •' G 

tangential tangential calculated 

where is the required given tangential lead factor. 

The above procedure is repeated until the parameter , 


G * 

tangential " /'e ntial calculated 
reduces to a given tolerance. 


For all th^ee options the airplane accelerations and rate-of-cllmb .re c.olculated after 
iteration for the desired variables is complete. 
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I 


»• 


^normal 

\ongential 


R/C 

where is the acceleration due to gravity. 

6.4.8 MAXVEL (Maximum Speed Boundary) . This routine calculates the maxiTnum 
speed flight Ixjundary for a given specific condition by solving the equations of motion. 

The velocity of th;: airplane is found wliich solves the equations of motion with a given 
maximum pow'er setting. Two flight conditions can be specified: a fixed flight path 
angle with tangential acceleration set to zero (maximum speed for acceleration), and a 
given fixed flight path angle and tangential acceleration (cruise or loiter). In each of 
the above, angle of attack is variable. 

For the first opilo". given a fixed flight path angle and setting the tangential accelera- 
tion to zero, the fudowing procedure is used. 


^'Z ^lift 
W 


^-7 

Z drag 


W 


a^ cos T - a^^ sin y 

cos Y + a^ sin Y 
N T 

V sinY 


At given v?l.<es of altitude, power setting, and nornial load factor, the current velocity, 
the atmospheric conditions, the propulsion thrust and fuel flow, and the aerodynamic 
lift and drag are determined The vector force sums are calculated as 


F , - Lift f Thrust sin (<xj 

normal t 


F^ - Thrust cos (aj - drag - ram drag 

tangential ' t' ® ® 




drag 


= F , - W cos Y 
normal 

= F^ ... - W sin Y 
tangential 


where is the angle of attack of the thrust vector. 


The angle of attack is then iterated to provide the given normal load factor, the normal 
load factor available being calculated as. 


G 


normal calculated 



1 
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The Newton-Raphson linear extrapolation procedure is used to zero the j)aramotcr 


G 


normal 


- G 


normal calculated 


where iJ the required given normal load factor. This procedure is repeateil 

until the parameter, 


G *“ G 

normal normal calculated 
^normal 

reduces to a given tolerance. 

The velocity is also iterated to provide tlie given tangential load factor, the tangential 
load factor available being calculated as, 

Q = ^tirag 

tangential calculated W 


The Newton-Raphson linear extrapolation procedure is used to zero the parameter 
G G 

tangential tangential calculated 


where required given tangential load factor. 

The entire procedure above is repeated until the parameter, 

G “■ G 

tangential tangential calculated 
^tangential 


reduces to a given tolerance. 


For the second option, given a flight path angle and a tangential acceleration, the pio- 
cedure is the same as for the first option. 

Following determination of the maximum speed for the given fllgiit condition, the Jiir- 
plane accelerations and rate-of-climb are calculated, 

“z ‘'aft 

normal W 

G F 

^ Z drag 
tangential W 
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“ a,j. cos ~ sin r 
a = a cos y + a sinV 

JN 1 

R/C - V sin Y 

\\iiore G is the acceleration due to gravity. 

C* 

6.4.9 MSNINTG and GILL (Integration Techniques) . The integration technique usee 
the method of S. Gill (Reference 9), which was specifically derived for efficient use of 
electronic computers. Furthermore, calculation of the required derivatives has been 
generalized so that a performance routine has only to define required indexes, coun- 
ters, and parameters. 

Eight parameters can be integrated; time, distance, fuel, weight, altitude, velocity, 
flight path angle, and altitude. Integration can be done with I’espect to any one of these 
parameters. The chosen parameters are defined by the mission segment performance 
subroutines (i.e. , climb, acceleration, cruise, loiter, or combat). The GILL integrat- 
ing routine raquires four passes to accomplish the integrating step: 

Pass One — takes derivatives at the start of the integration interval and pre- 
dicts conditions at the middle of the interval; 

Pass Two — takes dei*iv:xtives baaed on predicted conditions :xt the mid-interval, 
combined with derivatives from the first pass, and repredicts conditions at the 
mid-intei*val; 

Pass Three — takes derivatives based on latest estimate of mid-inten'al condi- 
tions, combined with derivatives from the first two passes, and predicts end-ol- 
interval conditions; and 

Pass Four — takes derivatives based on end-of-interval conditions, combined 
with derivatives li'om pre\nous passes, and calculates conditions at the end of 
the interval. 

6.4.10 MSTORf* (Mission Data Storage and Rxpendable Fuel Tank Release). The 
mission pciTormance data, as it is calculated, is stored in a bi-dlmensional array, so 
that tlie data may be recjxlled and outputted when requix'cd. 'Fhe capability to restore 
parameter values to the previous integration step is available by the entry RESTORi;. 
This is utilized by the mission perfoi'mance routines when, for example, a termbia- 
tion value is excee<U*d lifter an integration stop is completed, and the integrating inter- 
vrJ is deoivasecl. When a problem during an integration step occurs, such as the 
climb rate bt'c<)ining negative, the entry RESET will reset the paramcti'r values to 
those at the beginning of the current integration step. 

Aiyustmont of ;iiiplanc w'oight and aeivdynamics, based on fuel usage, is also handled 
by this subroutine. This is normally required when disposing of exlenial fuel tanks 
during the mission. 
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6.4.H ATMOS (Atmospheric Data). This routine calculates atmospheric data for 
a 1962 ICAO standard day, a MIL-STD-21CA tropical day, or a constant ambient tem- 
perature. 

Three alteraate atmospheres are available. The standard day atmospheric conditions 
are computed as outlined in Reference 10, The tropical day atmosphere is cor iputed 
using the procedure set forth in Reference ii(MIL-STD-210A). For a constant tem- 
perature atmosphere, the procedure for standard day atmosphere is followed, except 
that tlie temperature is the value input. 

6.4. 12 QUAD (Quadratic Curve Fit) . This routine is used to fit data computed by 
the program for extrapolation, interpolation, or optimization purposes. 

Given three x,y, points the coefficients of a quadratic curve fit are calculated, giving 
2 

Y=aX +bX+c 

The X ^^alue for the minimum or maximum value of the curve (first derivative equal to 
zero) is also calculated 

X 

ROOT 2a 

This routine is used by several subprograms in order to determine maximum or mini- 
mum values for a parameter (e, g. , max R/C, max SR, etc, ). 

6.4.13 KABD (Hyperbolic Curve Fit Evaluation). This routine is used to evaluate 
data \Wiich is iiqiut in the form of curve fit coefficients. The evaluating equation is 
depicted by the equation 

Y - + b H dX 

X - a 

where k , a, b and d are the inputted coefficients. Using this equation, and dependt'nl 
variable Y can be evaluated at the independent variable X, 

6.4.14 NWRP 2 (Newton-Raphson Linear Extrapolation Procedure) . This routine 
linearly extrapolates from two pairs of X, Y, values, and derives the X value for a 
zero Y. 


X = 


(X^ - v^) (X^ 




- '■l' 


For most iterative procedures, the parameters can be adjusted so that the desired 
value is zero. 
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6.5 


SIMPLIFIED PERFORMANCK ANALYSIS 


rho purpose of the simpllflod performance analysis is to approximate the performance, 
propulsion and loads data required for the quick-look vehicle slicing integration cycle. 

The subroutine (RULES) is designed to provide wing lomlings, thrust-U>-woight ratios, 
fuel \vcights, and gust load factor. The takeoff weight is updated in the weight sub- 
routine during the iteration cycle. The equations are segregated into five groups, in- 
cluding tlie data for takeoff tmd landing rendition, climb condition, cruise condition, 
design condition, and a gust load approximation. 

Data developed for the Uikeoff and landing condition includes lift and drag coefficient, 
wing loadings, imd tliri:dl-to-\vcigJit ratio. The wing loading is derived from the 
landing field length ’•equiromont, lift and drag coefficient, and assumed deceleration 
rates, rho lift coefficient is computed as a simple function of aspect ratio. The drag 
coefficient is computed as a simple function of aspect ratio. The drag coefficient is 
con . ated from an equivalent skin friction drag coefficient and aircraft wetted area. The 
tlirust-to-weiglit ratio is dorivotl from t; ’ ooff thrust requirements for the landing 
field length s)ieclfied. The equations are: 

Maximum l.ift Coefficient 


C. 


L 


max 



m:xx 




whei'e 

Ct - maximun\ lift coefficient 

‘^max 


max 


- lift coefficient scaling factor 


AR - Nvlng aspect ratio 

The lift coefficient scaling factor (k<'. ) is equalizctl to the busoline \viitg configuration. 

^max 

Then as the baseline \vlng aspect ratio is varied the effect on C^^ will be accoimti>d for 

ni tix 

in the resizing operation. 'I'he value for the lift ^efficient scaling factor is obtained 
from the equation: 


»'.-6P 



where 

s lift coefficient scaling factor 

■‘max 

Ct, - maximum lift coefficient for baseline wing 

max 

AR = wing aspect ratio for baseline wing 


Coefficient of Lift ~ Landing 


= 0.75 (Ci.^, 

where 


C^jand ~ coefficient of lift @ landing 


Cr = calculated maximum lift coefficient 

^max 


Coefficient of Drag - Equivalent Profile 



where 


% 

Cd, 

Sw 


== coefficient of drag - equivalent profile 
= coefficient of skin friction (Typ. value = 0.003) 
= aircraft total wetted area 
= theoretical wing area 
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Wine Loading - Landing 



^and (a) (a) 
420 


Afield 

1.67 


GOH 


min 


■"land 




. SW 

V (AR)(e) 10 ? 


where 



a 

a 

^ield 


GOH 


land 


C 


L 


land 



= wing loading @ landing 

= coefficient of lift @ landing 

- air density ratio ® field altitude 
= landing deceleration 
* landing field length 

= minimum ground object height 

= coefficient of lift @ landing 

= coefficient of drag-equvalent profile 


kcE ~ ground effect factor on wing loading @ landing 

(Typ. value = 0. 5) 


AR ~ wing aspect ratio 

0 = wing efficiency factor (Typ. value = 0. 8) 

S^. = theoretical wing area 

Wing Loading - Takeo ff 


(IL 

= /"'to 1 

where 


(?l 

= wing loading @ takeoff 

/land 

= wing loading 0 landing 

Wto 

= gross takeoff weight 

'''land 

- landing design weight 
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Coefficient of Lift •• Takeoff 


^Lxo 

= 0. 65 (Ct ) 

whe"*^ 


CLjo 

= coefficient of lift @ takeoff 

Cl 

max 

s maximum lift coefGLoient 

Thrust-to-Welght Ratio - Takeoff 

(“) 

U/to 

/W) 

24.09' S '.jiQ 

Cl TO 

where 


(-) 

'"to 

= thrust-to-welght ratio @ takeoff 


= wing loading @ takeoff 

^^TO 

e coefficient of lift @ takeoff 

Lto 

s takeoff ffeld length 

a 

s air density ratio @ ffeld altitude 

Data developed for climb conditions include lift-to-drag ratio, thrust- to- weight ratio, 
speed, distance, time and fuel weiidits. The thrust-to-weig^t ratio is computed for 
a sustained angle of climb requirement, and then die greater value of .(TAV)’po 
(T/NV)cii|j^b ^ engines. The fuel weight is derived from computations 

that assume a climb at best lift-to-drag ratio to a specified altitude and reserve for 45 
minutes of cruise. The average specific foel consumptions for climb and cruise arc 
input. The equations are: 
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Lift-to-Drag Ratio - Maximum 


(^) = 0.5 

irie)m\ 


i^O 


where 


{k) 

' max 

= maximum lift- to-drag ratio [(LA>),v,ov3 

miwv 

e 

m wing efflciency factor (Typ. value = 0. 8) 

AR 

= wing aspect ratio 

^Do 

= coefflcient of drag - equivalent profile 

Thnist-to- Weight Ratio 

- Climb 

(-) 

'w'cUmb 

= 0.085 +1 

/Cl\ 


icu/ 

max 


^climb 

where 



= thrust-to-weight ratio for climb 

(^) 

= maximum lift -to-drag ratio [(LA>)jnax3 

\^d/ 

max 


*^climb 

s average air density ratio for climb 
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Climb Speed 


climb 


where 




= 12.16 


‘^climb/^L \ % 


climb 


= climb speed 


- wing loading @ talceoff 


climb 


= average air density ratio for climb 


maximum lift-to-drag ratio [ 


Climb Distance 


= coefficient of drag - equivalent profile 


climb 


ALT 

0. 122 (6080) 


where 


climb 


= climb distance 


Climb Time 


s climb altitude 


climb 


climb 

r 

climb 


where 


climb 


« climb time to altitude 


climb 


s climb distance 


^climb = 
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Fuel WelBjit - Climb 


^''^fuel “ %0 (w),. . 

climb climb 

\i^ere 


climb 

a wei^t of climb fuel 

Wto 

a gross takeoff wei^t 

(T \ 

^ Wmb 

= thrust- to -wei^t ratio for climb 

®^^cUmb 

= speciffc fuel consumption for climb 

*cUmb 

a climb time to altitude 


Fuel Weltd^t -- Reserve 


rs 

= (0.3)(||)^«).75)(W,„^) 

where 



= weight of reserve fuel 


a specific fuel consumption for cruise 

(-) 

a thrust-to-weig^t ratio @ takeoff 

"^land 

a landing design weight 


Data computed fbr cruise conditions include aircraft weight, thrust, speed, lift and 
drag coefllcients, and fuel weight. The fuel weight for the cruise condition is derived 
for a calculated thrust and an input value of cruise specific fuel consutnption. The 
ecjuations used to develop cruise data are: 
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Cruise Weight 


W 

cr 

where 



W 

"^fuel ~ 7" 
climb 


fuel 

cr 

2 


W 


cr 


W 


TO 


W< 


fuel 


clinib 


W 


fuel 


cr 


- cnilse woi^t 
= gross takeoff weight 
= weight of climb fuel 

« weight of cruise fuel 


Cruise Thrust 


cr 


= 0.3 


\d»ere 


cr 


W 


cr 


T 

'W>G 


Cruise Speed 


cr 1.687 


where 


’'cr 

^cr 

cr 

e 

AR 

^CT 

Po 


=■ cruise thrust 
a cruise wei^t 

= the greater value of thnist-to-weight ratio 
for takeoff or climb 

/ 

'Ecr - JT (e) (AR) 

^cr 

*= cruise speed 
«= cruise thrust 
= coefficient of drag - •'qul\*alent profile 
= cruise weight 

= wing effleioncy factor vniluo = 0. 8) 

= ulng aspect ratio 
s air density ratio ((i cruise altitude 
= sea level stimdard air density 
= theoretical ^vlng area 
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Cruise Speed Maximum 


cr 


max 


= 0. 8 [ 29 (518. 7 - 0. 00357 (ALT) )®* 


where 


~ maximum cruise speed 


ALT 


a climb altitude 


Coefficient of Lift - Cruise 

/W) 

,, 295' S 'to 




where 


->cr 


TO 


cr 


'cr 


a coefficient of lift @ cruise altitude 

= win^r loading @ takeoff 
a air density ratio @ cruise altitude 
a cruise speed 


Coefficient of Drag - C ruise 


‘^Dcr ' Sc 


cr 


where 

Cd 

^Do 

0 

AR 


.T (e) (AR) 


a coefficient of drag @ cruise altitude 
■ coefficient c* drag - equivalent profile 
a coefficient of lift @ cruise altitude 
= wing efficiency factor (Typ, value - 0. 8) 
== wing aspect ratio 



LHt-to~Drag Ratio - Cruise 




= llfl-to-drae: ratio @ cnilse altitude 


C 


L 


nr 


s coefficient of lift @ cruise altitude 



= coefficient of drag @ cruise altitude 


Fuel Welri^t - Cntlse 


W 


fuell- 
er 

where 

"^fuelci- 

Wzero 


"^fuel 


climb 


"^fuol 


rs 


~ ^'isero ''^fuelgjij+jJ^fuelrti) 

= weight of crvJse fuel 
= zero fuel weigd't 
= weight of climb fuel 
« wel^t of reserve fuel 


and 


X » 


RANGE - Dciij^b 



where 


X 

RANGE 

'^cUmb 


«r cruise fuel coeffir lent 
B total range 
= climb distance 



«5 llft-to-drag ratio @ cruise altitude 
s cruise speed 

® spocltic ft’o) consuntption for cruise; 
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Data developed for design v.jnditions include the total fuel wei^t, design wing loading, 
and design thrust-to- weight ratio. The equations are: 

Total Fuel Weight 


Wfuel “ Wfuel 

,/^fueU„ +"^fuel 
climb *cr rs 

where 


''^fuel 

= weight of total fuel 

U K 

climb 

- weight of climb fuel 

Wfuelcr 

= weight of cruise fuel 

'^fuelrs 

= weight of reserve fuel 

Design Wing Ix>ading 


(-) =(- 

) 

'®Des 

TO 

where 


(W) 

^ " Ls 

= design wing loading 

(f) 

TO 

= wing loading @ takeoff 


Design Thrust-to-Weight Ratio 




TO 


where 


(I 


\ w 

/ 

Des 

/I 

) 

\ w 

1 


TO 


= design Uinist-to-welght ratio 
= thrust-to-welght ratio § takeoff 



The loads data required for the weight prediction equations consists primarily of gust 
load factors. Approximations for this data are derived in the performance subroutine, 
and then updated and expanded In the loatls portion of tlie geometry subroutine. The 
gust load factor is derived from the wing geometry and the cruise speed. The wing is 
assumed rigid and the effective lift curve slope is approximated as a function of the 
wing aspect ratio and horizontal tall area. The equations are: 

Wing Normal Force Curve Slope 


"N 





6 

+ 2.15 



G 


s , 


1 + 


L w 


(AU) 




whore 

C 


N 


% 


AR 




w 


« wing normal force curve slope 

= wing aspect ratio 
horizontal tail area 
= theoretical wing area 


Aircraft Inertia Factor - Gust Alleviation 


2(^) 


II = 


Dos 


whore 

U 

W 


o.o7cr, Iff ) (C„ ) (r„i 

«w 


(f) 


DCS 


cr 


C 


N 


Of 


w 


'w 


= Inoitia factor for gust aUo\'iation 

B design \vlng loading 
- air density ratio cnilso altitude 
= wing normal force curve slope 

B wing moan aorody'uamlc chord 



(i-«0 



t»U8t RostK>nso Factor 


K sO.88 { 

' U+5.3 


) 


whoi'G 

K -■ gust respoiiso factor 

I! inertia factor for gust allovlatton 

Incromoatal Oust lx>ad Factor 

0. 2006 (Cn ) tao/'®(K) 

^v 



where 

AN„ - inci'omontal gust lojid factor 


Ver 


^'n 


o\v 


cr 


ill 


Pos 

I’ltlmalo t'luat l.oad Kactor 


endao s^xu'd 

wiitgnornuU force curw slopt' 
sUr density ratio (it) cniise svltltude 

gvtai rosixwse factor 
deslgtt wlivg loadfog 


1.5 (1 f AN^;) 


where 

Nr. >- ultimate gust load factor 

AN„ ^ ineivmental gxist load factor 

it 
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SECTION 7 


EXTERNAL LOADS ANALYSIS 

Net limit design loads for the fuselage and aerodynamic surfaces are produced by the 
external loads program. Net loads are computed by combining aerodynamic loading 
with loads due to inertia forces and landing gear reactions. The resulting loads data 
are In the form of shears, bending moments and torsion loads at a number of stations 
along each component as shown in Figure 7-1. The loads data in this form can be used 

directly by the structural synthesis pro- 
gram, APAS, described in Section 8.0. 

The loads program consists of two basic 
modules: 1) the aerodynamic surface loads 
module, AELOADS; and 2) the fuselage 
loads module, BODLOD. The wing load 
analysis includes a steady state aero- 
elastlc capability, which can account for 
structural deformation under load. Loads 
for wing and horizontal and vertical stabi- 
lizers are computed with this module. The 
fuselage loads are computed by the BODLOD 
module. Fuselage aerodynamic loads are 
calculated for a unit angle of attack and a 
unit dynamic pressure. Inertia loads for the fuselage are determined for unit transla- 
tional and rotational acceleration. Fuselage net loads are obtained by forming linear 
combinations of the unit conditions. The angle of attack and load factor from the cor- 
responding wing condition are used as multiplication factors. 

The symbols used in the loads analj’ses are too numerous to be repeated following 
every equation in the following paragraphs. For convenience, they are grouped together 
and defined as follows: 

Symbol Definition 

AR aspect ratio of wing 

w 

b wing span 

C external store drag coefficient variation with a (per degree) 

C coefficient of lift variation with angle of attack (per degree) 

L^ 

C coefficient of lift at zero angle of attack 

o 

C coefRcient of lift of an external store at zero angle of attack 

o 
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Symbol 



Definition 

coefficient of lift of the fuselage at zero angle of attack 


variation of external store lift coefficient with angle of attack 



C 


variation of fuselage lift coefficient with angle of attack 

variation of wing carry-through lift coefficient with angle of attack 

variation of the complete wing- fuselage lift coefficient with 
angle of attack 

aerodynamic moment coefficient variation with angle of attack 



aerodynamic bending moment coefficient about wing quarter 
chord at the mean aerodynamic chord for zero angle of attack 



o 




external store aerodynamic moment coefficient at zero angle 
of attack 

fuselage aerodynamic moment coefficient at zero angle of attack. 


external store aerodynamic moment coefficient variation 
with angle of attack 


C fuselage aerodynamic moment coefficient variation with angle 

of attack 

C variation of wing carry-through aerodynamic moment coefficient 

with angle of attack 

C variation Of total wing-fuselage combination aerodynamic moment 

coefficient with angle of attack 



total section moment coefficient at section quarter chord 
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Symbol 

c 

7 

c 

m 

o 

ds 

El 

GJ 

h 


Definition 

local chord parallel to plane of symmetry 

wing mean geometric chord 

wing section pitching-mom ent coefficient 

wing segment lift coefficient 

incremental length along wing elastic axis 

effective value of product of modulus of elasticity and wing 
section beam bending moment of inertia 

effL>ctive value of product of shear moiiulus of elasticity and wing 
section ix)lar moment of inertia 

semispan of horseshoe vortex 

airplane rolling moment of inertia 

airplane pitching moment of inertia 



total aerodynamic lift on wing segment i or segment n 



I 

M 

M 

ea 

M 

BO 


m 


n 

2 


total aero<lynamic lift on external store 


fuselage lift in presence of wing, 



loading per unit of span perv)ondicular to plane of symmetry 

applied bending moment, also Mach number 

total net wing boiuilng moment about an axis perpendicular to Uu> 
wing elastic axis 

aeiXKlynamlc bending mome ;t exert lhI on an external store about 
an axis through the store aerodynamic center perpendicular 
to tlu' fusehige center plane, 

moment due to unit pitching moment (see Section 7, 1. '^) also 
combined compressibility /thickness corri>ction factor (see 
Section 7. 1,8) 

two-dimensional lift-curve slope per radian, including com- 
pressibility effects, for sections parallel to plane of symmetry 

airplane loatl factor, positive when inertia loads are downward 
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Symlwl 

'■r 

q 

r 

S 

T 

T 

oa 

t 


V 



tail 

XtM 

XC4 


XCC’. 


xm-: 


XK 


X 





I>oflnlUon 

balnncliiK: tall loail, jwsitivi' upwanl 

2 

(lynamio pnvsauri', pV~/2 
radial tUstanoo from vortex ooro 
wing area 

wing tot*quo alK)ut airplium pitch :t\ia 
wing torque alK>ut wing elastic axis 

totxiue alx)ut wing elastic axis due to unit pitching moment 
(see Section 7. 1. :t) 

true tree- St re am velocity 

vertical com|>onent of the free stretun veloclt.v 

tlic overvekxdtj', total verticfU velocity In the v>resenco of the 
fuselage minus \’ 

airplane gix)ss weight 

wash veloclt>’ Induced by line wrtex at perpendicular iHstance 
r fix)m vortex line, iwsitive for tlownwasli 

downwash angle at thre»'-quarter-ehonl point induced for vortex 
system representing wing aiul Its spanwlse lift dlstrlUition 

x-a\ls eoordlmte of tlu' horizontal tail aeixu(.vnamic lorn! center 

local quarter-choixl-jx)sitlon along x-axls 

quarter-ohord-tx)sltlon of tlie wing mean aei’odynamlc chord 
along Uu’ x- axis 

location of the vehicle center of gravity along tho x-axis 

difference between angle-of-attack fvpe aiul elevator typo 
hoiizontiil t:ill load center ^losltlons along Uic x-axis 

location of acrotlj namlc loati ci'uter of external store along the 
x-axls 

x-a\ls coordinate of the fusebigc lift center of v>rcssure 

x-axis coonlinate of Ute neutral jxiint location of the wing- 
fuselage combination 
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Definition 

horizontal tall incidence niiglo with respect to fuselu)>e 
reference line 

clean wing section zero-llft-llne angle relative to its chord line 


root wing section zeix)-lH‘t-llne angle of attack relative to its 
chord line positive lor chord line above lift line 

vortex segment angle (see Figure 7-4), also co,;;piessibillty 
correction factor (see Section 7. 1. 8) , also upwash angle forward 
of (he wing (see Section 7.2. 1) 

strength of line vortex 

incremental drag coefficient of external store 


incremental drag coefficient of fuselage 


incremental drag coefficient of tall 

flap deflection 
slat deflection 
spoiler dciioction 

external stove number (see Section 7. 1. 5), also downwash angle 
aft of tlie wing (see Section 7,2. 1) 

fraction of wing semlsptm 

fraction of fuselage length 

vortex reference aiigle (see Figure 7-£51 , also jilrcraft pitching 
angle 

aircraft pitching acceleration 

function describing the variatioa of the upwash angle in front of 
the wing (see Section 7,2. 1) 

wing leading eiige sweep angle 

wing sweep angle measured :.t the quaiter chord 
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Matrix Notation (Continued) 


|fmm] 

(fmt) 


external store Influenee nntrLx, alplia dependent portion (see 
Section 7. 1. 5) 

unit bending moment structural influence matrix (see Section 7. 1.5) 
unit torsion moment structural influence matrix (see Section 7, 1.5) 


(I) 


identity matrix; that is, diagonal matrix in which diagonal jlements 
are equal to unity 


[ S aerodynamic-induction or downwash matrix in which elements 

a^, relate downwash angU- at station i to unit running lift at statloii 
j dn wing 

|S^| elasticity matrix in which element a^, relate changes ’-n streamwlse 

angle of attack at staticn i to unit ruiAiing lift at station j on wing 


{Sfl 


fuselage inmge-vortex matrix relating image downwash effects at 
station control points to unit running lifts 



fuselage "overveloclty” matrLx 
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7. I AKiUM)VNAMU' STUKAi^'K lA>Al>S . V\vs sovtion pivsonts tho nu'tluni tor 
oonipiiti!!^ tho sto;uh-stalo span lo;ul tlist rihutii>n on an olastio a.'rovhnanuo sm taii' tor 
siX'oifioJ airplane weights aiui loail laotors. Vhc motluHl is hasou on a nunlifioa:ii of 
the \Vi'issln>^'r L nuMlunl I ihroujjh f>). riu' theory, originally vlew'loivil 

for subsonic flow, is \alid for su{X'rsonic fliglu pro\ided tlx' flew over the siirfiuv \s 
subsomc. rhis is the case for swept wings that o^vrati' in the low sutvi* onic Mach 
numlvr range, where the shock cone lies aheail of tlx' Icuiling edge ami no other shocks 
aiv gi'nerated on tlu' w mg, 

Uecause t'quations for subsonic How have lvo!\ useii for sutvrsonic flow witli \arying 
•degrees of success, this extemlcd use of subsonic equations is discussed in Ht feremv 
Although the siqx'rsonic eiiuations are derived from hv|X'rbohc relationship and sul>sonic 
Ci|uaiion from elliptii* relationship, the ciul results are surprisingly similar proxiding 
the sectii' . lift cui*\e sloivs and cvnters of pressure for the desired Mach niradn'r aiv 
usi'd and if the aerixlynamic influence matrix has a reduci'd ivgion of inHiuMue compat- 
ibb‘ with the Macti ;mgle. It includes the effects of external stores, and fuselage on the 
spanw ise loatUng. 

The program ivrforms the symmetric balanAX' and then <Hstnlnitcs iIk' shears, moments, 
and toixpu's o\cr tiic xeliude tor v*ach conditii>n. It may be uscii fl>r prcliminarx sizing 
of structural capabilitx In first consid.ermg tlv rigui case, l lu' program calculates the 
Kl’s from a series of assumptions l>aseii uivn currmit iiesign practices and the calcu- 
lated knulmg moment of the rigid case. Idas first approximation of tlu' KTs and tkl’s 
IS recycled once more as an tdaslic case. The recxclcd n^sults aiv satsitactorx tiU‘ 
tiu* initial structural design. 

rhe inclusion of the effcvis of fli xibility in the solution of the spanw ise airload distribu- 
.V u at'plicil to a wing of arbitrary plan form and stiffness distribution requires a simul- 
t. neous solution of equations tlui ♦.vniain both the aerodynamie mflueiuv functions and 
the structural influence finutions. 

riie efft -ts of fuselage and engine pods on the spanw ise loading must Iv taken into 
aeeount; alsv> the total lift on eaeli of the external stores must Iv eonsidered simul- 
taneoush in order to determine tlie wing loading at a sjveified load faetor. A nethoil 
for ineliuiing siu‘h eftei‘ts without reev'urse to ileratixe pi\Hvdure> for stixulx state 
tliglit eonditions is pi\>xided. I'lu' equati»»ns are iU'riXi\l so fliat the spanxxisi' an*K>atl 
ibstribution can Iv i‘xpivssed in matrix form in ti‘rms vd infUumcc Civflu’UMUs for 
aciXHlynamic induction and structural Reflection in a manner similar e hat iMuploxcd 
m HeteiXMice 7. 

rhe basie metluxl outlined in this sevlion ineludes details of the xarious ileraations. 
the expansion of the basie equations to inelude fuselage inlerfereiuv and stoix* loa^l 
effeets. aiul a methoil »or obtaining eompressibiliix corix'ctions. In the dcxelopnuMit 
of the metluKl. v.x'rtain assumptions tliat are comnu'ii Xo airfoil theorx applx . nanu lx* 



1. The flow is potential; that is, boundary-layer effects, separation, and com- 
pressibility shocks are absent or neglibible. 

2. The wing thidcness is small. 

3. A stagnation point exists at the wing trailing edge. 

4. The angles of attack a are small so that tan afaa (where a) is measured in 
radians) and cos a » 1. 

5. All drag-load effects, except those due to engine pods and stores, are 
neglected entirely in determining the deformations of the wing used in obtain- 
ing the equilibrium spanwise airload distribution. 

With regard to the structure, the following assumptions are made: 

1. Camber changes arising from twisting and bending of the wing are neglected. 

2. The elastic twist of the control surface is the same as that of the adjoining 
wing structure. 

3. The angles i)f structural deflection 0 are small so that tan© » sin© « 0 
(where © is measured in radians) and cos©^^ 1. 

4. Although the angle -of-attack changes, including those due to bending and tor- 
sional deformations ot the wing, are accounted for in the determination of the 
equilibrium spanwise airload distribution on the wing, this final airload distri- 
bution is applied to the geometry of the undeflected wing in computing the bend- 
ing and torsional moments. 

7.1.1 Method of Analysis . The equations of equilibrium must be satisfied for any 
given flight condition to provide the desired load factors and rotational accelerations. 

For the symmetric flight condition two equations of equilibrium are used; the summation 
of the vertical forces and the summation of the pitching moments must be zero. The 
vertical forces include wing lift, fuselage lift, the tall load, external store lift forces, 
and the vertical inertia forces. The pitching moments include moments due to the ver- 
tical forces and also due to, fuselage drag forces, external store drag forces, tail drag 
forces, engine thrust forces, aerodynamic moments on the wing, fuselage and external 
stores, and the moment due to rotational pitch acceleration. 

The fundamental problem involved in the aeroelastic solution is the development of a 
series of equations that relate the spanwise lift distribution for an arbitrary wing plan 
form to the elastic properties of the wing, and to the attitude of the wing under the 
influence of aerodynamic and inertia loading. 

The wing is divided by streamwlse cuts into slices as shown in Figure 7-2. The aero- 
dynamic and elastic properties are assumed to be constant on the slice and to have the 
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Kljjuro 7-2 Typical Vortr'x I.ocations ami l-ocatlona i>l‘ IVrtnu'nt 
i*i>lnla t>n an Arbitrary Wing; IMan Form 


proixnilcs aasociatcd with a section at the center ot tin' allots. The pn>bK m is now to 
tlevt'lop a aeries i*f eipiations that relate the spamviae lift lUatribation to the prom'rties 
ami attitude of the iiuliviiinal s»vlloi\s that form the wing. 


if the two-ilimensional wing sci'tion is consUleixHl first, the following relationships for 
lift ami downwash Indtiml an airfoil art* available tVom moat staiulurd textluviks on 
aerodynamics: 
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The eirculation Tls taken to bo such that, al a siveified distancxi r behind tlie lifting 
Uno, the resultant of the downwash veloetty w^. and the night velocity \' is (varallol to 
the secti(>n zero-lift line; that is, no flow t"cisfs normal to the zero-lift line at this 
point. Then 


_r (Xj (1) 


and from equations iD and (2), 

r “ m « 7 e 
o f 2 


(5) 


Subst it lit I i\g equation (f>) into oquativMi (:l) rosults in; 

(b) 


ro 

m o 

In order to aatisty iHjeation (4), the expivsslon ^ ^ In equation (7) mu8t be equal 

to l.O* Since the theoretical section two-dinu iisional Uft-carve slope is equal to 
r must eiiiuil c/2, which is the distanct> between the lifting line and the threo-quai'tor- 
ehord |K>int. 
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In the development of the method presented in this report, equation (7) is always used 
in the form: 



(8) 


This simplification requires that the section lift-curve slope m^^ be the two-dimensional 
value ii.e., the value of the lift-curve slope for an unswept two-dimensional wing) and 
that the location of the downwash control point D (see Figure 7-2) be one-half of the 
local stream wise chord to the rear of the quarter-chord point, or at 3 c/4. 

riie essential difference between a two-dimensional wing and a wing of finite aspect 
ratio arises from the nonuniform spanwise loading that produces the trailing vortices 
of the finite-aspect-ratio wing. The equations presented thus far are considered to 
apply to the finite-aspect-ratio wing when the effects of aU the vortices, both bound 
and trailing, have been taken into account. The starting vortex is, however, ignored. 

Equation (3) in matrix form is: 


1 wj 
Vl 


3 c/4 


o 
m 
o 

2ir 




< 9 ) 


This matrix relation ’"cpresonts a series of equations, each applicable to a particular 
station on the aemispan of the wing. The values of /— | , every one of which is 

\V/3c/4 

affected by the bound and trailing vortices at all of the wing stations, can be evaluated 
from: 

tw| _ _i_,o I Irl 
''''sc/4 ■ ' ' 

which, in combination with equation (1), results Im 


iw) - fs 1 


( 10 ) 


or 


The [Sjl matrix in these equations is the aeroc^ynctmic influence matrix, w'hich is 
derived in Section 7.1.2. 


(lOn) 
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Conil)lning Equations (9) and (10) gives: 



57 , 



0 

1 

4qm 

o 




or 


1 

4in 

o 


ISil {c^c} -{a^} 


(H) 


( 12 ) 


(12a) 


Tho aorlos of equations represented by the matrix wiuation (12) expresses, for any 
given dynamic pressure, the relationship lu'tween the spanwlse variation of running 
lift |£}, the final section angles of attack {of}, and tho spanwiso variation of the two- 
dimensional section lift-curve slope Im^l. The effects of wing plan-form geometry 
are accounted for thi'oughtlio elements of the (Sj) matrLx. Tho section lift-curve 
slope is axprossod in tho general form, m^, to permit substitution of actual values 
when available from scalod-moilel tests or to permit cori'octlon for compressibility 
effects as describe 1 in Section 7.1.8. 


Tho final anglo-of-attack variation across the span can bo considered to bo com- 
posed of throe essential parts (see Figure 7-3). 



Figure 7-3 Angle-of- Attack Dofbiltions and Sign Convention 


7-14 




For a wing free of external stores, the {(%} component of the angle of attack caused 
by structural deflection of a flexible wing due to the section lifts acting at the section 
aerodynamic c mters is linearly related to the matrix {-t} by an expression derived in 
Section 7. 1.3, as: 

|%| = [Sg] {-e} 04) 

The wing geometry and stifftiess are accounted for in the structural influence matrix 
[S 2 I. This matrix is based on loadings associated with stations that are parallel to the 
airplane plane of symmetry. 

The {0(g} component of {oj} is composed of built-in (jig) twist, apparent or aerodynamic 
twists such as those due to interference, control deflection, and angular velocities, and 
all structural twists of an elastic wing that are not accounted for in the {ttg} matrix. 

Although equation (12) is general, it is not useful in the form given for deter.nining the 
lift distribution on a flexible wing since a component of the {of} matrix is itself a func- 
tion of the lift. If {0!g} is therefore expressed as in equation (14), equations (12) and 
(13) may be combined so as to express the load distribution on a flexible wing in terms 
of wing root angle of attadc { 0 ^ 1 .} and any combination of the {oig} twists as: 



By considering the airplane to be in equilibrium as regards vertical forces and pitching 
moments , two additional equations may be written as: 

2L2hJ {jt}+ P_ - n W = 0 (16) 

X z 

for equilibrium of vertical forces, and 

-2 [2hxJ {^ } + 2q |.2hc^J | cm^j ~ ^A~ ^ 

for equilibrium of pitching moments about the pitch axis. 

Equations (15), (16), and (17) are the basic equations for a flexible wing airplane. 

They may be solved simultaneously for the spanwise variation of running lift {^}, the 
root section angle of attadc, or, and the balancing tall load, P-p, as functions of any 
design values of speed, gross weight and load factor. 
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These basic equations have been altered to include: 1) the effects of forces on the 
fuselage; 2) the effects of forces on external stores; 3) the interference effects on the 

presence of the fuselage and external stores; and 
n * acceleration. The altered equations are presented as equations 

(18), (19), and (20). These are the equations used by the program to perform the aero- 
elastic solution of the wing and fuselage with external stores. The additional terms 
which appear in these equations, are derived in following sections. 


simultaneously in the symmetric aeroelastic eoua- 
tions (18), (19), and (20). are the loading distribution jc c[ at each strip, the wing root 
angle of attack and the balancing tail load p^. ^ ^ 

Angle of Attack at Each Strip 
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* y{"x ly * Kjl 


ICMSl =-- 


Cj hj(sinAj)/2 0 


■c^ h^ sin - c^^'h^isin A 2>/2 0 


-Cj hj sin A n 


-c h (sin A )/2 
n n n 


(CTS) 


Cj hj(co8 Aj)/2 0 




2 • 

Cj cos An 


c h (cosA)/2 
n n u 


Vortical Force on Both Wings 
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Mumonts on Both Wings at c/4 
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Tho molhiHl outUmni In thl8 rtHH>rt inoUuU'8 sovotoI Itoms that aiv of praotloal Intovost 
in tho tloHlgn ot a wing for aoriX'Iuatic offods ami suffiolontly oxtonaiw in aroi**’ t^'al 
almoal ai\v fyiH’ of airplane wnfiguration may U' oon»itiortni. Tho prt»»!:nuu runs sui- 
i'ioionHv fast to Ih> useful both in preltminarj' design studies and is us aeourate as th»' 
input data for fiiuil design. 

Matrix fonnulatlon of the pnddem has iwrtioular merit for sueh a gtmeral treatment 
sinee disoonttnulties in angles or masses due to eltht'r spt'oial aemlynamU' or stnu'- 
tural features eon r»>atlily ln» ineliuled. 

For tlH'se reasoiw only a few general gxiides, whieh might ho eimstdeix'd bu* sueet'ss- 
t\il applieatton of the methml, art> giwn. 

For m^, equal to 2n, equation (12) will give essentially the same ix^sults as those gi\en 
l\v the Wetssingi'r l.-metlHHl of Hefen>iux> 8. whieh is valid for wings of arbitrary plan 
form and having flat-plate, oinnilar-nve, or (.mrabolieally eamK'rt'd airfoil seetions 
dtefereiUH's Si, 10, and ll). 

i'l\e tivatment of ^xurnpresslbllity effects used in this ixHH>t*t, wheivln each wii\g section 
Is (HUMUitted to haw its own i'ompivsslbility ivrwctton, differs from the I'ramltl- 
lUaueii method in that the wing plan fonn is not distorted; instead, the angles of attack 
j:rt> altereii as imllcated by tHpiatioti (U), Tho twatment adopted has the »nerlt of con- 
siderable saving in time for tnjiuil or Indter accuracy sinix' only one |Sjl matrix is 
tx'quired for all Mach numlH»rs. 'Ihe methixls of obtaining compwssiblc v alues of n\, 
aw descrilH’d in Section 7. l.S. 

7.1.2 Aerix^^ -n amic lnflm>iuv MatiJ^. The tlerivation of tho aeivdynamic ittHuence 
m.atiix |S|1 pwweds as follows; 

Uiot-Jvu ad l.aw of ' orUcUv 

This law was applle»l to the bound vvniex anil the trailing u»rtiix's at each w ii\g stnp to 
calculate the aeixnljnamlc influeiux’ functions: 


w 

P 


r (ivs o - i\>s (ft 

IffH 


whew o and ^^aw tin' ai\gles iH'tween the diwdion of tht> vortex segment ai\d lu\es 
,|oii\ii\g the ends of the segment to the coidwl ix>tnt (Figure 7-1). The coiitrol jxdnt 
in this theory is located at tlx' 0. 7r»c location of each strip, w is the velocity induced 
normal to the plane of the wing. 


A ('lane view of the ;;.’ometry of a typical horseshvH' vortvw on the lett-har.d wing is 
given in Figuw in which distanws and angles aw wnsiilered (Msitivc as indicated 
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PI.AN VIEW 


ENUVilW 


V'iftmv 7—1 IV'flnItloa of Vortos S<’)inu'«l Anglo« 



Ki|i:uro 7~ft Plan Vlow lioomotry tor IVpioal llorsoslux' \\»r«o\ 

ami tho !5on«o of tho olrrulation of tho oloinonts of Iho horsoshiv xoiitw is jjncn l\\ 
tho right -hand momonf rulo. 



Tho points V and O aro a typloal iwrsoshoo reforotuxj jwlnt and a typical control ix>int, 
n'SVK'ctiw'l y. In tho pi\ ;;ram, tho subscript 1 is used (or jwint D and subacrij'tt j for 
lH>int V. 

Tlu' incrtMnontal dowmvash wlocitios induced by a single horseshoe Ntjiiex, if down- 
wash wlocitlos aro ^'onstdon'd as iwsitivo, are: 

(l> For the left-hand trailii>g \-ortex the relations: 

U - (s - h) 

y 

TAIL; a 0' at - cos a 1 

NOSE; - 0 cos ^ - sin 6 

are substituted into tho general relation 

,, Si 

L itrK 

to obtain the increment!.! dvnvnwash velocity 

rp ‘ sin 0) 

"l. -itr (s^ - hi 

(►1 From the \‘ight-iiand trailing \o»itv\ wlH're 

U s • h 

y 

TAIL; ft lUV" - v' cos o sino 

Ni'*SE; $ ISO' at • >v cos ii -I 

tlH' incn'mental dowmxash velocity is: 

U -irr (8 • hi 

y 

ftl From the bixmd vorttvx where 

U s 

X 

TAIL; ft ISO' -0 cos ft - COS 0 

NytSK: fi ISO" -v* vH >8 - 1*08 
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the IncrcnuMital downwash velocity is: 


w 


r (cos V*' - coa ff) 


n 


Iff 8 


The total do'A'n'^i.'sh wioclty at a typical control point *’ a complete single horse- 
shoe is then: 


w 


w. 


* w. 


\v 


B 


4ff 


1 * sin f) i * sin ^ 

8 - h s ’ h 
y \ 



Substitution of tlte identities 


s 

y 


- h - 


s cos 8 
_x 

sin 6 


s 

y 


^ h - 


S cos v' 
_x 

sin 


into the preceding equation yields: 


w 


r 

1 1 ‘ sia *' 

4ff e 

\ c-jS 7' 


1 ' sin 9 
cxis 9 


As indicated In Figure 7-f» the loiitrol points are assumed to be located on the left 
semispan of the wing so th:it 8^ represent the pertinent angles for a horseshoe 

located on the loft semisp;m ami 0^ and represent the (vrtinent angles for the eor- 
respoadiiig horseshoe on the right semispan, then for a typical control (xdnt 


K, 



1 • sln^' 


1. 


I ^ sln0 


L 


cos 


h 


c*os9 


L 



X 


( 1 ► sin v' 


I sin 9 A 

/ 





Figure 7-fi Typical Horseshoe Vortex Control Points 


so that in the (S^) or tiownwash matrix each element k is computed from the equation: 


/ 1 • sinv\ 1 ' sin0- 1 + sin^„ 1 * sin0, \ 

k — ( . Si Si 

“*«L ™'^R “»»R / 

The upper sign is to be used for symmetrical spanwise airload distributions, aiui the 
lower sign can bo used for antisymmotrical spanwise airload distributions. Note tluit 


sin^ 


.X - X 

D V 

I'd-* 



.Vo - 'V * '■ 


cos^ = 


V^D- 'v)' * (' d - ’'V * ' 
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sin 9 = 


" d-^v 


cos 6 




y^-y -h 

D V 




The [S^] matrix therefore is computed from the matrix equation. 


to 


since fS^] is equal 


1 S ^ 1 = 


l/l+sln0j^ l+smej_ l + sin# 1 + 3, „e^ 


®X V 


COS ^ * cos 0 ^ COS e 


R 


betild for ‘! fl‘8M conditions and the lower sign 

be used for antisymmetrical conditions. ^ 


can 


X. = X, H 1/2 c. 

^ 1 1 

Sx.. =X. -X 

‘J i j 


sin = (X. - Xj,/(pc^ . x/ + 0-1 - V + h/l 


1/2 


j V 

sin 0J, = pCj . Xj)/[pc^ . x/ + 0-, + yj + h/l 


Cos \ = O', - yj + hj)/[pCj - Xj)2 + O', - yj + h/| 


Cos0„ = 'y, + yj + hj)/«Xj - x/ + O', + yj + hj)^] 


1/2 


1/2 


sin (X| - Xj,/t(X| - x/ * (y, - yj - h/j 


1/2 


SinSj, =(X,-Xj)/|pC|-x/+0r,+yj-h/l 


1/2 


cos 9j_ • O', - yj - hj)/l(X, - Xj,2 + O', - yj - hj)^ 


1/2 
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IV, ..v,-v) i(x.-xr . i'-,-.v,-iyi 

n»:*Kos oxU'nslvt' iiso of .•iiihsoripis (jilph.ilH’tii' l ii.n-Mi'lors 

i through n) in in'rlonning ropoatod o}H<r{iti»>na. Kor ;*oinpj»riaoi> with lh<> text, tlu' 
folltwvlng itU'ntitlos aro alatoii: 


’‘j 


'd 'i 


' v ' - .i 


l» h 


s S 

\ X 


ij 


whort' ttu' jth station protluot's tho offoot aiul tho Ith station is tho U>i*a(ion whoro fht' 
I'tfoia of tho ith statli>n is hoing* I'aloulatoil, 


Slnv‘i' tlu' 1S|| matrix is usotl in injuation (12): 

ISjl {f| |h|r.<J 


tho olonit'nts of tho |Sj| matrix aro soon to !>o itifliioiux’ oooffi li'iils lolatuig ihi’ iiu ro 
nu'ntal lUnvmvnsh anglo at oaoh tX'ntrol iH>int otlH' '.ntonsily of tho niimlng lift ou'r 
oaoh inoromont of th*' sotnispan of ttf wing. In gt'iu'ral, all tlu* I'li'inonls in tiu' pnn- 
oipal diagonal of tho 1S|| matrix will always t>o posltivi' ami tlu'so oNmiumiIs not in l!u> 
prinoipal diagonal will always ho nogatlvo Inmauso tho voUn ltit's woro oonsldorod a.s 
posuivo downwani aiul wash \olooitios from a horsosluH' lortt'x ar»' downward onl\ in 
tho rogion Itohind tIu' hound vorto.x and In'twoon tho trailing u'rtioos of that liorsoshoo. 

7, t.;t Struotural Influonoo Matrix |S.>|. Tho strimtural infliu'iioi' matrix rolatos il\i> 
doformatlon of tin' struoturo to tho imnding ami torsional stiffiu'ss proporti<'s and to 
tho appliod iH'ndlng aiul torsional momonts. It is »lorl\oil liy an applioation of t'as 
tig'llano’s thoorom. 



A part of the general Casligliano Theorem was used that related the twisting of a 
structure to the applied bonding and torsional moments by means of virtually applied 
moments. Structural properties are represented by the El and GJ terms. 


a 

s 




m M dp 
El 


Axds 

V GJ 


where: 

a = Elastic angle of attack change due to bending and torsional moments 
(M, T) along the elastic axis resulting from the series of loads jL{ 

m = Beam bending moment per unit pitching moment applied at the station 

at which a is to be determined 
s 

t = Torsional moment around the elastic axis per unit pitching moment 
ds = Incremental distance along elastic axis 

El - Effective beam stiffness around the axis of the bending moments 
M and m 

GJ = Effective torsional stiffness around the axis of the torsional moments 
T juid t 

The stations on the wing for which the angle -of- attack changes are to be computed 
are those on the centerline of each horseshoe vortex. 


The above equation can be written in matrix form as: 


}a J - (m) 


o 

2h 


cos A 


o 

El 


)m} [tl 


o 

2h 


cos A 


r 0 
1 


GJ 


|t{ 


The elements of [ml and [I] are: 


"’ij " “ 

for i > j 

- (sin A^)/2 

for 1 - j 

m^^ -- -sin A^ 

for i < j 

'i)"" 

fori>j 

tjj - (cos Aj)/2 

for i j 

tj^ = cos Aj 

for 1 <j 
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whort' Iho rows are tlesignatod In the program by I and the columns by J. 

At (he nth strip, (he general form for (he \vii\g lift ist 

L 2 h i 
It n n 

whore is the magnitude of the loading and 2 h^ is the span of the strip. 

I'he geiH'ral form of the iKtiuUng nn<i torsion moments aiw. 

M - M cos A - M sin A 
n X n V n 

n ' n 


T M (MS A ^ M sin A 
n y n y n 

n n 

where rolllitg moment at the elastic axis point around the longitudinal axis 

through the local elastic axis reference point duo t > tlK* total lift of all vortiivs out- 
board of this point. pitcldng moment at the elastic itxis {xtint around the lateral 

!Lxis tlmnigh the local elastu'-jtxis rofeiYinco tx5int duo to tlu’ total lift of all vortiws 
ovitboard of this tmint. 

The following equations are de\ eloped with the aid I'f the geometry dopic(*'d in 
Figure 7-7. 

)m| l^lcos A I (rj - (sin A1 (u|j jl.j 
lT| [lain Al |rj < |cx>s A| lu|])L| 

whoiv tho olomonts of lUngonal tnatvioios {cos A] and (sIiVA] aro givon by 

(cos A) cos (A ) fori j 

^ 0 fori'j 

(Sin A)., sin (A.) fori j 

^ 0 forlVJ 

elements of (he matrix |u| are given by 

- 0 for i ^ .1 

i - 1. 

^ k J 
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Figure 7-7 Wing Segment Geometry and Moment Sign Convention 


and the elements of [r ] and [r ] are given by 
h e tan (^i) 

• • i fori=j 


for i = j 

ORIGINAL PAGE IS 
OF POOR QUALITY 

for i < j 


for i >j 




^ 4 cos^ (Ai) 


“ 2 tan (Ai) 


(^>ij = <"2>iJ 


0 

i - L 
k - J 
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If wo let 


\SJ - 1ml 


o . 

r o . 

2h 

1 

cos A 

El 


o o 

ltx)s A1 U'jl - Isln A| lul 


o 

l2hl 


r o , 

r o . 

2h 

1 

cos A. 

GJ 


o o ] o 

|sln A) (r.,1 ^ |eo8 Al (u) |2h| 


(hen 


[0,1 [<l <I|SJ |c,0| 


Note that, oxi'opt for the struotural properties El and OJ. all terms of |S,J are fime- 
tions of peometry ami station spacing. 

This represents the most gt>neral form for th(> ISo) matrix, and each element ajj of 
this matrix represents the nngle-of attai^ change in radians at station i due to the 
structural <leflectlon of the wing caused by a unit loading at station J. In effect, the 
(Sol matrix is an array of influence t'oefficionts, and ;he elements of this matrix may 
be computed according to the abow t>quatton, or, when an actual wiitg is available, 
they may l)o obtained by load deflection tests of that wing. 

7. l.-l Fuselage Image Vorte.x Matrix (Sfl. An image vortex system lies inside Uh' 
fuselage. It was first eonsldoixnl in Reference 12. rhis imagi> vorte-x system imluces 
a flow that is a first appraximation to that necessaiT to satisfy the comlition that there 
be zero velocity normal to the fuselage. 

'I’he fuselage is assuimnl to of ci ’cular cross section, of constant iliameter, and 
infinitely long. 

The imli- ntual imagi's of the wing trailing vortices can Ih> shown to be locateil on a 
straight line joining the juxis of Hu> fuselage with the Jixis of the particular wing trail- 
ing vortex at a ilistaiux\ Ro, from the fuselage centerline such that: 


where RF is the fuselage radius anil R^ is the distaiuxt from the (fuselage ;txis to the 
trailing vortax. 

Similarly, the bound voilices, connect to the trailing vortices in the transwrse plane 
of the i»artlcular wing bound voile-x being represented. 
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9 


Here, again, the Blot-Savant Law of Vortlcity is applied, but in a three-dimensional 
situation. 


Figures 7-8 and 7-9 show the geometry of the left and right fuselage image vortices 
relative to the wing. 



Figure 7-8 Typical Wing Strip Vortex System 


Consider first the downwash on the ith control point of the left wing due to the fuselage 
image vortex caused by the jth vortex on the Irit wing. For the vortex elements ®a’, 
a'b’, and b'®: 


W 




(1 + cos (Y^ 


- Y^’)/(A')^ 
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I 

VIEW LOOKING FORWARD 


^WING CENTER PLANE 


PLANE PERPENDICULAR TO FUSELAGE CENTERLINE 
CONTAINING TYPICAL LEF^ & RIGHT BOUND IMAGE VORTICES 


Figure 7-9 Fuselage Imago Vortex Goomotry 

'\'b' ^ 2 y'/P'r 

2 


- (1 4 cos M') (Yj - Y'^yoi) 

The comblnod offoct is the sum of the oloments. 

(W)., - W 4 w 4 w. 

' "a' a'b' b*'’ 


7-31 



. t. 


Next, consider the downwash on the ith control point of the loft wing due to the fuselage 
linage vortex caused by the jth vortex on the right wing. The vortex olcinonts are "a", 
a"b", and b"“». 


(1 t cos X") (Yj + YY)/(A")‘ 


W 


HI,., " (cos 0” - cos 6") (Xj ^ J - X^) cos v'/(D”r 


^’i ' 


(W") -- W t w I w 
' TJ “<a" a"b" b"«> 

The following geometric relations apply in solving the above equations. 


Y " - - Y. » 

a b 


^b" 


- Y ’ 
a 


Z " 
a 




Z. 


Z 


a' 


AUC TAN (Z./(Y^ . ly), - ff/2 v o' < 


ARC TAN (Zj /(Y^ - ly). - ff/2 ^ d' - ir/2 


It 


la 


Z,/sin a' 

j i 


U 


lb 


7y/sln 


2a 


am: 

«ib 


”2b' 


iML 


IT 


la 
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= Y ' = ' cos /3' 

a 2a 


YAP 

ZAP = Z ' = R„„’ sin |3’ 
a 2a 

YBP = Y = R„. ’ cos a' 
b 2b 




(A')^ 

= Of, - * <Z, - z^’)^ 

(A”)^ 

= Of, * V'/ + (Z, - 

(B’)^ 

= or,-Y„-)^(z,-z,_.)^ 

(B")^ 

= Of, * Y^')^ + (Z, - z^’)^ 

S ' 

X 


S ' 

y 

= Y - (Y ’ + Y *)/2 

lab 

S " 

y 

= Y + (Y • + Y ')/2 
1 a D 

y - -y*' 

= ARC TAN l(VV^/^a'"\ 

Note that: cos y" 

= cos y 


2 2 
= (S ') + <S ' sin V* - S ' cos y') 
X y z 


2 2 
= (S ’) - (S " sin y + S ' cos y') 
X y z 

cos V 

= S '/l(A')^ + (S »)^1 

X ^ 


, - n/2 <y<n/2 
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008 X" 






1/2 


cos jji' 

2 2 1/2 

-^S^'/KB') MS^’) 1 


cos 

2 1 

■--s^'/i(B"r + (s^*) 1 


cos 0' 

-{uA-r + - (D'ri/((A')“ + (\r]} 

1/2 

cos 6" 

■||(A")“ + (S^')“ - (D"/l/[(A")“ ^ (S^')“l 

l(l/2 

cos o' ’ 

^ - (D*)“1/1(IV)“ ♦ 1 


cos O'" 

-|[(LV')“ ^ - (D"n/(01’)“ ^ 1 

1 1/2 


Finally 

ISjl (w')j^ 4 

The dowmrash on the wing due to the Imago vortex system In the fuselage becomes: 





O 




7.1.5 Kxternal SHores Matrices {E^{and } K^{. The following ixjuations are solved for 
each external store that Is attached to the wing. Since extonnil stores eharaeteiistieally 
induce concontrutod loads into the wing structure, their effect occurs only over the part 
of the wing between the centerline and the point of attaehmem. 

j number of the wingstrip which contains the external store; the 

wlngstrlp neaivst the wing tip is Numl)er 1. 

i number of wlngstrlp where K and E aro being ealculatcil. 

o o 
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The lift and moment on the external store L£q ^EO located with respect to 
Point € by the dimensions y^and X( as shown in Figure 7-10. 


I 



Figure 7-10 Typical External Store Geometry 
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where, 


{\,t[ ^ |l®‘" A) lH{ V 


o 

(sin A) |u 




o 

(cos A1 



|Hi 



O 

O 

o 

Y 


Y 


^ il t d ♦ 

€ f 

^ il , ' d 
c ♦ I 



{■ 




1 

I 

1 



:-:u\ 



Now let 




5C -1P|C, 


1*^2m} {^2m1 

a a a 

O o ‘’O* 

{ h -^ =Kt}\ -w o i 

ry ruf 


The moment arm about the clastic axis of the drag (or thrust) due to external stores 
is: 


(P)j =0 , i < j 

Vi '<• 

= 1 , li) 

Let 

The final set of stores equations are as follows: 

K} = >™“' {■‘2M> * »'”■"> (St> 

K} " {Nm} " {''it} 

7.1.6 El and GJ Estimation Procedure . The aercHjlastic solution requiies values 
of El and GJ for each section of the wing. Since these values are often not a> ailable 
during preliminary vehicle design, a method has been provided for estimating them. 
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A rigid solution is performed for a worst-case symmetric loading condition. Based on 
the bending moment, BM, at each section of the wing from the rigid solution and cer- 
tain structural configuration assumptions, values of El and GJ are calculated. These 
in turn are used in the elastic solution for the remaining loading conditions. The esti- 
mating technique is an emperical method based on historical data taken from aluminum 
winged aircraft. 

Implicit assumptions in the method are: 1) No large cross section areas are unstiffened. 
2) The structure ahead of the front spar and aft of the rear spar is noneffective. 3) Wing 
torque is ignored. 4) Only the symmetric case is used to size the El's and GJ's; con- 
sideration of the asymmetric case will usually cause some modifications. 5) Present 
day structural design practice results in wings sufficiently stiff that the preliminary 
and final El's and GJ's will be within five percent because of the similarity of rigid and 
elastic load distributions. 

The equations used to calculate the estimates of El and GJ for at any wing section are 
presented below. 

EI^=E* (1.5BM. -h^)/(f^+y 
where: 

E = the modulus of elasticity of the wing material 

BMj = the bending moment as section i, the 1.5 factor adjusts the bending 
moment to account for the ultimate load factor 

h = the equivalent height of the structural box at section i given by 

eQi 

h =0.91 (t/,). C. 
eq^ c'i i 

where: 

(t/g)j = the wing thickness ratio at section i 
= the wing chord at section i 

f = the allowable compression stress for the wing material at section i 
°i 

f^ = the allowable tension stress for the wing material at section i 
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and f'l' arc calculntod based on the applied axial loading intensity, Nx. The curves 
presonti'd in Figure 7-1 1 represent curve fits to historical ilatn gathered for aluminum 
airplanes. 


(ka/CM) 



(0) (10) (20) (30) (40) (50) 

(Iti/in.) 


Flgui'e 7-1 1 Allowable Stress Versus Applied Load Intensity 


f 

c 


(>:$ , 000 


Nx 

(Nx t ;i,ooo) 


r>7.000 


Nx 

(Nx t 1,000) 


The equivalent load intensity at section 1 is calcidateti from the following equation: 

Nx IIM /(h C, ) 

i t eq^ bj 

whore: 

the chordwise distance between the front and rear spar at wing section I 
'i 


The average skin thickness, tgjrj, In the tort Ion box at section I, l»oumled by the front 

ami rear spars is approximated by the following iHiualion, whidi assumes tlmt (>0 (icr- 
cent of the total cross sedion is used to support wing twist with a factor of s:ifety of 1 . r>. 
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- (1.5) (0.«50) NXj/f^, 


The polar moment of Inertia of the soctlon, Jj is calculated based on the average skin 
thickness by tlio following o<iuntion: 

GJj ^ (4 Cj (C.tj)“/(CI/tsj^j)l G 


where; 

C = the torsional cHinstunt calculated ns shown in Figure 7-12 
J 

tj -- the wing thickness as section 1 


G the material shear modulus 


7.1.7 G ust Loi^d Fact ors. Specification Mll--A-88(>1 (ASG) 18 May 1980 is used to 
determine the gust lo;ul factors. The following equations are programnunl in the sub- 
routine GIIST, which is called when needed by the subroutine SYBAL. 


n 

z 


whore: 


1 ± 


p V Ud m K 
o e e w 

2 W/S 


p - density of air at sea level 
o 

P. - density of air at altitude 
h 

a - p /p 

h o 

\' - alrspeod (EAS) V (TAS) o 


“ gust velocity (KAS) 

m = sloixj of curw ot C„ versus ot for airplane with flCuXible wing, l /radian 

% 

W ^ weight 


7-40 



TORSION CONSTANT PARAMETER. S 



PERCENT CHORD, V 

Figure 7-12 Torsional Stiffness Constant 


S = wing area 

C average wing chord ' area/span 

•iv 

g • acceleration <Uie to gravity 

(2W/S)/(g non-dimensional 
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= gust factor 


>Sv 


Subsonic •- (0.88^)/(5.3 


nr . 1-03, 

Supersonic - )/((>. 95 + ^ ) 

The positive gust load factor is identified as WZGP ai'd the negative one as VNZGN 
in the program. Each appears as VNZ in the printout of the symmetric balance input 
data whenever the gust condition is calculated. 

7.1.8 Effects of Compressibility and Thickness . The effect of compressibility can 
bo expressed in terms of ^iach number, M, and the sweep angle of the quarter chord, 

^c/4* 

liCt: 


M cos A /. ^ 0.90 bo the subsonic case 


Aj/4 


0.90 < M cos A 1.091 bo the transonic case 
c/4 


M cos ^ 1.091 be the low supersonic case 
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For tho subsonic case, the compressibility correction factor, /3, is given by: 


^ l/\/l - (M 




For the transonic case. 


i8 ^ lA /l - (0. 90) - 2.29 


For the low supersonic case. 


^ l/y(M cos - 1 

A fairly good correction for thickness at M - 0 is (2rr- 4 t/c). Combining tho above 
effects, tho combined compressibility /thickness correction factor, m, is: 

m - (2tr - 4 t/c) ti 


where t/c is tho wing thickness ratio 


Tabic 7-1 provides tho Mach numlHjr at which tho transition takes place for two wing 
sweep angles. 


Table 7-1 Transition Mach Numbers 



Subsonic 

Transonic 

Supersonic 

0" 

20° 

M - 0. 90 
M 0.90 

0.90 <.M si. 091 
0.90 <M ^1.10 

M > 1.091 
M > 1.10 
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7.2 FUSEIJVG E AERODYNAMIC^ L OADS. This section describes the method for 
calculating the stick-fixed longitudinal stability of a wing-fuselage configuration \vltli 
unsw'ept or swept wings at subciltical Mach munbers. The stability parameters 
estimated by the metlaxl show reasonable agreement with Uie experimental viUues for 
the 23 coiifigurations used in tlie comparison. For the wing cariy-through section no 
theory was available for predicting the loading; tlJerefore, tlie loading w'as obtained 
from curves b;ised on experiment. The experimental lift-curve slope of the wing 
carry-tlirough section calculated in tenns of tlie cnriy-tlirough area appeai-s to be 
consistent about a value of 0.055 per degree. The method has been used to calculate 
the neutral points of 23 configurations. The agi*eement betw'een experimental and 
calculated values has general Vv been better than j. 0.04 and is considered to be good 
especially- for such a large variety of wing plan foniis. 'I’he method for calculating 
fuselage aerodynuumc loads is descilbinl in detail in Reference 13. The pertinent 
sections, which aid in tJic understiuiding of the method, are included in this report. 

7.2.1 Metluxl of Analysis . The stick fixed neutral point of a wing-fuselage configu- 
rtition is defined as the center of gravity location for which the slope of the cune of 
airphme pitching moment coefficient againsf lift coefficii-nt dCi^j dCj .s zero. In 
order to estimate tlie neutral point of a configuration it is necessary to detcniiine the 
additional loadiiig and pitcliing moment of the configui-ations. In oixler to detenuine 
these qiumtities tlie configunition is separated into its principal parts iuid the additional 
loading of these pails is calculated. The rcsultmit forces and pitching moments con- 
tributed by each part are presented in coofficlont fonn as values of and 
respectively. 

In tlie present method, tlie configuration is separated into the following Mircc parts: 1) 
the e.\ternal wing; 2) the fuselage fore and alt of the wing-fuselage juncture; :md 3) the 
wing carry -through section {see I'ignre 7-13). Hereafter, the part of the fuselage fore 
and aft of the wing-fuselage juncture is roferretl to as the "fuselage. " The cariy- 
thi'ough is considered rectangular in sIurh*; its lengtJi is equal to the lengtli of tlie 
wing-fuselage intei-section cluml :uid its width is the average width of the cany -through 
section. It is liiiportiuit to note, however, that whenever the total wing atva is con- 
sidered in this metluxl the center- section ai'oa is the area indicated by the dotted lines 
in Figure 7-13. The lift and moment coefficients for the principal parts are calculated 
in toniis of the total w'lng .irea. The moment reference point is taken as tJie quarter- 
ehoixl point of the mean aenxjynamic cluml of tlie total wing. 


Calculation of Ci 

^AVI' 


0 ! 


C\ - Cl 

a 


Complete Configuration 

Obtain C] as a sum of the lift-curve slopes of the 
' *'(y 

principal parts: 
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Figure 7-13 Wing- Fuselage Configuration — Principal Parts 

Calculation of - Determine Cm„,T- by summing up the pitching-moment- 

^WF^ WF^ 

curve slopes of the pzinclpal parts: 


a “o a a 

Calculation of neutral -point location - Obtain the neutral-point location with respect 
to the refeirence axis, expressed as a fraction of the mean aerodynamic chord of the 
wing by the relation: 



7-45 



For swept wing configurations the loading on the fuselage and wing carry-through 
sectio'is are much the same as for unswept configurations. However, since the wing 
carry-through section for swept wings is located farther from the neutral point of the 
configuration, the longer moment arm results in a large pitching moment contribution. 
The lift contribution of the wing carry -through section, Uierefore, must be determined 
as accurately as possible in order to determine satisfactorily the pitching moment 
contribution. Thus the assumption that the fuselage lift can be taken as equal to the 
lift of the center section of an isolated wing no longer applies and the lift and moment 
contributions to both the fuselage and the wing carry-through sections must be obtained. 
In general, the method used herein is to estimate the load distribution on the fuselage 
and the load on the external wing by theoretical methods, whereas for the carry- 
through section it is necessary to develop curves based on available experimental 
data for predicting the loading and the aero<fynamic center. The theoretical values 
that were used in calculating the wing stability parameters were obtained from 
Reference 14. That reference was used because it presented a readily available 
uniform source of information and showed fairly good agreement when checked with 
experiment. The subroutine KAPPA in the pre^ram was derived from Reference 14. 

The present method for determining the values of L imd of the fuselage is 
based on Multhopp's method in Reference 15. Good agreement*is found to exist 
between Multhopp's method and experimental data on the fore and aft sections of the 
fuselage as is shown in Figure 7-14, The experimental fuselage sectional loading was 
obtained from unpublished pressure distribution measurements on a mng- fuselage 
configuration. For the fuselage section adjacent to the Aving, large disagreement can 
be seen between theory and experiment. The large difference in loading on the sections 
immediate to the wing was caused by the wing, and in the present method this differ- 
ence in loading is considered to be part of the wing cariy^-through loading. 

Calculation of Ct - The contribution of the fuselage to lift curv'e slope Cl„ is 


determined as follows; 

Obtain the contribution to lift-curve slope of the fore and aft fuselage sections by a 
graphical integration of the following formula, which was derived from Formula (3.3) 
of Reference 15; 
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Figui-e 7-14 Experimenlal and Theoretical Fuselage Sectional Loading 


where Yj is the width of fuselage at any station. The fuselage plan form is divided 
into a finite munbev of sections iuj shown by Figui'e 7-13. For each of these sections 


the parainftter (i '-r' > calculated and plotted iigainst its fuselage longitudinal 


station x^'. The measured slope 


/■*(" V ;r)\ 


h of these stations is propor- 


tioiuU to the slope of the sectional lift coefficient C (per radiim) of tliat station. 

‘‘n 


Foi U»e fuselage stations aliead of the wing, values of are obUiined from tlic 

following fonnula; 

^L. 

dfl , "x 180 

T~ I + K -tt; — 

d/y AH IT 

u w 


which is the variation in local aliflow with angle of attack for the fuselage alone plus 
the additional variation caused by the presence of the wing. The panimeter x is 
noted to bo expressed as a function of the distance forward of tlie intersection quarter 
chord C|/4 as shown by Figure 7-15. For the fuselage sections behind the wing, 
values of d^/d^ are obtained from the variation of downw’ash with angle of attack 
dc /d<y by the fonnula: 
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Figure 7-15 Wing-3?uselage Intersection Geometry for Aerodynamic Parameter k 

is = 1 -11 

dfl; do^ 


Calculation of 
% 


The contribution of the fuselage to pitching moment curve 

slcpe Cmt, Is as follows: 

I'a 


Obtain the contribution of the fore and aft fuselage sections to pitching moment curve 
slope by a graphical integration of the follo\ving formula, which was derived from 
Formula (3.7), Reference 15. 



where xj is the longitudinal distance measured from the quarter choi'd of the me:ui 
aerodynamic chord to a finite fuselage station. 
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7. 2. 2 CorrelaHon of Etcsults . The metliod has been used to determine the static 
longitudinal stability of the 23 wlng-fuselagc configurations and the results are pre- 
sented and compared with the experimental results in Figures 7-ld through 7-ld. 

A comparison between the experimental and calculated values of lift -curve slopes is 
presented in I-Tgure 7-l(>. The calculated values show some disagreement with experi- 
ment, however, the disagreement was found to i*esult mostly from low values of Cj_^ 
(theoretical) for wings with appraximately 45® sw'eep angle. 


"'or 



EXPERIMENTAL VALUES OF LIFT CURVE SLOPE. C, PER DEGREE 

‘■WF,, 


Figure 7-lG 


A Comparison Ikstweaa Experimental iuid I'heoretical Values of C 
for W’ing-Ftiselage Combinations 
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CALCULATED VALUES OF PITCHING MOMENT CURVE SLOPE, C„ _ , PER DEGREE 


0.016 



Figure 7-17 A Comparison Between Experimental :uid Theoretical Values 
for Wing- Fuselage Combinations 
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NEUTRAL POINT LOCATION Uh«orcticaO 


K 
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Flgure 7-18 A Comparison Between Experimental and Calculated Stick Fixed Neutitd 
Points for Wing- Fuselage L'ombinatlons 
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A comparison between the experim«ital and the calculated values of pitching-moment- 
curve slopes for the configurations is pres^ted in Figure 7-17. The results of the 
calculations show reasonable agreement with the experimental values. The disagree- 
ment that exists, however, can be traced primarily to the disagreement in lift-curve 
slopes and to (he limitations in estimating the aerod 3 oiamic-center location for some of 
the lift contributing parts. Calculation of the aeiocfynamic center location of the wing 
carry-through section shows that there are probable Reynolds number effects that 
have not been considered in the method. 

A comparison between the experimental and calculated neutral points for the various 
configurations is presented in Figure 7-18. The agreement, which is generally 
better than ±0.04, is considered to be good, especially for such a large variety of 
'ving plan forms. The accuracy with which the aero^namic center and the lift-curve 
slope of the 'Ting can be determined to a large extent determines the accuracy of the 
neutral-point location for a wing-fuselage configuration. 

7.2.3 Program Description . The program of Reference 16 is based directly on the 
theory and experimental data of Reference 13. All curves and table look-ups have been 
expressed in equation form. The following subroutine summary indicates how the 
large variety of fuselage shapes are treated mathematically. The effect of wing 
vorticity on the fuselage characteristics is treated with the aid of the subroutine 
KAPPA. 


Subroutine Summary 

1. SHAPZ - This subroutine provides the coefficients of a parabolic curve fit through 
any set of tlixee adjacent points. The first step searches through an abscissa 
array until the input abscissa is properly positioned. A parabola is ther defined 
by the nearest three points, providing coefficients A, B, and C for the equation: 

y = AX^ + BX + C 

2. KAPPA - Strer.gth of the wing up wash (ahead of the wing) , or down wash (behind 
the wing ) is computed here. 

3. HIT - Given the values of A, B, and C from SHAPE, this subroutine is used to 
compute the ordinate of the desired function. 

y = AX^ + BX + C 

4. SLP - Using the coefficients A and B from SHAPE, this subroutine is used to 
compute the slope (or derivative) of the desired function. 


* 2.0 AX+ B 

V^x/ 
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7.2.4 l^isei age Unit Inertia Loads. 'I'he fiiselage unit inertia loads differ from the 
treatment of the \^ng inei'tia loads in Unit they are calculated separately' mul for unit 
translatory and rotaiy accelex'ations. 'I’ho wing solution treated both aeriKlynmnlc tmd 
inei'tia loads with a set of simuUanetHis solutions fur the balanced vehicle. 

The fuselage luiit inertia loads of thi * section are derived with the aid of the digital 
pi'ogram described in Kefei'ence 1(>. These fusehige inertia loads are applied to the 
baltmced vehicle ivlth tl\e aid of n imd H from the wing solution perfonned in program 
AELtlADS. ^ 

The following text w'as taken from Ueferenee J t! to aid In undei'stmiding the scope of 
this part of the overall pi'ogriun. The main progrtun and each subroutine ai'e discussed 
in the following paragraplis. The sign convention and geomoti'y data are pi'osented in 
Figures 7-19 and 7-20. 



Flgux'o 7-19 Nomonclatore and Sign Convention 




Figure 7-20 Fuselage Sign Convention 


Main Program 

This program co ntrols the subprogram usage and provides the logic for building the 
airplane configuration. The followmg options are available for configuration develop- 
ment and may be useJ separately or in any combination; 

fuselage + contents + axed useful load 
fuselage fuel 

fuselage payload (internal bomb load, cargo, etc.) 

add vertical tail/s to fuselage 

add horizontal tail/canard to fuselage 

add wing to fuselage 

add engins/s to fuselage 

add external store/s to fuselage 

Inertia loads are stored in the array E (I, J, K) vkbere: 

I = fuselage station at which loads are calculated 

J - 1 load due to n^^ 

J = 2 load due to ny 
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J =3 load due to 

J - 4 load due to a ^ 

J - 5 load due to«y 

J = G load due to a ^ 

K = 1 X shear 

K = 2 Y shear 

K = 3 Z shear 

K - 4 L moment (torsion) 

K = 5 M moment (vertical bending) 

K = 6 N moment (side bending) 

For example, E(b, 4, 2) would be the Y shear (K = 2) due to roll acceleration, Oi^, 
(J = 4 ) at the fuselage station represented by I = 3. The values for each element of 
E(I,J,K) are calculated in the various subprograms. 

Subroutine UNTI L 


UNITL is used to calculate tlie inertia forces, shears, and moments resulting 
from distributed weight (slice) data. Slice data is read in this subprogram. 
Shear and moment data are stored in the array XYZLMN(1, J, K). "I" refers to 
tlie fuselage stations that separate the slice data. "J" and "K" are Uie same as 
those described in the main program for E(1,J,K). 

Subroutine 1NTK)L 


This routine is used to inteipolate for shears and moments at the output fuselage 
stations located in tlie array FUSSTA(I). FUSSTA is read by the main pre^ram. 
The resulting interpolated data are stored in OUTPirr(I,J,K). "I" = the output 
fuselage stations. J and K are the same as those for E(I,J,1^ desciibed in the 
main program. 

Subre-.ia e ULOADS 

Inertia loads due to concentrated mass items tliat utilize a single attach point 
are calculated in ULOADS. Fuselage shears and moments for components such 
as the horizontal tail or canaixl would be calculated in tliis routine. These loads 
are stored in the array ClLODS(I, J,K). I,J, and K are the same as those 
described in subroutine INTl’OL. 
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Subroutine PLOADS 


This routine calculates the fuselage inertia loads due to the wng. The resulting 
shears and moments are stored in the array DPC1LS(I, J,1Q. I,J, and K are the 
sanie as those in subroutine INTPOL. 

Subroutine ENGINE 


Inertia loads due to fuselage mounted engines are calculated in subroutine 
ENGINE. Engine loads are applied to the fuselage through the attach points. 
Inertia load distributions are stored in the array CONLOD(I, J,IQ. Engine 
attach loads are written from this routine. 

Subroutine STORE 


STORE is used to calculate the inertia loads for externally mounted fuselage 
stores and for vertical tails with two attach points. Shears and moments are 
stored in the array STORES (I,J,K). External store loads are written from this 
routine. 

Subroutine DATA 


The fuselage inertia loads for the complete airplane that are stored in E(I,J,K) 
are written from subroutine DATA. When the variable IPUNCH has a value of 
1, E(I,J,K) is punched on cards. The center-of-gravity and weight of each 
component are printed next. 

7.2.6 Fuselage Net Loa ds. The methods and techniques presented in the fuselage 
net loads module consist of basic matrix operations. These operations facilitate the 
process of combining airload and inertia load data to obtain net load distributions. 

The two computer programs contained in tliis module do not calculate any new infor- 
mation or data that are part of the net loads. The input data for these routines contain 
all of the required information. 

The fuselage net loads computer program contains a procedure for forcing the sum of 
the moments to zero at the nose of fuselage. The moment is eliminated by applying a 
couple at the wing attach points. 

Data output from the other modules are required input for this routine. The types of 
data required from the other modules are summarized below; 

Aerodynamic Data Module 


Unit shear, bending moment, and torsion distributions due to angle-of-attack, 
alpha fuselage = 0, carry-over load from horizontal rail and vertical tail, side- 
slip angle, rudder deflection, etc. 
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Fusehige staliuns for these unit airload distributions. (All distributions must 
bo based on these stations.) 

Inertia Loads Module 


Inei'tia load distributions for = Uy = n^ - Ig, and - «y = *^2-1 rad/see^. 
One set is required for each gross weight to be used. 

Fuselage stations for those inertia distributions. (These stations are used for 
i\et loads calculations.) 

Cooidinates of attach points for wing, horizontal tail or canard, mui \ertical 
tall. 

Inertia parameters iiy, n^, cy^, of^, gross weight, ;uid c.g. location. 

After tl\ese data are available, values for both distributed and concentrated airloads 

may be calculated. 

Dislrtbuted airloads are those due to pressure loadings resulting from angle- 
of-attack, zero lift, etc. 

Concentrated airloads are those airloads on the wing and tails tliat ai*e applied 
to the fuselage thraigh the attach points of these components. 
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SECTION 8 


STRUCTURAL SYN'rHESIS 

The Structural Sjuthesis uses two separate and independent procedures to develop com- 
ponent geometry and wel^t data. The primary structure is analyzed by the automated 
structural analysis procedure described in Section 8,1 . The secondary structure is 
defined and sized by an independent analysis procedure that develops geometry and 
weight data for the parts definition process and is described in Section 8. 2 . 

8.1 PRIMARY STRUCTURE . The Structural Synthesis procedure for primary 

structure is known as APAS (Automated Predesign of Aircraft Structure). This proce- 
diire was initiated under a company sponsored IRAD Program (Reference 1 ) and 
further developed under NASA Contracts NASl-11343 (Reference 2 ) and NASl-12506 
(Reference 3 ). This section describes the technical approach used in the synthesis 
procediire for analysis of primary structure. 

The APAS Analysis Procedure is applicable to any closed section beam like structure, 
and is typical of the procedure used in the early design phase of aircraft structure. The 
overall approach makes use of a point deslgn/analysis/redesign process which is iter- 
ated until an acceptable design is produced. 

The program accepts up to six external static strength loading conditons. Each condi- 
tion consists of a set of three forces and three moments (PX,PY,PZ,MX,MY,MZ), for 
up to twenty stations along the structure. An accurate representation of geometry is 
permitted by defining discrete nodes on the contour of the surface. Any convenient 
reference axis may be adopted. Internal computations automatically transfer the loads 
to the section elastic axis. The internal distribution of loads is calculated by a mvdti- 
cell box beam analysis subroutine. Complex bending stresses are found using the 
assumption that plane sections remain plane (i.e. , MC/I). Torsional moment is assumed 
to have a T/2A distribution and direct shear is presumed to follow a VQA distribution. 

If fatigue or crack growth analyses are to be performed six additional loading conditions 
are required. These are used in conjunction with a flight profile to generate a unique 
stress spectra at each analysis point. In the current version of APAS, the flight pro- 
file for medium range operation of a large commercial transport is built into the pro- 
gram. 

Analysis routines are used to find the allowable stresses; these together with the applied 
stresses from the internal loads solution are used to compute margins of safety. These 
routines provide for several different kinds of construction and reflect the failure modes 
to which the components are susceptible. Buckling, crippling and net tension arc tjnpical 
failure modes. 

A special symmetry grouping feature permits the user to constrain selected panels to bo 
alike. This technique provides a means by which fuselage centerplane symmetry cun be 
respected without duplicating reversible loading conditions. It is often desirable to make 
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adjacent panel elements Identical for ease In manufacturing. This can be accomplished 
with symmetry gi'ouping also. 

The optimization procedure is a two step process. Design synthesis proceeds sys- 
tematically from station to station In discrete steps, at rib or frame locations. In 
the first phase of the synthesis process, a set of Initial member size estimates are 
adjusted by iterative steps until each element has a zero margin of safety or until a 
minimum gage constraint is encountered. The second phase seeks to maximize margins 
of safety by refinement of element geometry while holding structural weight constant. 

When this has been accomplished the design is recycled through phase one to further 
refine structural weight. This logic is repeated until satisfactory convergence is ob- 
tained for static strength load conditions, or the input iteration limit is encountered. 

This optimized design is then successively checked for fatigue life, crack growth and 
residual strength crltci ia. If any criteria is not met the structure is augmented at 
that point and a new pass is made through static strength, fatigue, crack growth, and 
residual strength analyses. Iteration continues until all criteria are met. 

It is important to recognize that margin of safety maximization rather tlian weight 
niinlmization on the second phase permits use of unconstrained function optimization 
methods. Optimization methods have been the subject of previous research at Convair, 

A Fletcher, Powell, Davldon technique is used in this program. 

Major advantages of tills approach are: member sizes can be constrained to lay vithln 
practical limits of material sizes and manufacturing capability; multiple failure modes 
may be taken into consideration for each structural element; and, positive margins of 
safety ai’c always maintained so that a satisfactory design - from the strength point of view 
If not the weigjit - is available at the completion of each ? “aeration. 

The overall program is modular to permit modifications or additions to the element rou- 
tines with minimum impact on the total system. 

8.1.1 . Nodal Geometry. The geometry of each component, (fuselage, wing, horizontal 
and vertical stabilizer) is represented by the coordinates of a set of nodes at each of the 
various stations along the component. This nodal geometry describes the shape of the 
component which is used for the computation of section properties and internal loads. The 
analysis procedure uses linear interpolation between control stations to determine re- 
quired nodal information. Nodal information at a control station consists of X and Y 
coordinates for each node. 

The fuselage is represented by up to 20 nodes at analysis stations selected by the user. 
The nodes are located at user selected Intervals around the fuselage. However, when 
APAS is used in the Integrated mode with parts definition it is restricted to 18 nodes at 
20 degree Intervals around the fuselage with a maximum of 10 analysis stations. Nodal 
geometry for a typical transport fuselage Is presented in Figuge 8-1 . Nodes are num- 
bered starting at the top centerline and proceeding clockwise looking aft. 
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Figure 8-1 Fuselage Nodal Geometry 

The wing, horizontal and vertical stabilizer are represented by 20 nudes at analysis 
stations selected by the user. The aerodynamic surfaces, like the fuselage, are re- 
stricted to 10 nodes at each of 10 analysis stations when APAS is used in the integrated 
mode with parts definition. The nodal geometry describes the box structure for a sur- 
face with up to 5 spars. The nodes are numbered beginning at the upper sparcap of the 
front spar and proceding clockwise to the lower front sparcap. A typical surface 
nodal geometry is presented in Figure 8-2 . 



Section B-B (Typ.) 


B 



Figure 8-2 Aerodynamic Surface Nodal Cioomotry 
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8.1.2 Structural Elements . Structural elements include skin panel, spar v/ebs and spar 
caps. Each element Is described by a type number and from one to eight dimension variables. 
The dimension variables are of two types, thickness variables and non-thickness variables, 
such as stiffener spacing, stiffener height, corrugation angle, etc. In general, non-thickness 
variables may have either equality or inequality constraints imposed , whereas thickness vari- 
ables may have equality or lower bound Inequality constraints imposed. 

The structural synthesis program provides an analysis procedure for twelve types of panel ele- 
ments as presented in Figure 8-3 . The stiffeners on panel types one thro ugh nine are assumed 
to be oriented parallel to the elastic axis of the structure . The 0 degree ply of panel ty|)e 12 is also 
assumed to be parallel to the elastic axis . 
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Figure 8-3 Skin Panel Elements 
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The structural synthesis program provides an analysis procedure for seven types of 
"spar web" elements. Four of these are truss type elements, two are stiffened webs 
and the remaining one is a corrugated web. These elements are presented In Figuio 
8-4 . "Spar Web" elements are assumed to resist only shear and crushing loads, the 
axial stiffness of these elements is assumed to be zero for the purpose of computing 
section properties. 



Figure 8-4 Spar Web Elements 
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An analj'sls procedure for four types of spar cap elements is currently available. They 
include Integral tee and angle and riveted tee and angle as shown in Figure 8-5 . 
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Flgun' 8-5 Spar Cap Elements 

8.1.3 The types of ribs available within the program are presented in 

I'igure 8-6. The ribs are comprised of eaps and webs or truss elements. Rib caps 

are sized to react a moment at the rear spar due to the loading on the surface aft o* 
rear spar. Rib webs are sized to carry shear and to support crushing loads. 
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Figure 8-6 
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Figure 8-7 Typical Ring Frame 


8.1.4 Frames. A typical ring frame is shown in Figure 8-7 . The frames 

are sized so that the outer flange clears all of the skin stiffeners. The inner flange 
is maintained at 14 cm (5.5 inches) from the outer skin contour. The frame is sized 
using Shanley's criteria to set a minimum frame bending stiffness. If the frame thick- 
ness determined by this criteria is less than minimum gage, it is set at minimum gage. 


CjMD^ 

El = — ; Shanley’s criteria (Reference 4 / 

Li 

where: 

El = frame bending stififness 

M « maximum resultant fuselage bending moment, 

D « fuselage diameter 
I, > frame spacing 

■ fit coefficient (. 00025) 
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8.1.5 Fligdit Profile and Load Spectrum . The fatigue load spectrum defines the 
nuniber of times that incremental loads of given magnitudes are encountered during the 
design life of the aircraft. Experimental data is available which defines the pro bable 
magnitudes and frequency of occurrence of these incremental loads as a fimction of 
aircraft type, configuration parameters and flight parameters. 


The configuration and flight parameters are defined using a typical flight profile, which 
is divided into segments. Parameteis are averaged for each segment, and these aver- 
age values are used in finding the incremental loads. See Figures 8-8 and 8-9 . 

The typical flight profile used for fatigue and flaw growth analysis is based on medium 
range operation of a contemporary transport aircraft. 

The parameter values for each segment are listed in Table 8-1 . The segments are 
divided into subsegments, with each subsegment representing a particular magnitude 
cf incremental load. Using the segment parameters and the subsegment load, fre- 
quency of occurrence of the incremental load is found for each subsegment using the 
methods and information in Reference 5 . 

For gust loads, curves showing gust velocity vs frequency of occurrence are found in 
Reference 5 , Figure C13-32 through C13-37. From Reference 5 , Page C13-24, 
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a equivalent airspeed 

= derived gust velocity 

a gust alleviation factor 

a air density at sea le^el 

a aircraft weight 

a aircraft mass ratio 

a acceleration of gravity 
a mean geometric wing chord 
a air density 
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Figure 8-8 TjT)lcal Flight Profile 



Figure 8-9 Typical Segment Load Frequency Curve 
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solving for 


Ag 

mS V^K^Po/<2W) 

is then calculated for each subsegment, and the curves of Figure C13-37 are used 
to find the frequency of occurrence. 

For maneuver loads, Figure C13-41 of Roferenco <5 shows incremental load factor vs 
frequency of occurrence. For taxi loads. Figure Cl 3-46 of Reference 5 shows incre- 
mental load factor vs frequency of occurrence. Incremental load factor vs frequency 
of occurrence for landing loads was averaged from data for two commercial transport 
aircraft. 

The resulting fatigue load spectrum is shown in Table 8-2 . The number of cycles is 
based on 10, 000 flights. The variation between cycles and flights is linear, so that 
linear ratioing of cycles and design life is valid. 
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Table 8-1 Typical Transport Flight Profile 
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Table 8-2 Typical Transport Fatigue Spectrum - Cycles per 10, 000 Flights 
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3 . 1.6 External Loads. Net limit loads due to the air load, inertia loads and landinp; gear 
loads of various fliglit and ground conditions nxay be input directly or pi'ovided by the integia- 
tod loads program described in Section 7.0. 



Figure 8-10 External Loads Sign Convention 

The loading conditions are separated into two groups. The first group consists of 
from one to six conditions. These conditions are specified by the user and are used to 
size the structure so as to preclude static strength failures and to meet residual strength 
requirements. The second group consists of the sL\ conditions listed in Table . 

These conditions are used to define the fatigue stress spectrum described in Section 

8 . 1 . 0 . 

Table 8-8 Fatigue Spectrum Loading Conditions 


Condition 

Number 

Description 

1 

1 

IG Taxi I 

2 

IG Level Flight 

3 

2G Vertical Gust 

4 

2G Maneuver 

5 

IG Landing impact 

6 

Maximum Pressure 


(Fuselage) 


Each loading condition defines tite six components of load (AX, XS, ZS, TOR, XM, 
ZM) at Up to twenty stations along the structure. The sign convention used is pre- 
sontotl in Figure 8-10 . A typical fuselage loading condition is illustrated in ITgurc 
8-11. Steps in the loading curves are represented by repeating stations with the two 
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different load component values. The reference axis used for input loads is the center- 
line for fuselages and a line midway between the front and rear spars for aerodynamic 
surfaces. 



Flg-are 8-n Typical Fuselage Load Condition 
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S.1.7 Sl ruchtfal Dcsiffl Pi-oootlufo. The sLiiu Liiial ilesif;n ,jiveetluro slarLs with 
the h\put design, tlien tluvugii a series t>f ilesign analysis and redesign iterations 
produces a final design. The iteration i):\)cess continues until Uie lightest wciglit de- 
sign which satisfies design criteria and constraints is foiuid. 


The design aralysis involves the comparison of applied stresses and allowable stresses. 

The internal load solution described in Section 8.1.!) is used to calculate the applied 
stresses. The box beam internal load solution was selected instead of a finite element 
solution in order to keep computer execution time at an acceptable level. This selec- 
tion restricts this procedure to relatively clean beam-like structures. However, de- 
coupling of internal loads from otie station to the next is basic to the box beam theory. 

Hence, the overall design problem is reduced to a series of cross-section design 
problems at any number of desired locations along the structure. 

The procedure used to design the cross section is a two part procedure. The first 

p.irt, the section sizing procedure, adds or subtracts material from the structural 

elements of the cross section in order to produce a zero margin or minimum gage 

design. The second part employs a non-linear programing technique to minimize the 

"criticality" of each element while maintaining a constant weight design. This element 

optimization procedure is tlion iterated witli the section sizing i)rocodure until the 

design converges. Convergence occurs when two successive iterations produce a 

change in weight that is within a s^^ecified tolerance, or Ihe input iteration limit i.s cncountcn>d. 

Ouring tlic section sizing ixniion of the design pmcoss, i>nly the lliiclmcss variables 
are changeil. Figure 8-12 illustrates a typical ci-oss-secHon design problem. 
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'I’he scclion sizing procedure sizes the structure based on design criteria such 
as static stx'ergth, stability, service life, and residual strength. 


The procedure used to size the structure is: 

a. Analyze the structure as it is defined by the input data* 

b. Predict new skin thickness and stiffener area based on the analysis results. 

c. Re>analyze the structure as predicted in b. 

Steps b. and c. are iterated until the minimum weight structure satisfying the design 
criteria is found. During this process, material is added or removed from the panel 
such that the design proportions produced in the optimization phase are maintained. 

The equivalent thickness (F) of a structural panel is computed: 




where: t , - skin thickness 
sk 

A . - stiffener area 
st 

B ^ - stiffener spacing 

' stiffener material density 
p^l^ - skin material density 

The technique employed in step b. to predict the new t is described below. The new t 
is predicted by passing a parabola through three points on a plot of t versus margin 
of safety, MS. The points are (TBAR = 0, MS = -1), MS ti), ^ + i* MS (tj + j), 
see Figure 8-13. The new t is found by solving for the proper root of the resulting 
equation. The process is started by assuming the slope at t-0 to be 0 for the first 
iteration* 


The object of tlie element optimization procedure is to adjust detail dimensions of an clement 
so as to make the most efficient use of the material while maintaining a given weight. As an 

example refer again to Figure 8-12 . The panel element sliown contains four desian 
variables t^, t.^, b^ and b^. 
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Figure 8~13 Section Sizing Procedure 


Tbe object is to find the optimum set, i.e. , that set which represents the "least 
critical" panel possible. Since this procedure requires that t remain constant, there 
are only three independent design variables. Given any three variables tbe fourth 
is found by solving tbe following equation for the appropriate variable. 



+ t„b„/b 
2 2 


1 


The "least critical" design is defined as that design for which Us following critlcalify 
parameter is a minimum 

P 

where 

I denotes the failure mode 

J denotes tbe loading condition 

m denotes the sub element of each panel element 

Ms - margin of safety 

MC = side constraint margin e. g. , (tj^-tmln,^)/tmin^ 
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X>C 


-3.)+3.j x^c 

where 


A typical plot of the criticality function, F, is illustrated in Figure 8-14 . 



Figure 8-14 Criticality Function 


There are a number of techniques available to minimize P, the method used by 
APAS is the Fletcher-Powell-Davldon. unconstrained minimization technique ( Ref. 6 ), 
P is the objective function and Ct , b^^, b^] is the design variable vector for the 
example problem. Optimization is performed on each element of the cross section in 
order to minii^ze weight. 

8, 1, 8 Strrctural Element Symmetry Groups . A symmetry group is a group of 
structural elements which have identical designs. When a number of structural elements 
are placed into the same symmetry group only one design Is produced. Tl>e design of the 


... 
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element respects all of the margins of safety for all of the elements in the group. This 
technique provides a means by which fuselage centerplane symmetry can be respected 
without duplicating reversible loading conditions. It is often desirable to make adjacent 
panel elements identical for ease in manufacturing. This can be accomplished with 
symmetry grouping also. Since the use of symmetry groups reduces the number of inde- 
pendent design variables of the structure it can be of significant use in reducing execu- 
tion time and should be employed wherever possible. 

8.1.9 Structiural Analysis. This section presents the techniques used to calculate 
the applied stresses, including the fatigue stress spectrum and the methods used to 
calculate margins of safety for static strength, fatigue, flaw growth, and residual 
strength criteria. 

The internal loads analysis is based ou classical box beam theory (Reference 5 ). The 
assumptions made are; plane sections remain plane under wie action of bending mom« 
ents and axial loads, cross sections are free to warp when torque is applied, and the 
structure obeys a linear elastic stress-strain law. 

The axial stresses are made up of stresses due to axial loads and stresses due to 
bending moments. The equation used to calculate the axial stresses is. 


a 


MI -MI 


X XZ Z XX 


(x-x) + 


M I - 


Z XZ 


I I 


XX zz 


M I p 

-JS-5?(z-z) + 7 
2 A 

- r 

XZ 


where, 

M^ Net bending moment about a horizontal axis passing throu^ 
the centroid 

M^ ■ Net bending moment about a vertical axis passing through the 
centroid 

P " Axial load 

X, z " Coordinates of the element, see Figure 8-15 

X, z * Coordinates of the centroid, see Figure 8-15 


I ,I ,A 

XZ, XX zz’ 


Section properties 
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The shear stresses resist the external shear forces and the torque applied to the sec- 
tion. Under the basic assumptions the shear flow is calculated using a VQ/I distribu- 
tion for the shear forces. The resultant applied torsion is due to the applied torque 
and the couples resulting from shifting the shear forces XS and ZS to the shear center. 
TThis net torsion is resisted internally by a shear flow which is distributed according 
to a T/2A distribution. In the case of multiple cell structures, such as multi-spar 
wings, the cells are assumed to have equal twisting angles. For a further description 
of the method see Paragraph 17.9 thru 17.11 of Reference 7 . 

Section properties of the cross section of the wing or fuselage are calculated at each 
station where structural sizing is performed. These properties are used to calculate 
the internal loads distribution ana to provide stlffhess information. In order to simplify 
the calculation of section properties the following assumptions are made: (1) the mat- 
erial which resists bending moments is assumed to be smeared uniformly between nodal 
points, (2) only the skin and shear webs are effective for resisting shear loads and 
torsion. The following equations are used to calcu];?to section properties. (See Figure 
8-15 ) 


A 


j da 

X 


A 

z 


5J Ida 

I 

XX 


r 2 2 

J z da - A • z 

I 

zz 

= 

r 2 2 

y X da- A* X 

I 

xz 


/ xzda - A • X • 

J 

s 

4A j/^ds/t 


where, 


X, z are the coordinates of the incremental area da 
A Is the total area of the cross-sectional material 
x,z are the coordinates of the centroid of A 
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^ is the moment of Inertia of A taken about an x axis passing 
through the centroid 

Jxz is the moment of inertia of A taken about a z axis passing 
through the centroid 

is the product of inertia of A with respect to the centroid 
J is the torsional stiffness constcmt 
A„ area enclosed by the cross section 

ds incremental distance along the box contour 
t thickness of the shear resisting material associated with ds 



Figui ‘0 8-15 Typical Wing Section 
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The depth of the static strenkith analyses performed is consistent with typical prc-dosipi 
stress analyses. The nnalytical techniques and th.;ir sources are described in the follow- 
ing paragraphs. The failure modes included are summarized in 'I able 8-4. The margins 
of safety are computc<! for each failure mode and uses these values to direct structural 
design optimization. The critic;U failure mode margin of safety is included in the com- 
puter output for each cicincnt and load condition. 


Table 8-4. Panel Element Failure Modes 


Failure Mode 

Panel Construction Type 
(see Figure- 8-3) 

Local Buckling 

Diagonal Tension 

r* r i nr^l 1 n CT • 

D 

□ 

a 

a 

a 

a 

a 

a 

a 

a 

a 

a 

D 

B 

D 

B 

B 

B 

B 

B 

B 

1 


1 

0 

D 

a 

B 

B 

D 

B 

fl 

fl 

1 


1 

B 

H 

fl 

B 

B 

B 

B 

B 

B 

1 



Inter-Rivet Buckling and Wrinkling 

Panel General Instability 

Wide Colunm Buckling 

General Yielding 

Distortion Energy Theory 

Maximum Fiber . i , , ‘ a Laminate 
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I 
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II 
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1 

1 
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Local Buckling (Conipr'.ision and Shear) 

Tritical local buckling stresses for compression and shear loading a.*© computed by 
using Hqu;itlons 8-1 and 8-2, rcsjxjctivcly, 'fhese equations were olgained from 
Uoferenco 5. 


Compression Buckling 


F 

cr 


r;?k^ E 
c 


12 (1 - ue^) 



where; 



critical compression buckling stress 
compression buckling coetficient 
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E - modulus of elasticity 

u - elastic Poisson's ratio 

e 

t - thickness 

b - short dimension of plate or loaded edge 


Shear Buckling 


F 

scr 


n^k E , .2 


where: F 

scr 

b 


critical shear buckling stress 
shear buckling coefficient 
short dimension of plate 
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The buckling c oefficient in Equations 8-1 and 8-2 is dependent on the aspect 
mtic of panel length/width and panel edge fixity. The aspect ratio is assumed to 
to be large and* the corresponding asymptotic value of the buckling coefficient 
for the appropriate edge fixity is used. Typical values of shear and compression 
buckling coefficients for various edge fixity conditions are shown in Figure 8-16. 
The actual coefficients used for each available type of stiffened sMn panel con- 
struction are s^'^'vn in Figure 8-17. 


For s >me '^ight vehicle designs, it may be a requirement that buckling of the skin 
panels is -’ot permitted up to a specified percent of limit load. The program has the 
capability to handle this design criterion. Both shear and compression buckling 
are considered. The inte .action equation used to combine the effects of shear 
and compression was taken from Reference 5 and is presented below: 

Rc + Rg^=1.0 (8-3) 

where: - applied compression stress/compression buckling stress 

Rg - applied shear stress/shear buckling stress 


The associated margin of safety equation is: 


I 


M.S. = 


Rc" 


Jb~^4 R 
f c a 


- 1 


(8-4) 
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cm cm cm cm 



cm cm cm am 


kc-0.43 


kcM.28 


kp » 4.00 kg • 6.97 

kj>5.40 k,-9.00 


LEGEND; F - FREE EDGE 

SS- SIMPLY SUPPORTED EDGE 
C - CLAMPED 


Figure S-IC. Sluar (kg) and Compression (kj,> Buckling Coefficients for 
Various Kdge Fixities 


Diagonal T ension .Aiiidysis 

Maximum allowable panel shear stresses are detunnlr.ed by u.sing the relationship 
sho\m in ’r'igure 8-lS. J'aiametors F^ and are the miuxlmum allowable sliear 
and the material ultimate l^hear, respeoiively. Parameter is critical shear 
stress at which slu'ar Iniciding Initiates. The equation useii to ct>iupute Fgor iC'.'*- 
eribed in the local buckling failure m<nie section. 

Crippling 


rhe metliod for tlie cripjding analysis used w'lis taken from Heference 8. The crippling 
strain for the combination of stiffener and effective sWn is computed by the follewing 
equation : 


‘CC 


“ ^cen 
___ 

n n n 


( 8 - 5 ) 


s-iia 








< I'r 



Figure 8-18. Diagonal Tension Chart 


where: 

- crippling strain for section 

En 

- modulus of elaj!tlclty of element n 

bn 

- effective element width 


- element thickness 

^ecn 

- element crippling stress 


The element crippling stress (fccn) obtained from Figure 8-19. 
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NondtmensioMI CHppU^ Cur.es 



Inter-Rlvet Buckling and Sheet Wrinkling 


Inter-rivet buckling involves a failure of the skin between rivets. When both the skin 
and the stiffener fall, it is known as a wrinkling failure. The program checks for both of 
these failure modes using the methods taken from Reference 5. Inter-rivet buckling 
strain is computed using the following equation: 


^ir 


where: 

C 


P 

E 


12 (1- ug ) VP/ 

- Intcr-rivet buckling strain 

- end fixity (C equals 4, for all cases) 

- skin thickness 

- rivet pitch 

- modulus of elasticity 

- Poisson's ratio 


( 8 - 6 ) 


Rivet pitch spacing Is set equal to four times the rivet diameter for all cases. The 
rivet diameter for each case Is selected based on skin thickness according to Table 
8-5. 


Table 8-5. Rivet Diameter Versus Skin Thickneas 
cm, (Inches) 


Skin Thickness (tg) 


Rivet Diameter 


0.000 

(0.000) 

0.064 

(0. 025) 

0. 127 

(0. 050) 

0.318 

(0. 125) 

0.635 

(0. 250) 


0.318 

(0. 1250) 

0.397 

(0. 1563) 

0.476 

(0. 1875) 

0.635 

(0. 2500) 


Sheet wrinkling strain is computed using the equation presented below*. 


■ w 


k 

w 

12 (1 


( 8 - 7 ) 


'’e ) 


8-27 


where: 


- wrinkling strain 


^w ~ wrinkling coefficient 


tg - skin thickness 

bo - stringer spacing 

9 


The empirical wrinkling coefficient 0c^) Is a function of the effective rivet offset and 
local geometry. The effective rivet offset is determined using Figure 8-20 and is 
used in Figure 8-21 to evaluate the wrinkling coefficient. 



VS 


Figure 8-20. E:iq}erimentally Determined Figure 8-21. Experimentally Determined 
Values of Effective Rivet Offset Coefficients for Failure in Wrinkling 

Mode 


Panel General Instability 

This section is a description of the analysis used to calculate general instability 
allowables for panel types 10, 11, and 12 (see Figure 8-*^). This analysis procedure 
was taken from Reference 10. Design formulas are used to provide conservative 
estimates of the buckling allowables. 

The moments of inertia and stlffaesses in both direct! ’ .s are calculated for a plate or 
sandwich panel in the conventional manner. See Figure 8-22 for sign conveniiioo. used 
in the development of the design equations for buckling. 
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The shear buckling of a simply supported orthotropic plate can be reasonably estimated 
with the following formula 


^1 5 2 

Nxy„ = ^3 yDilJ>22 / b"" 

4^ 

where: Ci=(b/a) y^ll ^°22 

C2 - P12 2Dg0) / ^Dii D22 


2 j 2 

TT j^Dj^j^(m/a) 

^^Xcr^panel 
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2 (Di 2 + 2 Dge)(n/b )2 + 033 (n/b)'^(a/m )2 j 
1+0 (an)^ / (bm)^ (8-17) 


C 3 = 32,8 + 20 C 2 + 14.2 (Ci)2*4 + 24. 8 C 2 

No simple correction for the effect of curvature on the shear buckling 
available at present. 

The buckling allowable for a flat, simply-supported, orthotrcpic plate 
loads may be found using the following method. Given a ratio 

o = Nx/Ny 

the allowable in the axial direction may be ejq)ressed by 


where m and n are possible half-wave numbers into which the panel may buckle in the 
X and y directions, respectively. This formula is evaluated for the first five modes 
in each direction, and the minimum value is chosen. The allowable is obtained 
similarly. 

An estimate for the correction due to curvature on the compressive buckling allowable 
is obtained as described in Reference 7. The buckling allowable of the full cylinder 
from which the panel was cut is added to the flat plate allowable as obtained above. 

For an orthotropic cylinder, the cylinder buckling allowable is approximated as 


<''*cr>cyllndar 4 ^ 1 

where t and R are the thickness and radius of the cylinder, respectively. 
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The ratios of the ^lled loads to the allowables are formed: 

Rs*Nxy/Nxj,^^ (8-18) 

Rx = N, / (8-18) 

®y ° "y ^ ”ycr 

The buckling margin of safety for each panel is calculated from the interaction equation 



( 8 - 21 ) 


The above analysis is brief and offers various degrees of approximation, depending on 
the complexity of the section being analyzed. For construction with ortbotroplc flat 
panels, they provide excellent estimates for the buckling allowables of simply supported 
panels. With the addition of curvature, it provides somewhat less accurate allowables. 


Wide Column Buckling 

This section is a description of the analysis used to calculate the general Instability 
allowables for panel types 1 throu^ 9, (see Figure 8-3). 

Wide coliunn buckling analysis of multi-rib structures assumes that the cover panel 
behaves as a simply siq^ported column. The ribs, oriented perpendicular to the load, 
are assumed to provide the coutlnuous simple supports. The effect of spar support 
at the unloaded edges of the column is ignored In this analjfsis. The method used 
for wide column analysis was taken from Reference 5 and is described below. 


The relationship between critical coluxxm strain versus slenderness ratio (L*/^ Is 
shown In Figure 8-23. 


For large values of slenderness ratio, a form of the Euler column equation applies: 


€ 

C 


2 

TT 


(L'/p)^ 


(8-22) 


where: c 

c 


- column failing strain 


(L*/p) - slenderness ratio (effective length/radlus of gyration) 
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TRANSITION RANGE 



SLENDERNESS RATIO (L7p) 


Figure 8-23. Critical Column Strain Versus Slenderness Ratio (L'/p) 

For small values of slenderness ratio, the critical column strain transitions from the 
crippling strain to the Euler critical column strain. The following parabolic approxi- 
mation is used to represent this transition. 



where; 



- column critical strain 

- crippling strain 

- buckline strain for column cross-section 

- Euler column strain 


(8-23) 


Equation 8-23 applies for Cc > Ccr* Yield sti*aln (c y) is substituted for Ccr« 
€cr^ <y 

General Yielding 


To ensure that elastic stress condltlono exist up to limit load for each structural 
design, the program compares element tensile or compressive stresses to mtiteriul 
yield for all loading conditions. 


Distortion Energy Theory 

The distortion energy theory (Hencky - Von Mlses theory, Reference 11) is another 
failure mode criterion used in i.*\e an xlysls. This theory is based on the asi;um|)tion 
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that failure occurs when the distortion energy corresponding to the principal stress 
components equals the distortion enetgy at failure for the maximum allowable axial 
stress. This failure criterion is defined by Equation 8-24: 

(8-24) 


The boundary curve de&ied by Equation 8-24 for all possible combinations of 
princ4>tLl stresses is shown in Figure 8-24. Any principal stress combination that 
falls outside this boundary curve represents a negative margin of safety. 



- * 

Figure 8-24, Distortion Energy Theory 
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Laminate Analyais 


The composite panels (construction type 12) are specially orthotropic; If the panel Iti 
of sandwich construction; It Is assumed that the core supplies no ln>plane stlflhess but 
Is perfectly rigid In the out of plane direction, and that each of the composite faces 
carries one-half of the applied in-plane loads. 

The laminate analysis is designed to find the strains In the 0* , 90* , and ± a* plies. 

The laminate longitudinal, transverse and shear strains, ^y« ^xy respsctlvely, 
are calculated using the laminate In-plane constitutive matrix, [A] , and the applied 
running loads, Nxt Ny, andNxy» as shown In Figure 8 - 22 . 


<x 


Nx 


11 

1 

1 1 

Ny 

‘xy 

1 

Nxy 


The laminate strains are rotated using the transformation matrix, [ T ] , for each ply 
angle in the laminate. These strains are used for computing the margins of safety. 

The margins of safety for failure of a laminate of orthotropic materials are computed 
by using the six allowable failure strains of the basic lamina material and the orienta- 
tion angle of each ply In the laminate. The strains are: 

)• tension in the 11 direction 
^ <22* tension In the 22 direction 
^ positive ooear 

- compression in the 11 direction 

- C 22 > compression in the 22 direction 

- (i2* nssstlve shear 

The laminate strains are calculated and then transformed to coincide with each ply 
material axis system as shown in Figure 8-25. The transformed strains are then 
compared with the appropriate allowable strains and three margins of safety are 
obtained for each ply, for each loading condition. 

The minimum margin from all of the plies then becomes the final margin for the 
ultimate strain failure mode of the laminate. The eouation used for each margin of 
safety Is: 


M. S. 


CPSAL 
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y 



Figure 8~25. Coordinate Transformation fr>r the a Ply 


where f PSA1> is the ultimate strain allowable and c is the applied strain. 

The fatigue stress spectrum is based on t'<3 fli^t profile and load spectrum discussed 
in Section 8.1.5. It is made up of a group of minimum ard maximum stresses and the 
number of applications expected during tho design life. This spectrum is used for the 
fatigue analysis and the flaw growth analysis of the element discussed in this section. 


1 


r- 


Minimum and maximum stresses are calculated for each subsegment of ue fatigue 
spectrum (see Table 8-2). These stresses are calculated from the segmmit constant 
stress Oq and the segment alternating stress 

''min“'^c - Ag- Oj (8-27) 

«^max*®c" '‘•K* ^a 

The value of and o^ are in general different for each segment and are calr jUted by 
forming linear combinatloas of the stress due to the fatigue .»pectnm conditions (see 
Table 8-3). 

r* 

(8-29) 
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6 




where I denotes the fatigue spectrum condition number and j denotes the segment number. 
The constants c^^ and a £*e based on the fli^t profile (see Table 8-1) and are stored 
within the program. 

1 .«« ground-f -ground (G-A-G) cycle shown in Figure 8-26 is not defined in Section 
8.1.5. It dominates fatigue damage and flaw growth In many areas of the structure of 
tr -sport aircraft. This stress excursion is due in part to the difference between the 
groundbome load distribution and the airborne distribution, and in part to cabin pres- 
surization* A G-A-G spec.rum is calculated automatically within the program at each 
analysis point. The G-A-G cycle Is defined as the maximum stress excursion between 
the peak inflight stress (e.g., the maximum gust occurring in that fli^t) and the peak/ 
valley groundbome stress (e.g., the maximum taxi Ag). Several high peaks of cyclic 
loads, such as those due to gust encounters in stormy weather, tend to occur on the 
same fU^t. It would therefore bo conservative to use all peak loads expected in the 
total aircraft life in building the G-A-G spectrum. To avoid this overconservatism a 
frequency factor is introduced, which has the effect of skipping over some of the peak 
loads, A frequency factor equal to two is considered appropriate for transport aircraft. 
Thus, every other peak is included in the G-A-G spectrum. Frequency factor is a 
user Input. 

A unique stress spectrum is generated for each structural element based on the local 
stress history and is used for the fatigue analysis and flaw growth analysis also reported 



Figure 8-26. Simplified Flight Profile 

•« • 
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MAXiMr;’.: stress 


in thin loctton. No provision is ouri'ently available for changing the load profile; 
however, additional load spectra can be incorporated into the existing program with 
very little programming effort. 


Kntigue dainagi' Is tloflntMl as the ratio of tlu' luimlnM* of applitni stress oyeles. n, of 
a given stress magnitude to the numlH'r of alli>\nible stress eyoles, N, of the same 
.sire.ss n agniliule. Miner's Kule (liefert'nee 12) is the basis of fatigue damagy^ analysis 
jH'rfenned by the .subixnitlne, IMUM)AM. I'nilor this eoncei>t, fatigue damage is assununl 
to Im linearly cimmliillve, and fatigue failure is assmut^ to •.lecur when the damage 
summation eqimls unity. 

Fatigue Damage - 7 ; — TT" + ♦ • • — ^ (S-dl) 

"1 "2 "3 

m n 

Fatigue Failure = ^ (ti~32) 

l-l ^ 


To fnciliUtte the :utnlysls.S-N cuiwea are plotted from test ilata for several values of 
>iress ratio, H. Allowable cycles for each subsegment are read from the curves 
as shown in Figure S-27. 


where. 


R 


.s 

min 

S 

lUitX 


\.-\lso see Figure S-2(») 


(H-33) 



Figure 8-27. Fatigue Damage Determination 
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A review of previous General l)yi\ainics programs and other sources did not produce 
nearly enough comptment S-N data to fill the required data bank indicated by I'ablo 8-(>. 
Much of the data reviewed was generattul for specific configurations and load sp»eetra. 
Miujufacturers usually test splices and other fatigue criUetU tletiUls but seldom develop 
S-N curves for typicid stiMcture and spectra. Even less data is published because com- 
ponent test results are frequently considered proprietary or sensitive to a particular 
project. 

Table 8-6 Availability of Fatigue Data 
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In some cases the compt>nent data was Incomplete. To facilitate extrapolation, cuitos 
of sttess vs. stress ratio at constant cycle values were plottcil Irom tlu oi’igimd ilata. 
Expandeil S-N cun-es were then drawn based on the extrapolated ilata. For the many 
cases where component data wa.s not available, rcihiction factors were applied to un- 
notthed coupon data foi* the appropriate material. A compU'tt' set of ilata was gener- 
ated by this method. However, S-N curves plotted from this data ilid not show the 


tiends and consistency eovpecteil. Anomalies in the component data due to inconsistent 
test p.trametcrs were still present in the expandeil S-N curves. .\ complete and con- 
sistent set of S-N curves for all required component t>pes could not be obtained with 
this appixmch. 


Subsequently, a second metluHl, Ueference i;i, for jiloUlng S-N cuiwres from llmltiHl data 
was emvdoyeti. More rellmiee is placed oti uunotchi.Hi coiqKin data, tmd com|)Otent fatigue 
strength factors are piotUnl versu.-. life to ensure that smooth and consistent S-N cuvvos 
ai"e generated. The component S-N curves used for fabgue analysis were generated tiy 
tills methixl, and aiv presented in Figui'os 8-‘J18 thru 8-118 . /Ml curves aiv normalized 
to tlie not section sUUic strength, Sg. These eun'es provUle fatigue data for all of the 
eompenont construction typos curivntly alleweii in tlie structund sjaiUiesis motUde. 
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Figure 8-29 S-N Curves for Spot Welded Aluminum Components 
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Figure 8-33 S-N Curves for Spot Welded Titanium Components 
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Figure 8-34 S-N Curves for Bonded Titanium Components 
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Figure 8-35 S-N Curves for Riveted Graphite/Epoxy, 0/t45/90, Components 
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Figure 8-36 S-N Curves for Integral or Bonded Graphite/Epoxy, 0/^5/90, Components 
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Data from constant Ufo cuts of those curves Is stored in the program. An intorix>lation 
i\)utlnc Is used In the iTogram to retrieve allowable cycles fnMn the ^torod data. 

This rather simple approach is widely used In fatigue life predictions of transpt>rt air- 
craft. The more severe load spectra of fighter type aircraft produce more significant 
residual stresses at points of stress concentration and may warrant a more sophisticated 
analytical treatment. 

Regaixling the data for the composite materials (boTOn/opoxy and graphite /epoxy), it 
must be realized that an infinite variety of laminates is ^wsslblo. Each lay-up will 
have different fatigue characteristics. A pseudo isotropic lay-up, 0/± 45/90, was 
selected for this program Iwcause it is a common lay-up and some fatigue data was 
a'nilable. 

The flaw growth analysis i)rosenlod in the following i)aragraphs rcvircscnts the proc edure 
used in the VDEP Program. The flaw growth analysis prcMlicts how a through the tliick- 
noss crack grows under the influence of a fatigue load sijcctrum. The growth analysis is 
based on an integration technique presented in Uefercnce H. The technique currently used 
is conservative, making no provision for growth retardation effects duo to s|)octrum loading. 


Crack growth predictions are usually based on the integration of empirical growth 
rate laws. The integration tecimiques range from simple cycle by cycle summations 
to more sophisticated tecimiques involving high powered numerical methods. Cyclic 
growth rate equations arc usually expressed as functions of the stress intensity 
factor range, AK, the cyclic stress ratio, R, and certain empirical constmUs 
determined from tests daUt. 

~ ® F (AK , R, empirical constants) 
dN 

dE 

where ~ Is tb** cyclic growth rate. 
oN 

The stress intensity factor range, AK, is a measure of the change In the intensity of 
the stress field near the tip of the crack, (see Figure 8-59 )• 

AK » =K -K 

max nain 


where, 

Aor range of the remotely applied cyclic stress 
a half crack length 

X(a) correction factor which accounts for geometric effects 
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TIm amount of growth. , which occurs during one cycle of api^led stress can be 
predicted using a growth rate equation, i. e. . 

Aa “ f(AK, R, empirical constants) 

After a load cycle Is applied the new crack length is longer by A a at each tip. The 
AK calculated for the next load cycle Is then based on the new crack size. Crack 
growth can in this way be predicted for cyclic loading. This process is cumbersome 
If the number of load cycles is very large. 
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Crack growth analysis of transport aircraft often involves millions of cycles of 
applied loads during service life. Computer routines written to predict flaw growth 
tMised on the method just described were found to be too slow to use for this program. 

A technique based on averaging the cyclic growth rates during a flight and then per- 
forming the integration on a flight by flight basis was developed. A curve of average 
flij^t crack growth rate da/dF versus crack length is obtained for the specific crack 
geometry and load spectrum. Such a curve is obtained by summing the growth rates due to 
each of the load cycles in the spectnuii and then dividing by the number of flints 
represented by the spectrum. By performing this process at various crack sizes a 
curve can be constructed as shown in Figure 8-40 . 



The inverse of this curve, i.e. dF/da, is integrated numerically over the desired 
crack interval. A technique based on the Erdogan growth rate equation was developed 
in order to simplify and automate the procedure needed to generate the da/dF curves. 

Erdogan growth rate equation: 




( S-84 ) 


where C, ro, and p are empirical constants determined from constant amplitude 
crack growth tests. 


Since 


K 

~ 1-R 






( S-35) 


da C(AK) 

a-H,“ 


m+p 


The average flight growth rate at any crack size a ia then, 


^ - -L 

dF~ M 


N, 

Z c 


(AKj) 


m+p 


(l-Rj) 
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where, 

AKj = X(a)Aa^Jifa 

i mlOj maXj 

Aff =<T - cr . 

i maXj xmn^ 
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( 8-38 ) 


( 8-35) ) 


N = Total number of cvcles contained in the spectrum. 

8 

M = Num+er of flights represented by the spectrum. 

Rewriting Equation 8-3(> , assuming the change in a to be small in Ng cycles. 






Now define cr a. 



(Acr^) 


m+pi 


1 

m+p 


{I \) 


m 


( 8-40 ) 


( 8-41 ) 


The application of N/M cycles of a with an R value of 0, will produce the growth 
which is equiv;ilent to the growth caused by the actual load cycles of an average flight. 
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dF 


M 


X(a) a^/ffa 


m+p 


( 8-12 ) 


The number of flints required to grow a crack from a^ to a^^^ can be found by 

solving the differential equation. Equation 8-42 is separable and can be written in 
integral form as shown by Equation 8-43 . 


AF = 


M 


* 1+1 


da 


N^C» 


m+p 


a. 


[XWjra]"’*'’ 


( 3-43 ) 


The closed form solution to Equation 8-43 can become exceedingly complex and 
perhaps imirossible depending on the form of X(a). The simplest form of \ (a) which 
is useful leads to the following choice. 

X (a) = for aj ^ j ( 8-44 > 

Equation 8-44 represents a linear approximation to X on an interv'al containing lx4h 
ai and aj Xj and are the sloiw and intercept of this linear approximation. Even 
with this simple form, the closed form of the solution is not practical. Numerical in- 
tegration techniques must bo applied to find the solution. Since X(a) has been chosen 
to bo linear In a, the following form of Equation >8-42 can be wTitlen. 


AF» 
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* 1+1 


da 


N.CC5X («•)]'"*'= « wnr" 


(8-45 ) 


where 


a. ^ a* s a 
1 i+1 


Performing the integration In Equation 8-45 leads to the following solution. 


AF 


2M 


N„*C [oX (a*)] (m+p-2J 


(2-m-p)/2 

u ^ R 

i i+l 


(2-m-p)/2 


(8-45 ) 


where 

m+p/ 2 
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The error of integration introduced is dependent on the selection of a*. If a* is 
chosen to be equal to a^ then the error is 


E = 



m-^p 

- 1 



j 



Since (a ^ a* ^ a ) the maximum possible error is introduced when a* = a . 
i i+1 • 


E 

max 


X(a 


l+l) 




m+p 
- 1 


( 8-48 ) 


The greatest potential error can be limited to some prescribed error E* > 0 by 
proper selection of 



■ X + X a . ■ 

m+p 


0 1 i+1 

- 1 


X + X .• a. 



0 1 i J 



< E* 
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An operator H is introduced so that the absolute value bars can be removed. 


< (1 . 

X +X-a, ' ' 

o 1 i 

Where, 

H = 1 for Xj > 0 
» -1 for X^ < 0 

Solving Equation 8-50 for a^^^ results in the following 


a a 

1+1 




where X^ 0 


( 8-50 ) 


( 8-51 ) 
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For tho case where = 0 the value of a^^.^ may be set to the largest value of a 
for which the linear approximation to X is valid, in which case the integration is exact. 

The following equation is used to supply the (X^Aj) term for values of X supplied at 
two crack sizes. 


X X/a. , -X^ -a, 
1 i-H i+l 1 

Vl-^ 


( 8-52 ) 


where (a^, Is the interval over which the X function is to be linearized and 

X and X are the values of X at a and a respectively, 
j J J***! 


The foregoing procedure is applicable to any flaw geometry for which the stress 
intensity correction factors, X, are known. The program currently contains factors 
for a wide range of stiffened panels with through cracks. Curves for L(a) and X(a) for 
the case of a crack extending equally on both sides of a riveted stiffener (Illustrated 
in Figure 8-41 ) ai'cstm-od within the'program In the form of data tables, i orfur- 
there information concerning the derivation of these curves the reader is referred to 
R^erence 14. 



Hgurc 8-41 Stiffened Panel Crack Gei metry 

Tho program currently contains 75 sets of data for L(a) and X(a) covering a wide 
range of stiffener spacing and percent stiffening, including cases for broken stiffeners. 
Figure 8-42 prosonts a t^qilcal set of curves. Linear interpolation is used to deter- 
mlne L(a) and X(a) curves for cases which lie between data sets. These curves are 
used for all riveted-stif fener plate combinations , (e . g. , panel types 4 through 9 of 
Figure 8-3 )• 
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Figure 8- 42 Stiffened Panel Stress Intensity Correction Factors 

For the case of integral construction (e.g. , panel types 1, 2, and 3), the panel is 
treated as a flat plate without stiffeners with a thickness equal to T* (i.e. , X(a) — X.O). 

The residual strength analysis determines the failing strength of a damaged panel. 
Damage consists of skin cracks and broken stiffeners. The residual strength of a 
damagotl i>anel is defined as the maximum stress level which can bo applied to the 
IMmcl without the crack growing unstably to failure. I'nstable crack growth occurs 
when the applied stress Intensity factor, K, exceeds the fracture toughness d the 

skin material, 

Unstable crack growth is allowed to occur at stress levels below the residual strength 
of a panel as long as the crack growth eventually arrests at a larger crack size. When- 
ever stress level of the most highly loaded stiffener exceeds the ultimate tensile 
strength of the stiffener, it fails, and the applied stress Intensity factors of the skin 
are recalculated to reflect the broken stiffener. 

Figure 8-43 illustrates a typical example of the residual strength analysis procedure. 
The curves shown are generated by calculating the gross panel stress which causes 
stiffener failure and the gross panel stress which cause unstable crack growth. Equa- 
tions 8-53 and 8-54 are used for these calculations. 
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8.2 SECONDARY STRUCTURE . The analysis procedure for secondary structure Is 
for the leading edge, trailing edge, and tips for the aerodynamic surfaces. The fuselage 
secondary structure (floors, doors, and windows) is based on statistical data and is 
included in Section 9.2. • 

8.2.1 Tip, Leading and Trailing Edge Analysis . The leading edge, trailing edge, 
and tip synthesis modules provide the capability to analyze the aerodynamic surface 
structural components that are not considered as part of the structural box. The lead- 
ing edge is defined as being forward of the front spar and includes the fixed position of 
the leading edge and the leading edge high lift devices (slats). The trailing edge Is 
defined as being aft of the rear spar and includes the fixed trailing edge, forefl^s, 
flaps, ailerons, rudder, elevator, and spoilers. The tip is defined as that structure 
outboard of the structural box tip closing rib. 

The synthesis includes a definition of part geometr>' and a detailed stress analysis that 
determines gages, accounts for material types, and sets minimum gage constraints. 

The geometry routines provide dimensional input to the stress analysis routines. The 
geometry and stress routines output includes part size and weight, as well as param- 
eters for the part definition and cost routines. A generalized flow of the leading edge, 
trailing edge, and tip subprogram is shown in Figure 8-44 . 

The analysis utilizes nine geometry routines, three stress analysis routines, six 
supporting routines, :md two calling routines. The geometry routines are for flaps, 
aileron, rudder, elevator, slat location, slats, fixed leading edge, and spoilers. 

The stress analysis routines include foreflap, spoiler, and one which analyzes the 
flaps, ailerons, slats, rudder, juid elevator. The supporting routines derive dimen- 
sions, material properties, and general analysis. A discussion of these routines is 
Included in the following paragraphs. 

The flap geometry routine provides flap planform dimensions and locations from input 
ilata. rhe flap tN^pes considered are simple flaps, and single-slotted and double-slotted 
flaps. In the case of single or double slotted flaps the foreflap dimensions are computed 
in addition to the main flap dimensions. The driving parameters in deteimlning flap 
dimensions are the flap area to wing area ratio, flap chord to wing chord ratio, and flap 
inboard chord. If the area ratio is input the flap length will be set to give required flap 
area. The flap length will be truncated at the wing tip or the inboard edge of the aileron. 
The flap chord is set by the ratio of flap chord to wing chord. If the ratio is zero the 
chord is assumed to be 85% of the distance aft of the rear spar. If the flap chord Is 
input, the value of flap chord to wing chord ratio will be computed for use in determin- 
ing flap dimensions. The inboard edge of the flap is located at the side of the fuselage. 
Flap geometry output consists of inboard and outbo.ard chords, span stations of the fl^ 
inboard and outboard edges, and the flap length. 

The aileron geometry routine provides aileron planform dimensions and locations from 
input data. The outboard edge of the aileron Is assumed to Ix' at the wing tip and the 
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Figure 8-44 Loading Kdgo :uid Trailing Edge Synthesis Routine 
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uiixiard edge is truncated at the side of the . ( the inboard location is not sjKvified. 
Vhe ailenm chord is computed as 10'7 greater ■], ;■> the trailing edge length. If the 
sf ' edge U>cation of the aileron is input ’?it > ngth will be set to provide the 
re Mired aileron area. Aileron gi»ometry oun v- .-onsists of inUnml :uid outboani 
'ipan stations of the aileron in’ oar > I'ltboard edges, and t lie aileron 

leng, h. 

The ruu.lor geometn routine prtn id< s ■ r pUmfomi dimensions :tnd locations from 
input data. 1'lie nhhler e.xtends fron ; > to the vertical st.ablllzer tip. The 
rudder choni vahie jn set <’qua! to . tljc theoretical chord length aft of the vertical 
stabili/.cr rear spar location. Itudaer geometry output consists of inboard and out- 
board chonls, span stations of the rudder inboard and outboard edg?s, :md the rudder 
length. 

The elevator geometry routine provides elevator planform dlmerskms and Ux*atlons 
fivm Input data. The elevator extends from the body to the hovizontal etablUzer tip. 

The elevator chord value Is set equal to 5)0'" of the theoreticul chord length aft of tht* 
horizontal stabilizer rear spar location. Klevator geometry output consists of inlxiard 
and outboard chords, span stations of the elevator inlx>aiii and outboard edges, ;md the 
elevator length. 

The slat geometry rvnitlne comprises two separate operations. The first locates the 
inboa ni ;uid outboard ends of the slats and ilefines the slat length. The inlxvird 
location Is set at -15.7 cm (1.5 ft) outlx>ard of the side of the IhhIv. The outboard 
location includes 91, I cm (9.0 ft) of cleanuicc fi»r each wing mounted engine pylon, 
rhe second operation determines the indivitiual sl.at lengths, chonls, and lnlx>ard 
;ind outU>ard stations for two and four engine aircraft. The slat jumlysts for a two- 
engine cv'nfiguratlon provides three op.Ions for slat segment Uvation: 1) inboard 
only, LM outlx'ard only, 3) outbi>ard only, 1) inboani suui center. .') center :u)d out- 
bi>ard, and d) Inboard, center, :unl outboani. The S|H*cific slat chord lengths are 
computed as a function of the slat chord to wing chord ratio. However, if thi* nitlo 
is not input a value of 0.0735 Is used. This Is an average v:Uuc for typical tnmsport 
aln'raft. 

The fixed leading edge geometr>- routines provide planform dimensions :uid Kvations 
for the wing, horfromal stabilizer, :uid vertical stabilizer leading edges. The 
horizontal and vertical stabilizer leading edges start at the U'dy :uid end at the tip. 

The le.iding edge chon! Is input as the total distance forwani of the fn>nt spar. The 
wing has two t\*pcs of fixed leading edges; under-slat ;md between-slat. The leading 
edges extend from the side of the Ixxiy to the tip. the ai»|>roprlate type Iwing used as 
a function of the slat Ux'ations. The botween-sUit t\pe extends the lull distance forwani 
of the front spar juui the under-slat type assumes a chi'rd ixtual to 9‘V of the wing chinxi. 
Fixed leading edge geometry output wnslsts of tht* lengths ;ind chords of each tvfH* of 
edge. 





The spoiler geometry routine provides spoiler planform dimensions and locations 
from input data. If the spoiler area is input the spoiler will be resized to the arra 
output from the aircraft sizing routine. If the area is not input the user must provide 
the inboard and outbaard edge locations as well as the spoiler chord to wing chord 
ratio. If the spoiler chord to wing chord ratio is not input it is assumed to be 0. 15. 
The spoiler inboard edge is assumed to be at the side of the body and the outboard 
edge is computed. The outboard edge is truncated at the wing tip or at the e-., ? of 
the aileron. Spoiler geometry output consists of inboard and outboard chords, span 
stations of spoiler inboard and outboard edges, and the spoiler length. 

The fixed trailing edge geometry routine assumes a total length from the body to the 
tip for wings, horizontal stabilizers, and vertical stabilizers. The fixed trailing edge 
chord is computed as a function of the total trailing edge length and the surfaces in- 
volved, The lower surface chord is computed as 6. 8*^ of the trailing edge length if 
there are flaps and 10% if there are ailerons, rudders, or elevators. The upper sur- 
face chord is computed as 29. 6% of the trailing edge length for fl"n3 only. It is set 
equal to the spoiler chord if there are flaps and spoilers, and equal to 10% of the 
trailing edge length for ailerons , rudder , or elevators. If there are no control sur- 
faces the fixed trailing edge extends from the rear spar to the aft edge of the wing, 
horizmital stabilizer, or vertical stabilizer. 


The spoiler analysis produces structural member thicknesses and desired rivet pat- 
terns. The planform geometry is obtained from the spoiler geometry output. Member 
thicknesses are computed and adjusted to standard gages. Cross-sectional geometry 
Is shown in Figure 8-45 . The front spar Is a bent-up sheet metal zee, the two ribs 
(at each suf^rt) are bent-up sheet, and the skins are sheet metal over a full depth 
honeycomb core. 


The spoiler analysis accounts for external and internal loads. The external loads for 
transport aircraft are normally those loads which the spoiler actuator produces. In 
this analysis the spoiler external load is assumed to be o8 N-m (fiOO lb-in) of hinge 
torque per running inch, limit. This is comparable to the 990 loading condition. The 
internal load analysis subdivides the total spoiler area into the smallest number of 
segments (Individual surfaces) where all segments are equal in length and not logger 
than 152 centimeters (GO inches). The segments arc supported at each end and all 
torque is taken by the inboard support. The spoiler is analyzed as a simple beam. 

The point of maximum bending moment is determined, and the bending moment and 
spar depth computed. All spoiler bending moment is taken by the spar and effective 
skin. The bending section (Figure 8-45 ) is assumed symmetrical, and the tension 
and compression stresses are equal to: 


M (d/2) 

I 


( 8-55 ) 


where 
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F 


lu'mlC.u' s', ivss 


d fi'nlour dopth at spur 

M bending nu>nuMd 

I section moment of inertia 

(Ueforonoo 5 , 
Kquatlon C'T.-U 

- compression Inickllng allow '.ble 
cs 

- cx)mprcsslve yield allowable 
t “ material UUckness 

A cap area ( 1. 7Ut) 

E - material elastic modulus 


The compression buekllnt^ allowable Is: 


='ca-0.56F^,y 


t A /Uevy 


. 0.5 


| 0 . 85 


whore 


The sp:\r cap sheet thlekness Is sized so U\at the sU'oss level Is equal to or less ilum 
the larger of the compression buckling allowable i>r 80^' of the ultimate tensile allowabl 

The Inboard rib Is jmaly/.od fi>r bemllng at the fn>nt spar. Slnee all torque Is taken at 
this rib, the iH'ndlng im>menl is equal to the total svH>ller tortjue alnnit the spar. Tiu' 
seetlon tFlgure 8—15 I is symmet ideal and the tension, etunpresslon, ami eompresslon 
buckling stresses are emnputed the same as shown for the spar. 

The skin thlekness Is baseil on skin shear flow at the tnboanl hlngv where all spolU'r 
toiX|ue Is reacted alnnit tlu' spar. Slnee the skin Is supported by the honeycomb eor«>, 
the shear allowable Is baseil on the ultimate shear stress times a rivet factor of 0.8. 

Apvmixlmate material properties are selected for each part !umly/.ed. The aivilysls 
determines the material thicknesses as a minimum requlix'd thlekness and then 
rounds the value of the next larger standard gage. A minimum gage of 0. 051 cm (0. 020 
In.) and a maximum gagv of 0.085 cm (0.250 in.) aix' set as constraints. The standard 
sheet gages used are summart/ed In Table 8-7 . 

The luimlH'i' of rivet holes ^repi'i'sentlng the actual nundn'r of rivets needed) and the 
hole si'/es are output. The quantity and size of the rivets Is liased on a l' 2A shear 
flow imatysls at the h\ln>ard rib. The rivets are si.'cil based i>n the proirudlng lunul 
shear allowables at a spacing ef four times the shank diameter. The nun\ber <0 hoU's 



Table 8-7 Standard Sheet Gages 


t minimum 


Is equal to the number of rivets. That is, the 
hole.s are counted for only one member. When 
two I'ows of rivets are required, jm additional 
iunount of spar or rib cap width is output, tnit 
the additional area is not used to resize the cap. 


I’he foreflap analysis produces the structui'al 
member dimensions and desired rivet patterns, 
'rhe planform geometry is obtained from the 
forefliq) geometry output. Meml)er thicknesses 
are computed and then adjusted to standard 
gages. A typical foreflat cross section is 
shown in Figure 8-46 . The front spar is 
bent-up sheet metal channel and Is sized by a 
loads analysis. The le:iding edge skin and rib 
thicknesses arc fixed at 0. 127 cm (0. 050 in. ). The honeycomb box factor is set at 1 
and assumes an allowable shear stress of 110 N/cm^ (160 psi). The box skin thickness 
is assumed to be 0. 051 cm (0. 020 in. ). 


cm 

iru 

cm 

in. 

0.051 

0. 02Ct 

0. 180 

0. 071 

0.064 

0.025 

0. 203 

0. 080 

0. 081 

0.032 

0. 229 

0. 090 

0. 091 

0.036 

0. 254 

0. 100 

0. 102 

0.040 

C.318 

0. 125 

0.114 

0. 045 

0. 406 

0. 160 

0.127 

0.050 

0.483 

0. 190 

0.160 

0. 063 

0.635 

0. 250* 


^ maximum 


The foreflap spar* .ma!y sis .accounts for external -.nd internal loads. The extem.al 
applied loads are derived fi*om the general formula: 


where 



( 8-57 ) 


W - total surface load 
S ti>tal surf:ice aiva 

normal lift coefficient 
V' design speed 

The average pressure, ultimate, is iipplled to the foreflap uniformly Juid is computed 
from the tnmsposed fom\: 



whe re 


**ave average ultimate surface pressure and for the foreflap 
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0.051 



f igure ^-4^ Foreflap Geometry- 




= 4.0 

V = 1, 75 Vg, where Vg = stall speed 

The internal load analysis subdivides the total surface length into a number of equal 
length segments (individual surfaces) each with a length equal to or less than 457 cm 
(180 in. ). If the individual segment length turns out to be greater than 356 cm (140 in.), 
three hinge supports are assumed. One is in the center and two are located 3 5% f the 
surface length from each end. If the individual surface length is less than or equal to 
356 cm (140 in. ), two hinge supports are assumed, each 28% of the surface length from 
each end. 

The vertical shear, bending moment, and torque about the front spar are calculated at 
each hinge. The torque is calculated at each end of the surface segment and is assumed 
to vary linearly between the ends. The torque is reacted at each hinge using the sjune 
formulae used to calculate shear reactions. The foreflap bending is assumed to be 
taken by the spar and associated skin as shown in Figure 8-46 . The bending stress 
can be computed from Equation 8-55 , and the compression buckling allowable stress 
can be computed from Equation 8-56 . Spar thickness is sized to be the minimum 
necessary so that the stress level is equal to or less than the larger of the compression 
buckling allowable or 80% of the ultimate tensile allowable. 

All rivet patterns are assumed to be comprised of a single row of 0. 65 cm (0. 25 in. ) 
diameter rivets spaced at two diameters. The output numberof holes is equal to the 
number of rivets. However, each rivet is accounted for in only one part of the joint. 
Adjustment of material thicknesses to a standard gage is accomplished in the same 
manner as discussed for the spoiler. 

The analysis of the flaps, ailerons, slats, rudder, and elevators produces the structural 
member dimensions mid the desired rivet patterns. The planfomi geometry is obtained 
from the specific control surface geometry output, and the member thicknesses are 
computed and then adjusted to standard gages. The control surfaces are assumed to 
have the geometry showTi in Figure 8-47 . The front spar has extended caps and a 
sheet metal web, and the rear spar is a bent-up sheet. Both the leading edge skin and 
the main box skin are sheet metal. The trailing edge consists of a full-depth honeycomb 
core with a single piece of sheet metal forming both upper and lower skins. The air- 
load ribs and the leading edge ribs are bent-up metal. There is a leading edge rib at 
each airload rib span station. The hinge ribs consist of extruded spar caps and a sheet 
metal web with bent-up flanges to pick up front and rear spars. 

Appropriate material prqiertlcs are selected for the analysis of each part. Tlilcknesscs 
are fixed for the leading edge skin and ribs, airload ribs, rear spar, and trailing edge 
skin as follows: 
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Fi;fare %-47 Tj'pical Geoirjetr^' for the flaps, Slats, Ailerons, Rudder, and Elevators 


Part 


Thickness 


Leading edge skin 
l.eading edge ribs 
Airload ribs 
Rear spar 
Trailing edge skin 


Same ns box skin 
Same ns airload ribs 
One gage heavier than skin 
One gage heavier than skin 
Minimum gage 


The analysis for the remaining parts determines the material thicknesses In terms of 
a minimum required thickness and then rounds the value to the next larger standard 
gage. Standard sheet gages are summarized In Table 8-7 , and standard gages for 
extrusions In Table 8-8 . 


Table 8-8 Standard Extrusion Gages 


cm 

iiu 

cm 

in. 

0al27 

0. 050 1 

0.318 

0.125 

0. 160 

0. 063 

0. 395 

0. 156 

0.198 

0. 078 

0.478 

0.188 

0.239 

0. 094 

0. 635 

0. 250# 


t minimum * maximum 


For flaps, 


The parts sized by a loads analysis 
Include the basic skins, spar webs, spar 
caps, hinge rib caps, hinge rib webs, 
and the trailing edge honeycomb. The 
analysis accounts for both the Internal 
and external loading conditions. The 
applied external loads are normal (to the 
surface) loads only. For the wing surfaces 
(flaps, ailerons, and slats) these normal 
loads are derived from the general formulae 
of Equations 8-57 and 8-58 • 


V 1.75 Vg (Ref. MIL-8860, Para. 6. 2. 3. 9), where Vg = stall speed 

Cn 1.6 


For slats, 

V 1. 75 Vg 
Cn 3.0 

For ailerons, rudders, and elevators, V is derived from 

V ^ 

'*'■ " ’ ^ (Mil-8860, para. :l.2.2.2); 
or transposing: 

295 N VV 

V T V - 
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where 


N = maximum normal load factor 


z 


W 

Sklax 

Ving 

V 


a 

For ailerons, 


C 


= aircraft gross weight 

= maximum lift coefficient 
= wing area 
= aileron design speed 


- 1.6 


n 

For rudders and elevators, 


C - 1.3 

n 

The average pressure, P , is applied to the control surface as a chordwise triangu- 
lar distribution with the cemer of pressure at the 33% chord aft of the leading edge. If 
the design speed is equal to or greater than Mach 1, the center of pressure for the 
aileron, rudder, or elevator is assumed to be at the 47*A) surface chord. Spanwisc 
running surface loads are therefore proportional to surface chord. 

The internal load analysis subdivides t' e total surface length into a niunber of equal 
length segments (individual surfaces) each with a length equal to or less than 457 cm 
(180 in.). If the individual segment length is 356 cm (140 in.) or less, two hinge 
supports are assumed, located 28%i of the total length from each end. If the segments 
are greater than 356 cm (140 in. ), three hinge suppoits are assumed. One is located 
in the center and two are located 15% of the total length from each end. Hie vei'tical 
shear, bending moment, and toi'que about the front spar are calculated at each hinge. 
Torque is calculated at each end of the surface segment and is assumed to vary linear- 
ly between the ends. For flaps and slats, torque is reacted at each hinge using the same 
formulae used to calculate shear reactions. For ailei'ons, rudders, and elevators all 
torque is reacted at the inboard (or lower) hinge. 

The akin thickness is computed based on skin shear flow, and the allowable stresses 
are fixed as a function of rib spacing. Since the hinge rib number and locations are 
fixed, rib spacing is determined for each bay between hinge ribs by equally spacing 
airload ribs. For a given skin thickness, rib spacing can be determined from Figure 
8-48 • 11116 curve is a typical design curve for sonic fatigue requirements associated 
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MINIMUM SKIN THICKNESS (centimeter) 


with the ptt>Uminary d«*sign phase of aircraft analysis. For practical considerations, 
a minimum rih spacing of 7.6 CM (3.0 in. ) has been incoi'poi'ated into the computer 
progi'am analysis logic. 

An analysis is made of the inboard panel of the bay with the nuiximum rib spacing 

assuming maximum skin shear flow exists there. Allowables are determined for 

an incomplete diagonal-tension panel utilizing NACA TN 2601,, (Reference 15). The 

critical buckling stress is computed from F “ K E (t/d)“ where K is from 

r>__ 8S ss 

figure 12 of NACA TN 2661 (Roforonce 15). ^^e diagonal tension factor, K, is 
derived from Equation 27 of NACA TN 2061 (Roforonco 15). Then the allowable 
shear stross can be determined as a function of K utilizing the 40-degree curve of 
Figure 19 (a) of I4ACA TN 2661 (Reference 15). The skin is sized so that the maxi- 
mum shear stress does not exceed the allowable, and so that the ratio of the maxi- 
mum to the critical shear stress does not coccecd 5. 


(inches) 



A 1 I 1 .^1 ! I I I i (0) 

0 5 10 IS 20 25 

RIB SPAaKG (centimeters) 

Figuiv 8-48 vSonie Fatigue Cune 
S-71 


(Inches) 



The spar web thickness is determined usinp the maximum spar shear flow, 'ilie anal- 
ysis is made using either the panel at the Inboard end of the surface segment or the 
panel just outboard of the Inboard hli^e, which ever has the greatest ratio of spar 
hei^t to rib spacing. An incomplete dii>gonal-tension analysis is made like that made 
for the skin. 


All the flapbending moment is taken by the front spar caps and associated skin and spar 
web. The critical bending location is at the hinge where the ratio of bending moment- 
to-spar depth is largest. The effective spar section is as shoum in Figure 8-47 . 


This bending section is symmetric; therefore, tension and compression stresses are 
equal and may be computed from Equation 8-55 . 

M (d/2) 


d = contour depth at spar 
The compression buckling allowable, 


F =0.G7F 
cs cy 


where 





0.40 

(Reference 5 , Equation C7.5) 


F = compression buckling allowable 
cs 

F(jy “ compressive yeild allowable 
t = material thickness 

2 

A = cap area ( = 1. 46 t +0, 82t) 

E == material elastic modulus 


The spar cap is assumed to be an extrusion with a constant section thickness sized 
so that the stress level is equal to or less than the larger of the compression buckling 
allowable or 80% of the ultimate tensile allowable. 


For all surface types, hinge ribs are assumed to have the same part thickness as 
the inboard hinge. The rib cap is sized by the rib bending moment at the front spar, 
which is equal to the surface torque (about front spar) at the inboard hinge. The 
generalized effective rib section is considered to be the same as the spar section. 
The compression buckling allowable stress equation is the same as that used for the 



spar. The rib cap is assumed to be an extrusion, and the constant section thickness 
is sized in the same manner as the spar cap. The web thickness is sized to be adequate 
for the inboard hinge rib shear flow. 



Q -- inboard hing shear flow 

T = torque reacted by the inboard hinge 

A = inter-spar box area at the inboard hinge 

l^e shear buckling stress is calculated for a web panel at the front spar assuming a 
panel aspect ratio of 2. 


= 5.9 E 

SCR 



2 


where 


F - shear buckling stress 

SCR 

E = material elastic modulus 

t = material thickness 

h - front spar height at rib 


The web thickness is sized so that the shear stress level is equal to or less than the 
larger of the shear buckling stress or 80^- of the ultimate shear alloutible. 

2 2 

The assumed honeycomb type and size has a shear allowable of 110 N/cm (160 Ib/in ). 
A factor is developed that indicates how much heavier, than the basic core, the actual 
core must be. The factor, K , is based on the core shear due to trailing edge 
airload, 

(0. 2 P ) (0. 2 choi-d) 

- max 

8 " 2d 

where 

f = core shear 
8 

P maximum airload 
max 
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chord = chord length 


d - contour height at rear spar 

and 

K = f /160 

core s 


Rivet sizes and numbers are calculated using the shear flows that sized the skin, 
spar web, and hinge rib web. Ptlvet shear values are used as the allowables and a 
rivet spacing of four diameters is assumed. 


Q 


No. of 


Spacing 

N/cm 

Ib/in 

Rows 

Rivet 

cm 

in. 

0 to 1359 

(0 to 776) 

1 

4AD 

1.27 

(0.50) 

1360 to 1671 

(777 to 954) 

1 

5AD 

1.59 

(0. 625) 

1672 to 2755 

(955 to 1573) 

1 

6DD 

1.91 

(0. 75) 

2756 to 3427 

(1574 to 1957) 

2 

5DD 

1.59 

(0.625) 

3428 and above 

(1908 and above) 

2 

6DD 

1.91 

(0. 75) 


In the output the number of holes is equal to the number of rivets; each rivet hole is 
accounted for in only one part of the joint. When two rows of rivets are required, an 
additional spar or rib cap width is output. This additional area is not used to resize 
the cap. 
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SECTION 3 
PARTS DEFINITION 


Detail parts definition methods have been developed to predict a generalized detail 
parts listing based on the output from the structural synthesis analysis. The resultant 
parts listing provides a complete breakdown of an airframe structure into its most 
elementary components. This listing of detail parts then represents the basis of a 
wei^t and manufactuiing cost analysis procedure. As part of this procedure each de- 
tail part is looked at individually and analyzed in terms of its weight, cost to nmnu- 
facture and cost of material. 

A sequence of assembling the detail parts is also modeled. The 'velght and costs 
corresponding to each step of the assembly process are Ircluded in the computitions. 

Thus, the wel^t and costs of the complete airframe strucs are can be obtalnod by 
summing the values for the Individual parts, and adding in the elements cs' ociated 
vrith the assembly. 

The detail parts associated with the fuselage and aerod}mamlc surfaces are defined and 
analyzed in the part definition subprograms that are driven by the structural synthesis. 

The part detinition routines associated with the structural box define the surface geom- 
etry in terms of minimum gages, rib type and location, flange widtli, fastener size, 
etc. A breakdown is made of major components into detail parts. The logic parameters 
are defined for process listings and the cost analysis. These routines also define and 
size the leading edge, trailing edge, and tip geometry and weights. 

The part definition itoutines associated with the fuselage shell define geometry in terms 
of frame stations, barrel stations, frame segment perimeters, etc. A breakdown is 
made of major components into detail parts. The logic parameters are defined for process 
listings and the cost analysis. A separate accounting is made for the fuselage penalty items 
(bulkheads, windows, floors, doors, etc.) not included in the fuselage structural synthesis 
subprogram. 

The airframe actual wel^t and the material purchase wel^t arc computed within the 
part definition subprogram. Detail part weights are summed to build up the subcom- 
ponents into subassemblies, and subassemblies into major components, etc. , to derive 
the complete airframe assembly wol^t. 

The actual weight reflects the actual weight of the finished part. It is corapuiM based 
on the actual geometry cf the finished part, and accounts for design, manufacturing, 
and assembly considerations that wuild normally go into producing a real part. Figure 
9-1 illustrates the different concepts involved in determining the ldc:illzcxl or theo- 
retical weight and the practical ^r actual weight. The former is based on the output 
from tljc structural synthesis routines, and the latter on the detail pan definition rou- 
tines. 
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Figure 9-1 Representative Difference Between Theoretical and Actual Body Frames 

The material purchase weight is the weight of raw tnaierlal stock that must be pur- 
chased in order to be able to manufacture a part of actual weight. Calculation of the 
material purchase weight uses the same terms as the actual wei^t but includes allow- 
ances for material removed during manufacturing. Operations resulting in the loss of 
material include the initial material cut off from the r aw stock, initial cuHing to size, 
trimming, milling, turning, drilling, etc. Figure 9-2 illustrates the difference in 
actiial and material purchase weight for an integrally stiffened skin panel. Extruded 
plate is purchased. From the constant dimensions of the plate a skin panel with varied 
skin tiiickness ana stiffener dimensions is machined corresponding to the varied load 
conditions over the surface of the skin. 

9,1 AERODYNAMIC SURFACES. The parts definition associated with the aerody- 
namic surfaces is subdivided into two parts. The first part deals with the structural 
box and the second with the leading edge, trailing edge, and tips. The leading edge is 
deinfed to include all items located forward of the front spar, the trailing edge includes 
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PURCHASED FORM EXTRUDED PLATE 



STA. XXX STA, YYY STA. 2ZZ 


FINISHED FORM AFTER MACHINING 

Figure 9-2 Representative Difference Between Material 
Purchased and Finished Form of Skin Panels 

all items aft of the rear spar, and the tip includes all items outboard of the structural 
box tip closing rib. 

The parts definition of the structural box cii^. mpasses the covers, spars, and ribs. 

The construction modes available are skin-stringer, multi-web, and full depth sand- 
wich. The construction modes are built-up from a combination of skin panels, spars, 
and ribs. The structural synthesis program analyzes twelve panel configurations, 
five spar types, and five rib types, and transfers dimensional data to the parts defini- 
tion subprogram. The parts definition program generates detail part data on four 
panel configurations, two spar types, and one rib type. A smnmary of the available 
skin panel configurations, spar types and rib types within the structural synthesis 
and parts definition subprograms are shown in Figure 9-3 . 

The p"rt definition material properties include three metallic and three composites. 
The metallic material properties stored as a function of temperature are for aluminum, 
titanium and steel. The composite material properties stored as a function of tem- 
perature are for boron-epoxy, boron-aluminum, and graphite-epoxy. 

The parts definition subprogram develops data for the leading edge, trailing edge and 
tips in addition to the structural box. Dimensional data for the detail parts are de- 
rived in the structural synthesis and each component that is analyzed is then broken 
down into a series of detail parts in the detail part subprogram. The components 
include flaps, foreflaps, ailerons, rudders, elevators, slats, spoilers, fixed leading 
edge, fixed trailing edge, and tips. The aerodynamic surface parts definition analysis 
is discussed in detail in the following sections. 
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COMPONENT 

STRUCTURAL SYNTHESIS 

PARTS DEFINITION 


(APAS) CONFIGURATION 
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Stiffened Plate 

Metal Faced Sandwich 
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Integral Blade 

Integral Zee 
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■^Integral Web 
^ Built Up Web 
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Ribs Integral Web 
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Integral Truss 
Built Up Truss 


Built Up Truss 


Figure 9-3 Summary of Structural Synthesis and Parts Definition Configurations 

9.1.1 Skin Panel Parts Definition. The skin panel part definition model has four 
panel types. A summary of the panel concepts currently available in the parts defini 
tion is presented in Figure 9-4 . 


Each of the lifting surface cover panels is assumed to be a complete '(integral) assem- 
bly by itself. There are no other detail parts associated with the panels at this stage. 
Subassembly operations accoxinted for in the panel analysis are the spanwise and 
chordwise panel splices. Assembly of the complete box structure, as illustrated in 
Figure 9-5 , is accounted for in the structural box parts definition process. 

Input to the panel parts definition routine includes variables from both the lifting sur- 
face geometry and the structural synthesis routine. Input from the structural synthesis 
process is comprised of panel cross section dimensions of each control station. 
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Figure 9-4 lifting Surface Cover Panel Options for the Parts Definition 
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Additional input from (he geometry routine includes the number and location of the 
control stations, and the number of control station nodes. User supplied input accounts 
for specifying a panel type with an option for also defining a maximum allowable panel 
length. 

AS part of the parts definition process the semi-span is divided into a number of con- 
stant length panels. In the absence of a user specified panel length, a maximum length 
of 10.06 m is assiuned. Panel widths are assumed to be defined by the node locations, 
which in turn are defined in the lifting surface geometry routine. A constant number 
of panels are assumed across the surface in both a spanwise and a chordwise direction. 


Panel cross section diniensional data is computed at the actual panel endpoints by a 
linear interpolation of the geometry at adjacent control stations. The reference geo- 
metry of a typical panel in terms of the program Fortran variables is illustrated in 
Figure 9-6 . Corresponding detailed dimensions for the various panel types are 
presented in Figure 9-4 . The panels are assumed to be spliced, using an overlap 
joint, in both the spanwise and chordwise directions, to form a complete cover ready 
for attachment to a spar and rib box structui'e. 



/ 

A PDSSai.K) 

NODE (II) NODE (D+l) 


P'igure 9-6 Typical Lifting Surface Panel Arrangement With Correspond 
ing Forti'an Variables 


9-6 





Panel weights are computed at three different levels of consideration. A theo- 
retical wel^t is computed directly from the output of the structural synthesis 
routines. The theoretical weight is the weight of the basic, idealized structural ele- 
ment. It represents an optimum value that is based on geometry of a component sized 
simply for load carrying capability. Real world manufacturing and assembly constraints 
are not considered. Typical features not accounted for are: flanges to serve as attach- 
ment points, clearance allowances, material widths for edge distance requirements, 
joint load path continuity, etc. 

The actual weight reflects the actual weight of the finished part. It is computed based 
on the actual geometry of the finished part, and accounts for all design, manufacturing, 
and assembly considerations that would normally go into producing a real part. The 
material purchase weight is the weight of raw material stock that must be purchased 
in order to be able to manufacture a part of actual weight. Calculation of the material 
purchase weight uses the same terms as the actual weight but includes Allowances for 
material removed during manufacturing. Losses occurring between the time the ma- 
terial is purchased and its being utilized to produce a useful part (including losses due 
to design changes, part duplication, spoilage, waste, overbuy, etc.) are accounted 
for in the cost analysis portion of the program. Actual manufacturing operations which 
result in the loss of material include the initial material cut off from the raw stock, 
initial cutting to size, trimming, milling, turning, drilling, etc. Figure 9-7 illus- 
trates the difference due to fabrication in actual and material purchase weights for the 
cover panel arrangements which are available. 

The general form of the equation used to compute cover panel weight is: 

weight = length ^ ^ area + 4 * area , ) * density 

6 12 12 

where area^ and area^ are the cross sectional areas at the panel ends, and 

is the cross sectional area at the panel midpoint. The panel midpoint dimensional data 
needed to compute is obtained by a linear interpolation of dimensional data at 

the panel ends. 

The optimum weight for each panel is computed utilizing the dimensions output from 
the structural synthesis routines directly. The actual weight computation utilizes the 
dimensions ouiput by the structural synthesis with extra allowances made for manu- 
facturing and assembly clearance requirements, edge distance requirements, flaqge 
widths for attachment, fillets, standard and minimum gages, etc. For the current 
cases involving integrally machined cover panels a minimum gage of . 081 cm is 
assumed for the outer skin portions of the panel which are to be riveted during assem- 
bly. Minimum gage for the remaining portions of the panel are specified by the user 
and are accounted for in the structural synthesis. For the unstiffened plate configuration 
the thickness of the skiii is increased to the nearest standard material stock gage. 
Because the panels arc integrally machined, there are no stiffener attachment flange 
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width requirements or fastener edge distance requiremenls during assembly to con- 
sider. Fillets with a .635 cm radius are added to the stiffener corners. 




STANDARD 

GAGE 



Tl+i 



Figure 9-7 Purchased Material Forms for Lifting Surface Cover Panel 


Material purchase weights are computed based on an assumed raw material stock 
form of either flat plate or extnided flat plate. Constant dimensions arc assumed 
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for the raw material jtock. The actual cover panel is assumed to be machined from 
the raw material stock with skin thickness and stiffener dimensions corresponding to 
the varied load conditions occurring on different parts of the surface. A constant 
(linear) rate of taper of panel dimensions is assumed between panel endpoints. Weight 
of the purchased raw material is computed by using the dimensions of the center, root 
panel, and adding an allowance to account for machining losses. A single size of raw 
material stock is assumed for each surface and all panels for that surface are assumed 
to be machined from this. The assumed raw material forms are illustrated in Figure 
9-7. 


The next step in the analysis procedure is a manufacturing cost computation. For each 
detail part defined by the parts definition process, a corresponding sequence of manu- 
facturing operations is automatically specified. This list represents those processes 
which are required to produc.- the part in the shop. Each process is represented by 
an equation from which a calculation is made to detennine the number of labor hours 
required for that process during production of the (lart. These hours plus corres- 
ponding labor rates, overhead rates, and efficiencies form the basis of determining 
manufacturing cost. 


9.1.2 Spar Part Definition . The spar configurations include integrally machined 
and built-up spar arrangements. Each arningement uses either an angle or a tee cap. 

A summaiy of spar configurations currently available in the iiarts definition analysis 
is presented in Figure 9-8. 

Input to the spar parts definition routines include variables from both the lifting sur- 
face geometry and the structural synthesis routine. Input from the structural synthesis 
process is comprised of sfxir cap and web cross section dimensions at each control 
station. Additional input from the geom' ‘"y routine includes basic surface geometry, 
the munber and location of the control stations, and the number of ribs associated with 
the surface. User supplied input encomiiasses the rib and spar types, and the total 
number of spars. A minimum of two spars, a front and rear, is assumed in the 
absence of an input. A maximum of five spars are allowed. 

The program analyzes each spar of a surface individually. The time length of the spar 
is computed by assuming a structural box extending from airplane centerline to the 
surface tip, minus 30.48 cm allowed for attachment of a tip cap. No separate carry 
thi'ough structure inside the fuselage shell is accounted for. The sjiars are assumed 
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to rvin along constant percent chord lines, and are divided into a number of segments 
if necessary to attain the lidl spar length. Maximum segment length may be input by 
the user. In the absence of an input integrally machined spars are assumed to ha. e a 
maximum segment length of 4. 115 m and builtup spar segments a maximum length of 
8.230 m. 

Each spar segment is then analyzed separately. Basic elements comprising the spar 
segment include the caps, web, web stiffeners, and rib stiffeners. Additional spar 
parts include splice plates for splicing segments, fittings for attachment of leading and 
trailing edge components, and assembly fasteners. 

The structural S 3 mthesis process provides basic dimensions for caps, web, and web 
stiffeners at each control station. Dimensions for the spar segment cap and web ends 
are derived by interpolation between adjacent control stations. A constant rate of 
taper of cap and web dimensions is assumed between segment endpoints, Web stiffen- 
er dimensions are assumed constant along the length of the segment, and equal to those 
dimensions arrived at by interpolation at the inboard end of the segment. 

Optimum weights for the caps, webs, and web stiffeners are computed utilizing inter- 
polated structural synthesis dimensions. The general form of equation is the same as 
that used for the cover panels, 'fhe program next adjusts these dimensions to account 
for actual manufacturing considerations. In particular, flange sizes are checked to 
see that they are large enough to allow for proper clearances, edge distances, fasten- 
er spacing, etc. The thicknesses of components fabricated from sheet stock are re- 
adjusted to the next higher standard material gage, joint overlaps are checked, etc. 
Actual weights are then computed using the revised dimensions. 

Material weight for the integrally machined spar segment are computed by assuming 
a solid bar of material with dimensions slightly greater than the maximum spar exter- 
nal dimensions to account for cutoff and machining of the segment. The built-up spar 
is assumed to be comprised of extruded caps, sheet webs, and bent-up sheet web stif- 
feners. Material weights for each of these elements are computed using the actual 
weight computation dimensions plus allowances for machining, cutoff, etc. 

One spfir web splice plate is assumed for each spar segment except the last one. 

Splice plates are sized to fit on the spar web inside the spar cap flanges. The width 
is derived by assuming a total of four fastener rows across the splice with appropriate 
clearances, spacing, and edge distances. Thickness is set eqiaal to the spar web thick- 
ness. The optimum weight is set equal to the actual weight in this case since the plate 
is sized initially by fxmctional logic and not the structural synthesis. Material weight 
is computed by assuming fabrication from flat sheet stock with a thickness equal 
the next higher standard sheet gage. Extra length and width of 5. 08 cm are added to 
the actual dimensions to account for initial cutting size. 
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Rib stiffeners are specified along the spar web at each rib attachment point if the local 

web stiffener spacing is greater than 30.48 cm. These stiffeners serve as attachment 
clips for the rib webs and are not utilized if truss type ribs are present. One set of 
rib stiffeners are specified for external spars, and two sets (one on each side of the 
spar web) for interior spars. 

Rib stiffeners are assumed to be bent-up an^es with a thickness and riser height equal 
to those of the web stiffeners. They are sized for an attachment flange width earthing 
a single row of fasteners. Length is set equal to ihe web hei^t. Optimiun wei^t is 
again set equal to the actual weight. Material weight is computed by assuming &bri- 
cation from the next higher standard sheet gage. The length and width are increased 
by 5.08 cm and 2.54 cm respectively, for the material wei^t computation. 

Fittings are specified on the exterior spars for attachment of the leading and trailing 
edge elements. These fittings attach to spar web stiffeners directly and to the adjacent 
skin panels through a clip and doubler arrangement. Each machined fitting has associ- 
ated with it two clips and two doublers. 

Fittings are sized on the basis of the local spar height. A generalized fitting design 
is assxuned and the actual weight is computed by deriving dimensions in proportion to 
the spar height. Appropriate dimensions and attachment flanges are checked for 
fastener allowances and readjusted if necessary. Optimxun weight is again set equal 
to the actual weight. Material weight is computed by assuming the fitting to be machin- 
ed from r. block of thick plate. The dimensions of the block are assumed to be those of 
the maximum fitting dimensions in each direction with an additional (5.08 cm on the 
length, 2.54 cm on the width, and a 1.27 cm on the thickness). 

The two doublers associated with each fitting are assumed to be cut from . 160 cm 
sheet. The length and width are computed as a function of the fitting size with minimum 
values set for four rows of foxir fasteners each. Optimum weight is set equal to actual 
wei^t. Material weight is computed with an additional 5.08 cm added to the length 
and width dimensions. 

The two clips associated wtth each fitting are assumed to be short pieces cut from a 
tee shaped extrusion. The length and riser height are computed as a function of fitting 
size. The base flange is sized to carry a single row of fasteners along each side of 
the riser. The thickness of both the base flange and the riser is assiuned to be .127 cm. 
Optimum wei^t is set equal to actual weight. Material weight is computed by assum- 
ing 5.08 cm of additional length plus an allowance for the material removed from the 
riser. 

The total number of assembly fasteners required is computed by summing the number 
of fasteners necessary to assemble each detail part as it is looked at individually. 

The following assembly operations are accounted for; attachment of the segment spar 
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caps to the web, splicing the webs to attain a ftUl length sprr, attachment of the web 
and rib stiffeners to the web, attachment of the doublers and clips to the skin |)anels, 
and attachment of the fittings. The appropriate assembly operations are bypassed for 
the case of an integrally machined spar. 

No changes were made to the manu^cturing process listings or to the manufacturing 
cost analysis portion of the program during this effort. Spar detail parts are assumed 
to use those process listings previously specified for similar parts. It is recommended 
that future refinements include the addition of new structural configuration alternatives, 
but also an updated and expanded process listing for the concepts currently available. 

9.1.3 Rib Part Definition. A single rib configuration representing a built-up truss 
is available in the parts definition. All other rib types available in the structural 
synthesis revert to a built-up truss rib when the program reaches the parts definition 
pnrocess. 

The assumed arrangement of the rib is illustrated in Figure 9-9 . Detail parts in- 
clude the upper and lower (or left and right) caps, 45 degree angle braces, ri^t angle 
braces, skin panel attachment clips, and assembly fasteners. The rib cap is assumed 
to be com[irised of an extruded modified jay section with cutouts to allow for passage of 
the skin panel spanwise stiffeners. The rib caps are attached directly to the skin panels 
along the length of the caps except where spanwise skin panel splices occur. Here, 
clips are specified for attachment of the rib cap to the skin panel. The clips are assiuned 
to be short pieces of extruded angle, and the munber of clips associated with each rib 
is set equal to the number of spanwise panel splices. 



Figure 9-9 Assumed Arrangement of a Builtup Truss Type of Rib 

The number of angle braces is computed by assuming a bract‘ angle of 45 degrees with 
a single right angle brace between adjacent 45 degree angle braces. The braces are 
assumed to be extrusions with a cruciform section. Fasteners are required for attach- 
ment of the braces and clips to the rib cap, and attachment of the rib cap to the skin 
panels and spars. Aluminum, steel, or titanium fasteners are available in the program. 
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Input to the rib parts definition routine includes variables from both the lifting surface 
geometry and structural syntluisis routines. The required geometry data includes the 
number and location of the control stations, the number of control station nodes, the 
number of ribs (up to a maximum of 100 are allowed per semi-span), rib spacing, 
and surface span. The structural synthesis provides at each control station the rib cap 
area and length, brace area and weight, and the structural box average height. P*anel 
cross section dimensions (and panel type) are also required at each control r tation to 
determine the rib cap cutout size for clearance of panel stiffeners. 

Ribs are sized by the structural synthesis routine at each control station. The rib 
parts definition routine derives an actual spanwise rib location t'^-ed on the specified 
rib spacing. The dimensions of the actual ribs are obtained by interpolating dimen- 
sions between the control stations. Each actual rib is then analyzed individually. 

9.1.4 Structural Box Parts Deflnltion . To be able to predict manufacturing costs 
based on the actual work to be performed, a (x>mplete list of required parts must be 
generated. A parts definition procedure was developed that calls out a list of detail 
parts udien a structural component such as a wing spar or a body frame Is specified by 
the structural synthesis ix)utlnea Each detail part Is used, Ir. turn, to call out a list 
of the associated manufacturing processes and live raw material stock necessary to 
produce that part. 

The part list library was established In the following manner. A model component such 
as the structural box of the C-5A vertical stabilizer was selected and a complete part 
listing of the model component was obtained. Additional parts wore added to those of 
the model component to account for variations in the mode of construction. The example 
componcnl : were used as a checklist to ensure that all detail parts v/ere accounted for; 
they were not Intended to serve as models to develop statistical par*, prediction factors. 

An example of a component part listing for a skin-stringer type of vertical stabilizer 
is presented in Table 9-1 . Illustrated are the type and form of the data utilized to 
develop the part list library. The figure reflects the number of dissimilar parts and 
total pieces nmking up each component and gives the relative weights. 

The parts list developed for the program is in a ntore generalized form than that shown 
in Table 9-1 . Instead of having separate front, intermediate, and rear ui^r and lower 
spar caps, for example, the program defines one general spar cap. 

However, the specific dimensions are determined separately for each location by the 
spar sizing procedure In the structural sy-nthesis routines. In this way the actual di- 
mensions change for various locations and types of spar caps, but the general shape 
remains the same. Table 9-2 is a summary of the parts buildup available In the pro- 
gram for aerodynamic surfaces. 
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Table 9-1 Example of a Component Part Listing 
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The actual part prediction is done by establishing the functional dependency between the 
parts available on the parts list and the specilQed mode of construction or the structural 
configuration. For example, if a skin-stringer mode of construction is specified, the 
structural synthesis routine calls out and sizes the appropriate spars, ribs, and cover 
panels. The parts definition routines then specify each detail part making up these 
componento. The form of the functional logic used to break down each component fur- 
ther is shown in the following example for a vertical stabilizer, which assumes the 
selection of a truss-type, built-up rib, a built-up web type of spar, and an integral 
skin-stringer skin. 

A truss-type, built-up vertical stabilizer rib is basically composed of left and right 
(upper and lower) caps, truss-type braces, clips for skin attachment, and fasteners. 

An assumed angle of 45 degrees is used to calculate the number of cross braces, which 
is then eqiial to the rib chord divided by the average rib depth. The number of rlght- 
an^e braces is equal to the number of 45-degree braces minus one. The number of 
clips required is equal to the number of 45-degree braces minus one. The number of 
clips required is equal to the number of skin panels specified minus one, assuming the 
panels overlap and that fixe edges of the forward and aft panels attach to spar clips in- 
stead of rib clips. The number of fasteners reqvdred for skin attachment is derived 
as a function of the number of rows of fasteners needed and a tjrpical lastener spacing, 
for aluminum, say four times tlie fastener diameter. Figure 9-10 shows a root chord 
section of the C-5A vertical stabilizer, illustrating die construction of the rear spar, 
cover panels, and the lower rib. Figure 9-11 lllxistrates the actual truss-type rib con- 
figuration used in the C-5A vertical stabilizer compared to the truss-type rib generated 
functionally by the parts definition routine. 

A built-up web-type vertical stabilizer spar consists of left and rj^t (upper and lower) 
caps on each side of a web, which is stiffened longitudinally by left and ri^t (upper and 
lower) rails. Various types of stiffeners are attached laterally across the web, includ- 
ing actuator and rib stiffeners plus the basic web stiffeners. Actuator and hinge support 
fittings and miscellaneous doublers, clips, and shims complete the parts list. 

To the basic spar structure of caps, rails, and web, the program adds a rib stiffener 
at each rib station and one web stiffener for each rib. One doubler and doubler stiffener 
are required at the root of the front spar. The program also calls out two miscellaneous 
stiffeners and seven skin attachment clips for the front spar, and two hinge support fit- 
tings and one actuator support fitting for the rear spar. The callout for four actuator 
stiffeners (two each of two kinds for an actual total of four) has as its basis four actuator/ 
hinge ribs required in a tj.'plcal control surfoce (rudder) installation. The spar fasteners 
required are calcvdated based on the number of fasteners needed to fasten the caps, rails, 
and stiffeners to the web. The cap-to-web fasteners are assumed to run along the length 
of the spar in two rows for each cap. The rail-to-web fasteners are also assumed to run 
the length of the spar, but in only one row per rail instead of two. A typical spacing of 
four times the fastener diameter is used. The various stlffener-to-web fastener require- 
ments are calculated based on the number of each kind of stiffener needed and the average 
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length of each stiffener, which is assumed equal to the average spar depth. A portion 
of a rear spar similar to the type being discussed is shown in Figure 9-10 . 



Figure 9-10 Root Chord Section of the C-5A Vertical Stabilizer 

The various fastener diameters used in calculations are derived on the basis of material 
thickness. Average thicknesses for the skin panel and spar web are calculated within 
the parts-listing subroutine; the skin and rib fastener diameters are based on the aver- 
age skin thickness, and the spar fastener diameters are based on the average web thick- 
ness. Actual values of diameter are called from a table located on the BLOCK DATA 
portion of the program, which lists values of diameter corresponding to a given skin 
thickness. 

The number of skin panels required for each side of the vertical stabilizer is calculated 
by assuming a maximum skin panel widlh of 50. 8 CM (20 inches); hence, the number of 
panels Is equal to the rib chord dhided by 20. The corresponding number of length- 
wise panel stiffeners is calculated based on the stiffener spacing, which is called from 
the structural synthesis portion of the program. The skin fasteners required are calcu- 
lated as the number of fasteners needed to splice the overlapping skin panels together 
along their lengths using two rows of fasteners along each splice. The skin panel 
assembly shown in Figure 9-12 is the type discussed, and an individual panel is 
shown in greater detail in Figure 9-13 . 

The variables used In the parts definition routines, such as rib chord, average rib 
depth, number of skin panels, and fastener diameters, are generated as output by the 
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structural synthesis routines and act as input for the subsequent part definition routines. 
There is no direct input to the parts definition routines. Three material types are cur- 
rently available in the parts definition routines: aluminum, titanium, and steel. Note 
that eight material choices were available in (he structural synthesis routines, including 
the three available in the parts definition routines. A material form is defined for all 
the structural components, as listed in Table 9-3 . The program retains the capability 
of adding any number of additional material and material form choices at a future date. 


Table 9-2 Parts Summary: 
Aerodynamic Surfaces 


SPARS (FRONT & REAR) 

CAPS 

WEBS 

RAILS 

RIB STIFFENERS 
WEB STIFFENERS 
ACTUATOR STIFFENERS 
DOUBLERS 

DOUBLER STIFFENERS 

ACTUATOR SUPPORTS 

HINGE SUPPORTS 

CUPS 

SHIMS 

FASTENER^ 

RIBS (STANDA - CLOSING. HINGE, 
AND ACTUATOR/HINGE) 

CAPS 

BRACES 

CLIPS 

FASTENERS 
SKIN PANELS 
SKINS 
FASTENERS 
FASTENERS 



ACTUAL TRUSS -TYPE RIB FROM 
C-5A VERTICAL STABILIZER 



FUNCTIONALLY GENERATED TRUSS-TYPE RIB 
FROM PARTS DEFINITION ROUTINE 

Figure 9-11 Example of an Actual Truss- Type 
Rib Compared to one Generated 
Fvmctionally by the Parts Definition 
Routines 


Table 9-4 is a summary of some of the primary structural concepts available in the 
parts definition procedure. Note that the selections available In the parts definition 
procedure do not always correspond to the selections available in the structural syn- 
thesis routines, i.e. , the number of spars presently available in the parts definition 
routines is two, while any number of spars may be called out in the structimal synthe- 
sis routines. Provision has been designed into the program for the future addition of 
several alternate concepts. 

9.1.5 Tip, Leading and Trailing Edge Part Defhiltion. The tip, leading edge, and 
trailing edge part definition routines define the detail parts making up the fixed leading 
edge, fixed trailing edge, slats, flaps, foreflaps, control surfaces (spoilers, ailerons, 
rudder, and elevators), and tips. The data that is generated includes the number of 
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Figure 9-13 




Individual Integrally Stiffened Skin Panel 
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parts, part dimensions, wei^t, and cost parameters. The parts definition derives its 
input from previous geometry and analysis subroutines. 

The fixed leading edge segments, as defined by the geometry subprogram, are divided 
into a number of 152-cm (60-ln. ) sections with one shorter section. If the segment is 
152 cm or less, only one section is assumed. The under-slat leading edge is made of 
two skins spliced at the nose with an extruded an^e (chafing strip). The between-slat 
leading edge has a one piece skin; the skin perimeter is assumed equal to 2. 5 times the 
fixed leading edge chord. The upper skin of the under-slat segment utilizes a factor of 


Table 9-3 Summary of the Available Material Forms 
and the Corresponding Material Form Index 


Material Form 
Index 

Material Form 

TVpicnl Part References 

1 

Flat plate 

Spar webs 

11 

jT extruded plate 

Cover panels 

21 

”T extrusion 

Spar caps 

22 

"1 extrusion 

Spar rails 

23 

.F extrusion 

Rib caps, spar hinge /actuator supports, 
frames, longerons, intercostals 

24 

T extrusion 

Rib and actuator stiffeners 

25 

L extrusion 

Doubler stiffeners, miscellaneous 
stiffeners 

26 

“1“ extrusion 

Rib braces 

27 

extrusion 

Web stiffeners 

44 

Flat sheet 

Shear clips, splice plates, ripstops, 
doublers, straps, spar doublers, clips, 
shims 

81 

Aluminum fastener 

Fastener 

82 

Titanium fastener 

Fastener 

83 

Steel fastener 

Fkstener 


1. 5 and the lower skin a factor of 1. 0. The skin thickness is set at 0. 102 cm (0. 040 
in.) with the chafing strips and edge member thicknesses set at a 0.152 cm (0.060 in.). 
The rite are spaced at 25.4-cm (10-in. ) increments, and the rib height is assumed to 
be 0. 8C times the rib chord length. The ribs are made of bent-up 0. 102-cm (0. 040-in. ) 
sheet with lightening holes. The rlb-to-; kln festeners are 0.40 cm (5/32-In. ) diameter 
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rivets spaced at 1. 91-cm (0. 75-ln. ) intervals. The chafing strip rivets are 0. 40 cm 
(5/32 In. ) In diameter spaced at 1.59-cm (0.625-ln) intervals, and the edge member- 
to-skln rivets are 0. 48 cm (3/16 in. ) In diameter spaced at 3. 81 cm (1. 5 In. ). 

The fixed trailing edges for the wings, horizontal stabilizer, and vertical stabilizer. 
Illustrated In Figure 9-14 , are assumed to be comprised of flat sheet skins and bent- 
up sheet ribs. All skins arc 0. 08-cm (0. 037-ln. ) thick and, like the fixed leading edge, 
are defined In terms of 152-cm (60-ln. ) segments. The ribs are spaced at 25.4-cm 
(104n.) increments and are constructed of bent-up 0.102 cm (0.040-ln.) sheet with a 
1. 85-cm (0. 73-ln. ) flange on each edge. Lightening holes are spaced at 3. 8-cm (1. 5- 
In. ) intervals and have a diameter of 0. 375 times the local chord. The skins attach 
along the forwaird edge and along each rib with 0.40-cm (5/32-ln.) diameter rivets 
spaced at four diameters. 


Table 9-4 Summary of Structural Concepts Available 
Through the Parts Definition Procedure 



Primary 

Mode 

Alternate Mode 

Spar construction 

Built-up web 

Integral web* 

Rib construction 

Built-up truss 

Integral truss* 

Sidn construction 

Integral skin-str 

Built-up skin-str* 

Frame construction 

Built-up 

Extruded* 

Number of spars 

Two 

Input* 

Number of ribs 

Calc 

Input 

Number of lifting surface skins 

Calc 

None 

Number of fuselage skins 

Calc 

Input 

Number of frames 

Calc 

None 

Number of frame segments 

Calc 

Input 

Number of fuselage barrels 

Calc 

Input 

Spar locations 

Input 

None 

Rib locations 

Calc 

Input 

Fuselage longeron spacing 

Calc 

Input 

Fuselage frame spacing 

Calc 

None 

Fuselage barrel lengths 

Calc 

Input 

’’'Alternate mode to be added at a future date 



The spoiler. Illustrated in Figure 9-16 , Is assumed to be comprised of a spar, skins, 
honeycomb core, and a wedge shaped skin closure. The parts definition process de- 
fines the dimensions, and the rivet sizes and quantities based on tlie spoiler stress 
analysis. The material weight assumes 2.5 cm (1. 0 In. ) added to the length and width 
dimensions of the shoot flat pattern, and to all dimensions of the fuU-deptli honeycomb 

core. The material wcl^t of the core includes 0.5 kg/m^ (0.1 Ib/ft^) for adhesive. 
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The parts definition for the foreflap (Figure 9>16 ) derives the dimensions, and the rivet 
sizes and quantities fi*om the forcflap stress analysis. The upper, lower, and leading 
edge skins have material weights calculated assuming 2. 5 cm (1. 0 in. ) of additional ma- 
terial on all sides. The leading edge skin width, or cross-section periphery, is set 
equal to 2. 64 times leading edge chord. Foreflap cross-sectional area aft of the spar 
is calculated as 

Area = (spar height) x (chord length aft of spar) x o. 698 

This fbrmula provides the basis for computing the honeycomb core and closing rib 
weights. Material weight for the core is based on maximum dimensions plus 2. 5 cm 
(1. 0 in. ). Closing rib material weight is based on flat patteni dimensions plus 2. 5 cm 
(1.0 in.) on each side. 

The parts definition process for the flaps, ailerons, rudders, elevators, and slats 
(Figure 9-17 ) derives the dimensions, and rivet sizes and quantities from the control 
surface stress analysis. The surface skins are assumed to be made in three pieces. 

The inboard and outboard skins are assumed to have a length equal to 28% of the sur- 
face length and the center 44% of the surface length. The leading edge skin width 
(periphery of leading edge cross section) is calculated from the following: 

taboanJ,Wn,dda.. e^SWI . K [ ^ ■ ~ (. 15) 

center eWn width, DNSWC = [(-W) 

Outboard skin width. DNSWO =K [ P . ggWO .pCSWI- . , 72 (DCSm -DCSWO) [,. j,, 

where 

K=2.98 for slats 
=2.57 for other surfaces 
DCSWl =- Inboard chord length of surface 
DCSWO =outboard chord length of surface 

Computation of the front spar and hinge rib cap material weight assumes an additional 
5. 1 cm (2. 0 in. ) on the extrusion length. Rear spar material weight assumes an addi- 
tional 1.27 cm (0. 5 in. ) on all sides of the flap partem dimensions. Material weight 
for the skins is computed as the actual weight plus 1. 27 cm (0. 5 in. ) of additional ma- 
terial on all edges. Of the total skin rivets 32% are assumed to bo in each of the in- 
board and outboard skins, and 36% in the center sldn. 

Airload ribs are bent-up sheet metal and material weight is based on the fiat pattern 
dimensions plus an additional 2. 5 cm (l. 0 in. ) in both length and width. Theoretical 
and actual rib weights assume lightening holes with diameter equal to 75% of average 
rib height spaced at 1-1/2 diameters. 
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Figure 9-16 Foreflap Geometry 
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9-17 Typical Geometry for the Flaps, Stots, Ailerons, Rudkler, and EHevators 


The nose ribs are assumed to be parabolic. Material weight is based on 2.5 cm <1.0 
in.) added to the length and width of the flat pattern dimensions. Each rib contains one 
liji^itening hole with a diameter equal to 75% of the smaller rib chord length or 84. 5% of 
rib height. The hinge rib webs are a solid web with no listening holes. Material 
weight is calculated assuming 1.27 cm (0. 5 In. ) of additional material on all edges. 

The honeycomb trailing edge wedge theoretical wei^t is computed as the theoretical 
weight times the honeycomb core factor from the stress analysis routines. Material 
wcl^t is computed assuming a honeycomb block with dimensions equalling the largest 
web dimensions plus 2.5 cm (1.0 In.) and adhesive weight. 

The parts definition process for the tip assumes the geometry and part dimensions 
shown in Figure 9-18 . Actual weight for the skin is computed from: 

WT =30 (0.032) (TIP CHORD) (DENSITY) 

The material weight for all sheet metal parts assumes an additional 2.5 cm (1.0 in.) of 
material on both the length and the width. All attachments assume a single row of 0.48- 
cm (3/16-in. ) diameter rivets spaced at four diameters. 

9.2 FUSELAGE SHELL PART DEFINITION . The stimctural synthesis routines produce 
general fuselage geometry at each control station. Data generated for each station in- 
cludes barrel perimeter, frame spacing, panel cross-section dimensions, panel stiffener 
spacing, etc. The parts definition routines take the output from the fuselage structural 
synthesis and derive the detail parts sufficient to construct the complete basic fuselage 
shell structure. 

The first step in the parts definition process is to develop the geometry data to a greater 
degree of detail. Data output from the structural synthesis for various control stations 
are Interpolated to provide data for actual fuselage stations. The following geometry 
data are derived: 

a. Fuselage frame spacing and frame stations. 

b. Fuselage barrel lengths and number of barrels. 

c. Barrel perimeters. 

d. Complete frame cross-section geometry and perimeters, 
o. Frame segment length and number of segments. 

f. Panel width and number of panels around circumference. 

g. Complete panel crosS' section geometry. 

h. Window cutout dimensions 

The structural synthesis derives frame spacing at given control stations. This spacing 
may vary from station to station. The parts definition places a frame at the Hrst con- 
trol station, and frames bettveen the midpoints of adjacent control stations are given 
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the spacing of the nearest control station. A frame is placed at the first and last ocn- 
trol station (aircraft nose and tail) only if Its perimeter is not zero. Perimeters for 
each frame station are computed by interpolating between control station perimeters. 

The number of frame segments may be input or computed. In the absence of an input 
two segments are assumed for a maximum control station barrel pci imeter of less 
than 1143 cm (450 in.). Otherwise three segments are used. 

The fuselage barrel length Is initially determined by either user input (barrel ’ ugth 
or number of barrels) or by dividing the fuselage into equal barrel lengths. A maxi 
mum length of 1006 cm (S3 ft. ) Is allowed. The nose and tail barrels are half the length 
of the others. Barrel lengths are then adjusted to fall halfway between frame stations. 
Barrel perimeters are computed by interpolating control station perimeters from the 
stnictural synthesis. 

The number of panels or panel length ratios may be input by the user. i:or computa- 
tion of skin panel width the fuselage cross section is broken up at nodes into L. dividual 
panels. If the entire cross section is one "symmetry group" (all the same construction 
and subject to the same structural synthesis geometry constraints), it is broken up into 
an even number of panels with a width at the largest control station perimeter of 226 
cm (89. 1 in. ). If more than one "symmetry group" occurs at a given cross section, 
panel widths are defined such that only one "symmetry group" is contained in a given 
panel. All cross sections are assumed to have the same number o^ i>anelB (minimum 
of 4 and maximum of 10), and all panel end points are on the same node, ^'anel lengths 
are assumed to be equal to the barrel lengths except for the nose and tail barrels where 
the effect of fuselage taper is accounted for. The end wldtlx of cnch panel is computed, 
and a mld-hel^t panel on each side of the fuselage is designated for containing windows. 
Panel end cross-section dimensions (Figure 9-19 ) and average cross-section dimen- 
sions are computed by interpolating between control stations. 

The actual parts definition process is comprised of four steps. First, the complete 
skin panel assembly is derived: the corresponding parts are skin, stringers, and rip- 
stops. Second, the complete frame assembly is derived, comprised of frame segpnents, 
frame splice angles, shear clips, and shear clip splice plates. Third, the parts nec- 
essary to assemble each fuselage barrel section arc derived, including Internal and ex- 
ternal longitudinal skin panel splices, intcrcostals, and latorcos>.ai clips. And fourth, 
the parts required to ass*, mble the barrel sections into a oompleie fuselage . hell are 
derived: stringer splices, barrel finger splices, barrel strap splices, and splice plaU:>. 

For each detail part originated, athooredcalwei^t, an actual weight, and t raw material 
purchase weight is computed. Fast'-ners ere accounted for as each group of parts is brought 
together tn form an assembly. 

A typical skin panel assembly is illustrated in Figure 9-20 . The structural synthesis 
routines optimise the shell st^nicture at individual contrtl svatlons. This normally 
produces different quantities of stringers (or risers) at each statior.. Transport air- 
craft always have a constant number of fuselage stringers liecause of the difficulty of 
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Figure 9-19 
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transferring discontinued stringer loads to adjacent stringers. Therefore, a constant 
number of stringers is assumed for a given panel at any station location. For each 
panel a maxim.um number of stringers is determined by dividing the panel width by 
the stringer spacing at each end of each barrel. This number is used for that iianol at 
all fuselage station locations. 

Windows are assumed located in the specified mid-height panels between each frame 
for all but the nose and tall barrel sections. Window cutout dimensions are computed 
as follows. Width is assumed equal to o0% of the local frame sixiclng with a mjLximum 
width of 64 cm (25 in.) specified. Height is assumed equal to 1.35 times the window 
width. The arrangement of a typical window is presented in Figure 9-21 . 

The theoretical and actual weights for the Integrally stiffened skin panel are computed 
using an average panel length, average panel width, and equivalent flat plate thiclmess 
averaged for each end of the panel. The material weight can be expx*essed in terms of 
the maximum cross sectional area of the largest end of the panel xvlth an additional 
0.25 cm (0.10 in.) of material added on all sides of the cross section to account for 
machining. 

For skin-stringer skin panels the skins and stringers ai'c considered sep«irately. The 
tlieorctical sldn weight is based on the average of the laperod skin thicknesses. Actual 
weight is based on a standard sheet gage shown in Tabic 9-5 , which is equal to or 

larger than the maximum thickness of a given 
panel. Both Uicorotical and actual weights 
account for window cutouts. Material weight 
assumes a standard shoot gage, and average 
panel lengths and widths x\lth an additional 
5. 1 cm (2.0 in. ) of material along all the 
edges. 

Theoretical stringer weight assumes a tapered 
stringer. Actual \veight assumes a constant 
section stringer witlv tlie dimensions of tlic 
end with the largest cross-sectional area. The material weight for extruded stringers 
utilizes the same cross-sectional area as the actual weight computation, but assumes 
an additional 5,1 cm (2.0 in.) of length for cutoff. For sheet metol stringers, the actual 
xvolght is based on a standaixi sheet gage e .ual to or larger than the maximum stringer 
thickness. The material wei^t is calculated in the same manner as the actual weight 
with an adcUtional 2. 5 cm (1. 0 in. ) of flat stock on the xvldth and 5. 1 cm (2. 0 in. ) on the 
lengtli. 

Thick plate skin panels and sandwich panel face sheets are assumed to bo tapered shoot 
or plate. Theoretical and actual weig^its are based on Urn tapered material thicloiesscs. 
Material woig^it assumes the maximum thickness and an additionid 5. 1 cm (2. 0 hi, ) 
added to the panel length and width. The honeycomb core for tlie sandwich ixinol is treated 
hi a like manner. 


Table 9-5 Standard Sheet Gages 


cm 

liu 

cm 

In. 

0. 081 

(0. 032) 

0.203 

(0. 080) 

0.091 

(0. 036) 

0. 229 

(0. 090) 

0.102 

(0. (WO) 

0.254 

(0. 100) 

0.114 

(0. 045) 

0.318 

(0. 125) 

0. 127 

(0. 050) 

0.406 

(0. 160) 

0. 160 

(0.063) 

0.483 

(0. 190) 

0.180 

(0. 071) 

0. 635 

(0.250) 
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Skin panel assembly assumes rivet sizes 
based on the skin thickness, as shown in 
Table 9-6 . For integrally stiffened 
panels the panel average slcin thickness is 
used to choose rivet diameter. For skin- 
stringer constructions the standard sheet 
gage is used. For plate and sandwich con- 
structions the maximum total skin thick- 
ness is used. 


Ripstops are thin sheet metal doubler 
straps (often made of titanium) that lie on 
the skin under each frame. Their purpose 
Is to stop fuselage skin fatigue cracks from 
growing. They arc assumed to have the 
same tMckness as the skin and a length 
equal to the panel width. Ripstop width is 
determined by fastener spacing and edge 
distance requirements. Ripstop-to-skln 
rivets consist of three rows, as shown in Figure 9-20 , spaced at four diameters. The 
fourth row is supplied by the frame shear clip-to-sldn rivets callcoi out in the frame 
parts definition analysis. Stringor-to-sldn rivets are placed in one or two rows as 
depicted in Figure 9-20 . Rivets are spaced at four diameters pitch. 

A typical frame assembly is illustrated in Figure 9-22 . The fr imo cross-sentional 
area is computed using loads and materials property data from the structural synthesis 
routines. An expression for the frame cross-sectional area is as follows (Reference l ). 

,K4*Ep*L 

where 

D = Shell diameter (use body width) 

M = Fuselage bending moment (use maximum value from structural 
synthesis) 

L - Frame spacing (from parts definition geometry computations) 

Cf = Coeiliclent (use 0.0000625 from Ref. 1) 

K 4 = Shape parameter (use 5.4 from Ref. 1) 

Ef = Frame modulus of elasticity (from structural synthesis) 

The computed frame area is used to derive the frame dimensions by an iterative tech- 
nique. Frame height and flange width dimensions are sized based on fastener spacing 
and edge distance requirements (Figure 9-22 ) with a minimum frame tliiclmoss of 0.102 
cm (0.040 In.) specified. The computed (or minimum) frame thickness is used to de- 
termine theoretical weight, while a standard gage equal to or greater than the computed 
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Table 9-6 Rivet Sizes 


Component 

Thickness 

cm in. 

Rivet Diameter 
cm in. 


J 

! 0.318 

(0. 125) 

0. 091 

(0. 036) id 




1 

0.396 

(0. 156) 

0.114 

(0. 045) id 




1 

0.478 

(0. 188) 

0.318 

(0. 125) 




1 

0.635 

(0.250) 

0.381 

(0. 15 oH 




1 

0. 792 

(0.312) 

0. 508 

( 0 . 200 )Z^ 




1 

; 0. 953 

(0. 375) 












frame thickness is used to determine actual wei^t. The material weight computation 
assumes a standard gage with 5. 1 cm (2. 0 in. ) of additional width and a length equal to 
the frame segment length plus 10.2 cm (4. 0 in. ). 

It is assumed that there are two shear clips per frame segment, which attach the frames 
to the skid. The long shear clip is equal to the frame segment length minus the length 
of two stringer spacings. The short shear clip spans the frame splices, and is two 
stringer spacings long. Shear clip cutouts for stringers are derived on the basis of 
the largest computed value for stringer height and width. Thiclmess is assumed to be 
equal to the frame thickness. Theoretical and actual weights are computed in the same 
manner as for frames; material wei^t is computed assuming a standard gage and 2. 5 
cm (1. 0 in. ) of additional width and 5. 1 cm (2. 0 in. ) of additional length. 

Shear clips are spliced together with a shear clip splice plate (Figure 9-21 ) that is 
assumed to have the same thickness as the shear clip. The length and width are sized 
for picking up a single row of four rivets. Two frame splice angles (Figure 9-21 ) are 
assumed for each frame segment splice. These angles nest inside the frame at the 
splice and are assumed to be the same thickness as the frame. The length of the angles 
is made equal to a stringer spacing plus a stringer width. 

Frame thickness is used to size all the fasteners required in the frame assembly (Table 
9-6 ). One row of fasteners is assumed thixjugh the shear clips into the frames, and 
two fasteners are assumed to attach each stringer to a frame. A single row of fasten- 
ers from the skin through the shear clip is assumed. Typical fastener spacing has been 
defined as four diameters. 

The detail parts required to splice the skin panel and frame assemblies into a barrel 
section include inteimal and external longitudinal panel splices, frame stabilizing 
intercostals, and intercostal clips. The assembly is illustrated in Figure 9-23 . 

The external panel splice is a flat plate splice running the length of the skin panel 
(which is equal to the length of the barrel). The width is 10 fastener diameters and 
the thickness is set equal to the skin thickness. Theoretical anJ uctual weights are 
assumed to be equal. Material weight is computed assuming 1.3 cm (0.5 in.) of addi- 
tional width and 10.2 cm (4. 0 in. ) of additional length. 

The internal panel splice is scalloped with fingers, but is synthesized as a straight- 
edged plate with an equivalent width of 26 skin fastener diameters. The actual weight 
is assumed equal to the theoretical weight, which is based on a standard sheet gage 
equaling or exceeding 40% of the skin thickness. Material weight assumes 10.2 cm 
(4. 0 in. ) of additional length and 5. 1 cm (2. 0 in. ) of additional width. The internal 
splice is assumed to be attached to the skin with the equivalent of four rows of fasteners 
spaced at four diameters. The two middle rows also pick up the external s(dice on the 
skin exterior. 
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Figure 9-23 Bari'el Parts 
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Intorcost'ils are extruded I-scctlons located in every other frame bay between stringers 
and spaced five stringers apart. Their lengtii is equal to Uie frame spacing minus a 
clearance of 1.0 cm (0.4 in. J. Height of the intercostal section is assumed to be 40% 
of the intercostal height. Theoretical and actual weights arc based on a thiclmess equal 
to tlie maximum fuselage skin tlilcknoss. Material weight is computed assuming tlie 
same cross-sectional area and an additional 5. 1 cm (2.0 in. ) of length. Intercostal to 
sWn fasteners are assumed to bo comprised of two rows of skin fasteners spaced at 
four diameters. 


T^vo extruded tee clips attach each intercostal to frames. The length of each extruded 
clip is such that it fits between the intercostal flanges (Figure 9-23 ) with a total clear 
ance of 0. 38 cm (0. 15 in. ). The hoigjit of the clip measured from the frame toward 
the intercostal is set equal to the length. The flange against the frame has a width 
equal to eight fastener diameters. Thickness is assumed equal to the Intercostal thick- 
ness for all wei^t computations. Intercostal clips are attached using t; iine fasteners, 
six through the frame and four through the intercostal. 

The detail parts required to splice the barrel sections into a complete fuselage section 
ii'.clude stringer splices, barrel finger splices, barrel strap splices, and splice plates. 
The assembly is illustrated In Figure 9-24 . The stringer splice cross sections are 
shown in Figure 9-25. 


9.3 FUSELAGE PENALTY ANALYSIS. The treatment of fuselage penalty items 
encompasses windows, doors (landing gear and side loading) and floors. The analysis 
is comprised of a statistically based actual weight computation .and a unitized manufacturing, 
cost computation. The values derived for fuselage penalty wel^ts and costs are added 
to those of the basic fuselage shell (which are determined from a structural synthesis/ 
parts definition analysis) to obtain total fuselage data. 


Window weights are computed as a function of tlie total ^ass area required for the 
specified number of windows. Individual window area is computed from the assumed 
window geometry illustrated In Figure 9-21 . Windows are assumed located between 
each frame for all but the nose and tail barrel sections, and hence, the number of 
windows is equal to twice the number of frames In those barrel sections minus two. 
Following is the equation used to compute tlie total window wel^t penalty (Reference 2 ). 

WNDWWT =10.0* AGL 


where 

WNDWW'r = Window weight and AGL = Total gd&ss area 

Doors are assumed to include nose and main landing gear doors, and side loading cargo 
and passenger door.s. Nose landing gear door weight is computed as a function of the 
maximum dynamic pressure and the total door area. Main landing gear weight and side 
loading door weight are c. mputed as a function of the total door area alone. The follow^ 
ing equations are used for the weight computations (Reference 2 ). 
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NL(AVT 

MLC.W1’ 

SLDWT 

where 

NLGWT 

QMAX 

SND 

MLGWT 

SMD 

SLDWl' 

SDA 


.44 *QMAX .3 * SND 
3.223 * SMD ** 1.125 
9.0* SDA 


Nose landing gear door wel^t 
Maximum dynamic pressure 
Nose landing gear door area 
Main landing gear door wel^t 
Main landing gear door area 
Side loading door weight 
Side loading door area 


The weight of floors and Qoor supports is computed ns a function of the ultimate fli^t 
design load factor, a design floor loading, and the floor urea. The equation Is as 
follows (Reference 2 ). 



FLRWT 

= 6. 51 * (NZ * WF ♦ AF/1000) **. £ 

where 


FLRWT 

= Floor and floor support weight 


NZ 

= Ultimate flight design load factor 


WF 

= Design floor loading at 1. 0 g 


AF 

= Floor area 


The floor and window areas can be computed from the fuselage shell geometry. Values 
for the maximum d>’namlc pressure and the ultimate load factor are brought across 
from the vehicle s>'nthcsis portion of the program. T’lO user may Input values for the 
design floor loading, and the nose gear, main gear, and side loading door areas. In the 
absence of an input, tM)ical values for a passenger transport type of aircraft are utilized. 
The values are: design floor loading, 3591 N/m^ (751b/ft^); nose gear door area, 1.4m^ 
(15 ft^); main gear door area, 7.4m^(80ft^), and side loading door area, 139 (1500 

ft2). 

The manufacturing cost portion of the analysis Is based on an average unit cost. The 
user may input a value, or in tiie absence of an input, a value of $176Ag ($80/lb) is 
assumed. The cost is derived by multlpl3ring the weight previously computed by the 
appropriate average unit cost. 



9.4 REmSNCES 

1. Shanley, F. R. , "Wel^t-Strength Analysis of Aircraft Structures, " Dover 
Publications, Inc, , New York, N. Y, , March 1960. 

2. Roland, H. L., Neben, R. E., "Aircraft Stmctxiral Weight Estimation 
Methods," Convalr Aerospace Report GDC-ERR-242, September 1964 
(Revised Sept. 1965). 
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SECTION 10 


COST ANALYSIS 

The cost analysis encompasses the manufacturing cost, material cost, engineering cost, 
tooling cost, total vehicle program cost, direct operating cost and airline retum-on-in*> 
vestment. Manufacturing cost is determined as a function of the actual shop processes 
necessary to produce each part. From this the correspondhg niunber of labor hours 
that are required can be computed, and hence, the manufacturing cost. An alternate 
method using cost estimating relationships is also provided. 

Material cost is der^.ved on the basis •'>f the amount of raw material stock purchased, 
material type and form, and various extra cost items such as special lengths, widths, 
and tolerances. The detail material cost model is not used in the alternate mode since 
this data Is included in the cost estimating relationship. 

Engineering costs are derived on the basis of equations originally developed by G. F. 
Levenson and J. M. Barro in Reference 1 . Both initial and sustaining engineering 
costs are represented. 

Tooling cost is derived on the basis of the number of dissimilar parts to be produced, 
and hence, the total number of tools required. Basic tooling, rate tooling and sustaining 
tooling costs are represented. 

Total vehicle program costs are derived using primarily the cost estimating relationships 
developed by R. E. Kenyon in Reference 2 . A learning curve approach is apidied to ad- 
just first unit cost to those of subsequent units. 

A retum-on-luvestment analysis utilizes computed aircraft performance parameters 
and the 1967 Air Transport Association formula to derive direct operating costs. In- 
direct operating costs and retum-on-investmenc are derived on the basis of an input 
traffic route structure. All cost data are computed relative to a specified dollar ref- 
erence year. Actiud cost estimation methodology is discussed in detail in the follow^ 
ing sections. 

10.1 AIRFRAME MANUFACTURING COST (PROCESSES. STANDARD HOURS. AND 
RATESl 

10. 1. 1 First unit Manufacturing Cost . The technique being used to estimate first 
unit manufacturhig costs basically is as follows. A breakdown of major vehicle com- 
ponents into their detail parts is accomplished thro\^(h the use of vehicle synthesis, 
structural .'^>’nthesis, and part definition operations. The actual naanufacturing cost 
analysis is based on calculating the material, and direct and indirect labor costs asso- 
ciated with the fabrication and assembly of each detaU part. For each part, in turn, 

a record of manufacturing and assembly operations required to produ<^ that pazt and 
integrate it into the vehicle structure is established. For each operation specified the 
number of direct or actual labor hours required to perform the operation is derived, 
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and based on this, material costs are calculated. Figiu*e 10*>1 summarizes the steps 
necessary in determining the manufacturing cost from the detail part level. 
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Figure 10>1 Cost Analysis Sequence Bated at the Detail Part Level 


The derivation of direct and indirect costs associated with tlie manufacture of each 
detail part involves the determination of the number of actual labor hours required for 
each production nmcess, and the oorrvspnnding labor rates. The computation of actua). 
labor hours is ^ ' 'Vchod by niultiplying a computed number of shop standard hours 

(discussed in t; i t following section) by a shop efficiency (the so-called realization) 
factor. Labor costs then, arc simply the actual labor hours multiplied by a represen- 
tative labor rate . Overhead costs are computed by multiplying the direct labor costs 
by an overhead ratio that is derived from accounting practice. EO'^h of these compu- 
tations is discussed in detail in the folloivlng sections. The equations arc: 
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LABHR 

r. 

STDHR/REFCT 

LACOST 

=* 

LABilH • LARATE 

VCX)ST 

= 

\HATE • LABHR * LARATE 

LABHR 

as 

actual labor )murs 

STDHR 

s: 

standard Iktuts 

REFCT 

= 

roaliLatluA (efficiency) foctor 

LACOST 

s:: 

direct labor cost 

LARATE 

= 

labor rate 

VtX)ST 

& 

indirect overhead cost 

VRATE 

jr 

overhead ratio 


10-2 





10.1.2 Manufacture and Assembly Processes . The parts definition routines were 
designed to provide an accounting of the detail parts required to produce a compicto 
airframe. Each detail part is looked at individually and analyzed in terms of the manu- 
facturing and assembly processes associated with it. In order for this analysis to be 
performed it was necessary to be able to internally account for each of the required 
shop processes. 

To develop the process lists associated with each part, a library of shop planning 
records was established from existing production articles. These documents were 
studied and used to identify the typical processes associated with each part. A method 
was developed to internally relate each part to its corresponding list of processes. It 
was the intent to provide a means of Internally generating the equivalent of a shop plan- 
ning order, a representative example of such an order is presented in Figure 10-2 . 

It is from this type of document that the specific planning for the production of lui in- 
dividual part can be implemented. 


Currently, cqai.tions for a total of 33 manufacturing and assembly operations are 
represented within the program. It is the purpose of these equations to compute a 
value for the number of standard hours necessary to perform the specified tasks. 

Willie the equations for each of the operations are strictly valid only for the specified 
process, a reasonable number of standard hours may be obtained by applying the equa- 
tions to related processes. Provision has been made in the program for the future addi- 
tion of any new -rocesses tliat mi^t be needed to account for new production processes. 


As ea h de^'iil fxrt, subassembly, and assembly is considered during the part definition 
portion of ‘•he program, a part index (KK) is assigned. This index is associated with a 
Pi’ogram block that calls, in turn, each of the applicable standard hour equations for the 
part. For example, a wlrg rib brace is given the part index KK =26, which is used tc 
direct the program to the operations required to manufacture the brace. The operations 
specified might include the following depending on the structural mode; 


SAWING: 

BURRING: 

DRILLING: 

CLEANING: 

SURFACE TREATMENTS: 
PAINTING: 

IDENTIFY: 

INSPECTION: 


saw the raw niaterial stock to size 
deburr the sized brace 
drill the required holes 
clean and degrease the finished brace 
perfor.n required surface treatments 
primer and paint finished part 
mark with identifying part number 
inspect finished part 


A value for standard hours is computed for each of these, and the sum is the total num- 
ber of standard hours that manufacturing of this particular rib brace would be expected 
to require. 


10.1.3 Standard Hours. Stanuard hoinrs are, as the name implies, a standard time, 
measured in hours, which represents an optimum for tliC time required to perform a 
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Figure 10-2 Example of a Shop Planning Order for a Rib Brace 
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given task. They arc the number of hours it woulft tal \0 for a normal iierson tx) do a 
normal job under normal conditions. They do not include allowances for fatigue, per- 
sonal needs, rest breaks, machine adjustments or tool breakage, close tolerance work, 
etc. Thus, the standard hours are an idealized time scale against which actual time 
may be compared. 

Standard hours are used industry-wide for estimating purposes. They are established 
by industrial engineering departments through the analysis of time and motion studies 
carried out for standard shop operations and procedures- They are used by industrial 
engineering departments to estimate the time required to perform production tasks, 
and by accounting departments to measure performance through comparison with actual 
times. By being able to estimate an optimum time in standard hours and then measuring 
a corresponding real or actual time, relative efficiency factors (or realization factors) 
can be established for various shop processes and tasks. 

Included as a part of the shop planning order (Figure 10-2 ) is an estimate for the num- 
ber of standard hours corresponding to each shop operation. 'I'he program, follow ing a 
parallel logic, was designed with a capability to generate a number of standard hours 
corresponding to each of the Internally generated shep processes. This is accomplished 
by a series of standard hour equations derived based on standards data acquired through 
the industrial engineering department. 

An example of the initial form of a typical set of standard.-, data is chown in Table 10-1 . 
The data presented is in table form and represents tlic standards for a HliVFOlUl A-12 
extrusion sli’etch forming press, Convair machiiie code 8030. !i\ Uiis case the total 
standaixl hours are made up of two basic items, machine setup time (one increment (xsr 
job or per die change), and machine run time (one Incrcunent per part foi‘ i erforming 
and one for finish forming). The run time increments arc a function of Uie overall part 
length. 

The development of the standard hour equations involved acquiring the general standards 
data and deriving an equation for each manufacturing operation based on the character- 
istic process and part parameters. For the oxainplc standards data (Table 10-1 ) a 
general equation would take the form: 

STDim= 0. 52 4 N * (f j(L) +f 2 (L)) (hours) 

whore 

0. 52 represents the setup time (constant per job) 

N roprosente the total number of parts to be produced 
fl(L) represents preform lime as a hmetion of ()art )cngtl\ 
f 2 (L) represents finish form time as a function of pai't length 
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1 able 10-1 Example of Standards Data for Stretch Forming Press 
as Used by the Industrial Engineering Department 

PRESS, EXTRUSION STRETCH FORM 

SETUP- 0.52 (ONCE PER DIE CHANGE) MACHINE CODE; 8030 


PREFORM 


LENGTH cm 
(m.) 

STD, Hfi 

0-38 

(0-15) 

0.0265 

39-76 

(16-30) 

0.0285 

77-114 

(31-45) 

0.0315 

115-152 

(46-60) 

0.0345 

153-191 

(61-75) 

0,0375 

192 .229 

(76-90) 

0.0405 

230-267 

(91-105) 

0.0435 

LENGTH cm 
(in.) 

STD. HR 1 

268-305 
(106-120) 
0 0465 

306-343 

(121-135) 

0.0495 

344-381 

(136-150) 

0.0525 

382-419 
(151 165) 
i 0.0555 

420-457 

(166-180) 

0.0585 

458-495 

(181-195) 

0.0615 

496-533 

(196-210) 

0.U645 


FINISH FORM 


LENGTH cm 
(111.) 

STD, HR 

0-38 

(0-15) 

0.0595 

39-76 

(16-30) 

0.0625 

77 114 
(31-45) 
0.0655 

115-152 
(46-60) 
0. 0685 

153-191 

(61-75) 

0.0715 

192-229 

(76-90) 

0.0745 

230-267 

(91-105) 

9.0775 

LENGTH cm 
(m3 

std.hr 

268-305 

(106-120) 

0,0805 

306-343 

(121.136) 

0.0835 

344*381 

(136-150) 

0.0865 

382-419 
» 151-165) 
0.0895 

1 

420-457 1 

(166-180) 
0,0925 

458-495 
(181-195) 
1 0.0956 

496-533 

(196-210) 

0.0985 


NOTE: LENGTH IN INCHES IS BASED UPON THE BILL Of MATERIAL LENGTH ('-f PART. 
ALL VALUES INCLUDE STOCK ALLOWANCE FOR VISE JAWS 


The functiou of length fi(L) and f 2 <L) are determined by curve fitting the data in the 
standards table. In this case a linear curve fit is sufficient and the functions resulting 
are: 


fj (L) =0.0002 * L + 0. 058 
h =0.0002 ♦ L + 0. 024 

The resulting standard hour equation for this particular press forming operation then 
simplifies to; 

STDHR = 0.52 + N * (0.0004*L ^0.08?) 

A summary of the man-ifacturing and assembly operations currently represented by 
equations in the program is presented in Table 10-2 

The standards data are usually derived for aluminum only. To apply the data to addi- 
tional materials, material coniple.\it\' factors are utilized. The material coDC-e.vlty 
factors account for the difference in manufaePiring time requirements for performing 
Identical tasks or operations on different materials. These factors are t>picaUy re- 
quired only for those manufacturing operations associated with v -.erial removal suc!i 
as drilling, milling, routing, burring, and cutting. 
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Table 10-2 library of Manu^turing and Assembly Operations Cu»*rently Available 


Poion epoxy layup 

Graphite epiixy qiialuy control 

Press forming 

Boron epoxy qualify control 

Heat treatment end straightening 

Reaming oi tapping 

Clamping 

Identification 

Sawing, cutting 

Cleaning, degreasing 

Inspection (general) 

Securing 

Cleanup (of hioles after drilling) 

Inspection for assembly 

Setup for assembly 

Diaaasembly (removing clamps for cleaning) 

Layout part (sheet) 

Shearing 

Drilling (general) 

Layout holes (sheet) 

Spray painting 

Drilling for assembly 

Layout part (machine shop) 

Stretch forming 

Edge burring 

Layout holes (machine shop) 

Surface treatment 

Edge louring 

Milling (chemical) 

Turning (lathe) 

Craphttc epoxy layup 

Milling (general) 

Welding, brazing 


Operations that usually do not require complexity factors arc cleaning, layout, identifi- 
cation, painting, etc. Standard hours for operations performed on steel, titanium, and 
boron-alundnum are derived in the program using the material complexit>’ factor ap- 
proach* Table 10-3 summarizes the values for the factors and the processes for which 
tiiey arc applied. Aluminum represents the baseline of 1. 0. 


Table 10-3 Summary of Material Com- 
plexity Factors Applied in the 
Computation of Standard Hours 



Steel 

Titanium 

Boron -Aluminum 

Burring 

3,8 

5.0 

6.U 

Drilling 

3.8 

5.0 

1.2 

Forming 

3.8 

8.0 

10.0 

Mming 

3,8 

4.2 

1.26 

Reaming 

3,8 

4.0 

1.2 

Routuig 

3.8 

5.0 

6.0 

Sawing 

3,8 

1.1 

1.5 

Shearing 

3.8 

1.1 

1.5 


Analyses of fabrication processes with 
advanced composites are handler, by 
assuming three material forms. These 
are boron-epoxy and graphite-epoxy 
layups from prepreg tape, and boron- 
aluminum sheet stock. In general, the 
advanced composite configurations are 
assumed to be comprised of the same 
detail parts, performing the same struc- 
tural fimction, as the equivalent metallic 
configuration. 

Boron-epoxy and graphite-epoxy parts 
are assumed to be layed up to finished 
form and cured, then bonded into fln;il 
assembly form. Layup times are com- 
puted on the basis of actual hours per 


Turning 3. 3 4.2 1.26 


unit part weight and per unit part size for boron-epox>', and on tne basis of actual hours 
per unit part weight for graphite-epoxy. Quality control hours u r <ng layup and cure 
are computed based on hours per unit part size for boron-epox>’ , -md hours per urit 
part weignt for graphite-epoxy. A realization factor of 1. 0 is associated with com- 
posite fabricatian processes. 
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A 0tu(fy was made of current data related to advanced composite fabrication operations. 
As a result of this study it was found that a thorough treatment of each operation in the 
layup and cure sequence would not be useM. This results from the very limited de> 
gree of breakdown of the data that is available, and the fact that much of the data corre- 
sponds to the fabrication of only a few actual parts, many of which are relatively sim- 
ple and physically small. In other words, the data that is presently available is not 
really representative of a production situation involving actual aircraft components, 

■nH is, for the time being, treated in a more simplified manner. 

The actual hour computation procedure that is in use for boron-epo^Qr and gjraphite- 
epoxy assumes tl>at the sequence of processes can be combined into two, layup and 
quality control. These are treated on the basis of hours per unit size an'* weight. 
Expressions for actual hours are: 

(4. 18 * FFF ♦ ACWT * CARE A) ** . 5 
. 220 ♦ CAREA 
9. 6 ♦ ACWT 
1.2 * ACWT 

where 

FFF is a factor corresponding to part configuration 
ACWT is the part actual weight 
CAREA is the characteristics part area 

Boron-aluminum is assumed to be in the form of sheet stock. Standard hours are 
computed using the ordinary equations times a material complexity factor. These 
factors were summarized in Table 10-3 . 


boron-epo^ layup 
boron-epoxy quality control 
graphite-epoxy layup 
graphite-epoxy quality control 


10.1.4 Rate Data: Labor. Overhead, and Realization. In the program standard 
hours are computed as an intermediate step in the process of deriving actual labor 
hours. The conversion is accomplished by making use of the realization factor, a 
measured value representing shop efficiency as discussed below. The equations for 
actual labor hours talie the following form: 

Actual Labor Hours - Standard Hours /Realization 
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Labor and overhead rates are used in die program to calculate labor and overhead 
costs • based on the number of actual labor hours required for each manufacturing 
and assembly process. Labor rates reflect the wages paid directly to the individual 
employees for each hour of clock time. The rates do not include fringe benefits or 
company contributions to retirement, social security, state une:*ployment, etc. , 
which are considered part of the overhead cost. Also included as part of overhe:;d are 
Indirect labor costs, maintenance, supplies, taxes, insurance, depreciation, etc. 

Labor rates are largely uncontrollable by management, being a function instead of 
union/management agreements and reflecting current labor supply and demand, gen- 
eral economic conditions, and inflation. Labor rates are a function of time and are 
readily predictable for the near hiture. 

The overhead ratio is the ratio of overhead costs to direct labor costs. It is established 
based on historical accounting records, and is, in turn, often used by estimating depart- 
ments. In the program, the overhead ratio is used to determine the overhead costs 
corresponding to the c^culated labor costs where: 

Overhead Cost = Labor Cost * Overhead Ratio 

Realization is a measure of shop efficiency, and as such, it varies from department to 
department and from day to day within a department. Realization data for the various 
departments involved in production tasks at the San Diego operation has been collected, 
studied, and adapted for use with the program. Realizations can be specified either as 
a constant average value or as a time dependent equation. Some of the factors affecting 
realization are: 

a. Worker personal needs. 

b. Rei’t periods. 

c. Inaccurate planning of the task. 

d. Change in procedure, machines, or tools without corresponding change in manhour 
estimates. 

e. Machine breakdown. 

f. Tool breakage and part spoilage. 

g. Availability of pre\'ious setups. 

h. Use of special supervision. 

I. Ability and effort level of individuals assigned the task. 
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Labor atid overhead costs are computed directly for the first unit. A learning curve 
approach is applied to drst unit costs to derive the cost of any subsequent unit or pro- 
duction lot. Labor (and overhead) costs are generated at the detail part level. For 
each noanufacturing or assembly process specified for a given partv a value for standard 
hours • actual labor hours, labor cost, and overhead cost is computed. These are sum- 
med to obtain total costs for a given part, subassembly, assembly, etc. 

Manufacturing and assembly processes ha’^e been divided into three groups: basic 
factory, quality control, and assembly. For each there is avax*ble in the program 
a corresponding labor rate that is computed from a base value as a function of time. 

Also available in the same manner are values for overhead ratio and realization factor. 


For each, average industry values for 1970 are used as the base. Rate data for any 
year is computed by assuming a constant fractional annual rate of change. Any of the 
internal values for rate or annual rate of change may be overridde’’ by direct input. 

In the absence of an input, values are computed. A summary of the . ate data internal 
to the program is presented in Table 10-4 . 

Table 10-4 Summary of Internal Program Rate Data 


Rate Data Annual Rate of Change 

Description Fortran Fortran 

1970 Base Year Name Value Name Value 


Factory Labor Rate ($/hr) 

FRATE 

3.64 

CLAR 

0. 

055 

Quality Control Labor Rate ($/hr) 

QRATE 

4.06 

CLAR 

0. 

055 

Assembly Labor Rate (S,/hr) 

ABATE 

3.48 

CLAR 

0, 

055 

Overhead Ratio 

VRATE 

1. SO 

COVR 

0. 

02 

Realization Factor 

REFCT 

0. 15 

CRE 

0. 

01 


10.1.5 Material Cost. Material costs are computed based on the material type 
(aluminum, steel, etc.), material form (sheet, plate, bar, etc.), and the raw material 
purchase weight. The actual calculation of material cost takes the form; 

MATCOS = AMUV * COSVVT * MAWT 

where 

MATCOS is the material cost 

AMUV is the manufacturing usage variance factor explained below 

COSWT is the material unit cost 

MAWT is the raw material purchase weight 
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The computation of material costs requires the derivation of a material unit cost and 
the definition of a manufacturing usage variance factor. The computation of the material 
purchase wel.^t Is done during the weight analysis portion of the program. 

The material unit cost is, in general, a function of the material type, form, quantity 
of material bought, and special feature requirements such as special lengths, widths, 
thicknesses, alloys, tempers, tolerances, and marking. Computation of the material 
unit cost can be summarized as follows: a base price is computed as a function of 
material type and term; the base price is adjusted to account for the quantity buy p 
differential; the prices of appropriate special feature extra cost items are computcU 
and summed to derive a total special feature penalty cost; a total material unit cost 
is determined by summing the adjusted base price and the special feature penalty co .c; 
and finally, the resultant value for material unit cost is adjusted, if necessary, to 
correspond to dollars for the specified reference year. 

Material type is specified by input of a value for MATLID, which represents the conxpo- 
itent structural material. The materials currently available in the program are: 

MATLIO = 1 Aluminum MATLID = 4 Boron-Epoxy 

MATLID = 2 Steel MATLID = 5 Boron-Aluminu»n 

MATLID = 3 Titanium MATLID = 6 Graphite-Epoxy 

Material form is specified by defining a value for KEY in the parts definition subroutines. 
Each detail part is assumed manufactured from and is thus associated with one of the 
following material forms: 

KEY = 1 i^ASTENER 
2 HONEYCOMB 
' 3 FOIL, SHEET, PLATE 

4 WIRE, ROD, BAR 

5 EXTRUSION 

For a given material tj-pe and form, a value for the total quantity of material purchased 
la computed by summing the values for raw material purchase weight for each detail 
part. A system of arrays is defined to categorize materials by type, form, and stock 
dimensions. The value derived for material weight for each detail part is added to one 
of the array elements as it is computed. After material purchase weights have been 
computed for all detail parts, the system of arrays is multiplied by the number of ship- 
sets to be produced. By this means a total quantity of required material is available 
for computing material costs as a function of quantity bought. 



By specifying the material type the program is directed to one of two fundamental areas 
of material cost computation. The first encompasses the metallic materials aluminum, 
steel, and titanium, and the second encompasses the advanced composites boron-epoxy, 
boron-aluminum, and graphite-epoxy. The primary difference in methodologies re- 
flected by the two areas is due to the assumptions made with respect to material form. 
For the me tallies a material form is speclfiled by the parts prediction routines, and the 
unit material costs are computed as a function of the form. For the advanced composites 
a material form is assumed, and all parts are considered to be fabricated of the assumed 
material form. The assumed material forms are 7. 62-cm (3-in. ) wide prepreg tape for 
boron-epoxy and graphite-epoxy, and cured sheet for boron-aluminum. 


Unit costs for metallic materials are computed as a function of both material type 
and form. Price data for various materials and material forms were collected and 
curve fit as a function of nominal material stock sizes. Table 10-5 illustrates a typ- 
ical base price schedule for alloy steel plate between 0. 635 cm (0. 25 In. ) and IS. 24 cm 
(6. 0 in. ) thick. The resulting equation for this particular material is: 


Table 10-5 Part of Typical Material 
Price Schedule for Alloy 
Steel Plate (1970 Data) 

E4340, AMS-6359 

Thickness Hot Rolled Annealed 


(cm) 

(in.) 

($/100 kg) 

(S/lOO lb) 

0.635 

(0.250) 

99. 00 

(45.00) 

0.953 

(0.375) 

97. 68 

(44.40) 

1.270 

(0.500) 

97. 13 

(44.15) 

1. 588 

(0.625) 

97.35 

(44.25) 

1. 905 

(0.750) 

97. 02 

(44.10) 

2. 540 

(1.000) 

96. 69 

(43.95) 

3.175 

(1.250) 

96.80 

(44.00) 

3.810 

(1.500) 

36. 80 

(44.00) 

4.445 

(1.750) 

98.01 

(44.55) 

5. 080 

(2.000) 

98.01 

(44.55) 

5.715 

(2.250) 

104. 28 

(47.40) 

6.350 

(2.500) 

104. 28 

(47.40) 

6.985 

(2.750) 

104. 28 

(47.40) 

7. 620 

(3.000) 

104. 28 

(47.40) 

8. 890 

(3.500) 

104. 28 

(47.40) 

10. 160 

(4.000) 

104.28 

(47.40) 

11.430 

(4.500) 

104. 28 

(47.40) 

15. 240 

(6.000) 

104. 28 

(47.40) 


PBASE = 0. 006 * THK + 0. 439 

where 

PBASE is the unit base price 
THK is the material thickness 

Thus, by specifying MATLID = 2, KEY =3, 
and THK equal to some characteristic 
or computed thickness, the program cal- 
culates a unit base price for the required 
size of alloy steel plate. In a similar 
manner, equations were derived to pro- 
vide a means of computing base orice 
data for the various forms of aluminum, 
steel, and titanium. 

For some combinations of material type 
and form, such as titanium extrusions, 
specific price data was not available. 

For these cases a characteristic ma- 
terial base price was established, as 
MBASE = 8. 50 for titanium. The speci- 
fied material was then analyzed in terms 
of the equivalent aluminum material 
form (aluminum extrusions), and the re- 
sulting value c r PBASE derived for the 
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Table 10-6 Summary of Values for the 
Characteristic Material 
Base Price Currently in 
Use in the Program 


Aluminum 

ALBASE 

= 0.80 

Titanium 

MBASE 

= 8.50 

Alloy steel 

MBASE 

» 0.40 


equivalent aluminum form was ratioed 
using an aluminum base price (ALBASE 
s 0. 80) and the specified material base 
price (MBASE). Table 10-6 is a sum- 
mary of the values of MBASE currently 
being used in the program. Table i0-7 
is a summary of the material type and 
forms currently available in the program. 

A price differentinl based on the quantity 
of material purchased is cor’puted and 


Table 10-7 Summary of Material Type and Forms CurrenUy 
Available in the COSTMA Subroutine 





Al 

Steel 

Tl 

KEY = 1 

fastener 


# 

# 

# 

2 

honeycomb 


• 

0 

0 

3 

foil, sheet, plate 

• 

• 

# 

4 

wire, rod, bar 


# 

• 

# 

5 

extrusion 



0 

0 

6 

7 

tubing '' 

forging 

► 

To be added at a 
future date 


8 

casting 





• direct material price data available 
0 ratioed material price data available 





used to adjust the unit base price. Equations defining the price differential were de- 
rived by curve fitting quantity purchased versus unit cost data. An example of data 
typical of file type utilized is presented in Table 10-8 . 

A cost penalty is determined for required extra cost special features. Equations for 
each ofthe typical extra cOl items have been generated from material vendor pricing 
handbooks. These equations include costs for protective coatings, Identification, 
mechanical testing, packing, shipping, etc. (Table 10-9 ). penalty is added 

to the adjusted material unit coat to provide a total material unit cost. 
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Table 10-8 Example of the Quantity Buy Price Differential for Aluminum Plate 


Quantity per Item 


Extra 

kg 

abi 

$Ag 

($/lb') 

13, $36 and over 

(30,000 and over' 

Base 

(Base) 

13,635 - 9,091 

(29,999 - 20,000) 

0. 022 

(0. 010) 

9,090 - 4,545 

(19,999 - 10,000) 

0. 044 

(0. 020) 

4,544 - 3,636 

(9,999 - 8,000) 

0.110 

(0. 050) 

3,635 - 1,818 

(7,999 - 4,000) 

0.154 

(0.070) 

1,817 - 1,364 

(3,999 - 3,000) 

0. 275 

(0. 125) 

1,363 - 909 

(2,999 - 2,000) 

0. 627 

(0.285) 

908 - 682 

(1,999 - 1,500) 

0. 990 

(0.450) 

681 - 455 

(1,499 - 1,000) 

1. 705 

(0. 775) 


Table 10-9 Summary of Extra Cost Items 
Available for Aluminum Plate 

PRICING CHECK UST 

The following General Extra* apply to *heet and plate product*. 


ACTUAL PIECE COUNT 
ALLOYS AND SPECIAL EXTRAS 
QRCLES 

CONVERSION COATINGS 
EXACT QUANTITY 

IDENTIFICATION MARKING -STANDARD 
IDENTinCATION MARKING-SPECIAL 
INTERLEAVING AND OIUNG 
LENGTHS. LONG 
LENGTHS. SHORT 
MACHlNFn SURFACE (TWO SIDES) 
MECHANICAL TESTING 


PLATE 

PACKING 

PACKING PER MIL-STD 649- 
SHEET AND PLATE 
PROTECTIVE TAPE 
QUANTITY 

TEST MATERIAL SAMPLES 
TOLERANCES 

DIAMETER 

FLATNESS 

LENGTH 

THICKNESS 

WIDTH 

ULTRASONIC INSPECTION 


Material unit costs for advanced composites are computed directly as a function of the 
reference year for boron-epoxy and boron-aluminum and as a combined function of the 
average single-ply thickness and reference year for graphite-epoxy. The equations 
were derived by curve-fitting actual and projected cost data acquired from the Convalr 
Advanced Composites Laboratory and from typical material vendors. The equations 
are: 
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P = 225 - 16. 5 ♦ (YR - 70) Boron-Epoxy 

P = 425 - 22, 5 * (YR - 70) Boron-AluminuJ.n 

P = 115/(PLYT - 1. Ill) - 9. 3 * (YR - 70) + 89 Graphite-Epoxy 


where 

P ia the material unit cost 

YH is the dollar reference year 

PLYT is the average single-];dy thickness 

% 

A plot of material cost versus year for boron-epojty and boron-aluminum is presented 
in Figure 10-3 . Grapliite-epoxy costs versus year for vtirious single-ply thicknesses 
are presented in Figure 10-4 . 

The value for average single-ply thickness (PLYT) is computed from material thick- 
ness. A range of from 0. 013 to 0. 051 cm (5 to 20 mils) is allowed. If the computed 



1970 1975 1980 1985 

YEAR 

Figure 10-3 Projected Raw Material Costs for 
Bor<m-Aluminmn .’.md Boron-Kpoxy 


l'>-U 




| 300 ) 


60 C 



1970 1975 If ?0 

YEAR 

Figure 10-4 Projected Raw Material Costa for Graphite-Epo\y 


value is outside this range, a vriue of 0.013 cm f5 mils) ia set. A mirdraum value tor 
each of the material ui.it costs has also been fixed. The unit costs, which o'/erride 
amaUcr jomputed values, are: $110/kn ($50/lb), boron-ept.xy: $220Ag ($100/lb), 
boron-aluminum; and $22/kg ($10/lb), graphite-epoxy. It was determined that these 
were the minimum material prices that would he achieved in the foreseeable future. 

A price differential based on the total material qurntity purchased was established as 
follows: a 10% penalty was added to the unit cost for purchases of 4545 to 45,455 kg 
(10,000 to 100,000 lb), 20% for purchases of 455 to 4545 kg (1,000 to 10,000 lb), 40% 
for purchases of 45 to 455 kg (100 to 1,000 lb), a’ i f>0?c for purchases of less than 
45 kg (100 lb). 

While the unit material cost for advanced composites is computed as a function o£ the 
dollar reference year directly, the unit cost for metallics must be adjusted to the 
reference year. An adjustment is made assuming a constant ;innual rate of inflation. 
A value for the annual rate of inflation of material costs may be input ^rectlj 
by the user; in the absence of an input a nominal value of 0. 03 Is assumed. 


A 
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Table 10-10 Typical Mamifacturiog Usage Variance Factors 
for a Past Commercial Transport Program 
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68.71 61.94 10.9 1.109 


The mnmifuoturlnsusHjjio viirl:uAco (uotor (AMl'VJisi the ratio of tho actual umoiu\t of matmijil pur- 
ehased to tho sumof tho on^lucorinn not Uill of materials plus tho planniut; iUlowanccs lor munu- 
fnoturluK, Tho fiuMor is, iuKonoral, a function of nuiovial ^\^>o (pavticulurlv in tlu' 
ease of mlr.mccd composuos) smei past nuUorUil handling oxperioneo, Tho factor re- 
sults from malorial ;uul ixu't ovorlHiylnp; to uccoimt for normal indirect material losses 
during U»e mmiuhtcturiitg phase of pnKiucUixi. Those losses include material juul paid 
spoilage, duplication, sul>atituUon, cluuvgos, waste, etc. These losses are U) be dif- 
ferentiated from those resulting directly from msuuitaoturtng, such ns trimming, rout- 
ing, and milling, which arc accounted for in tho derivation of the material purchase 
weight. 

Tho actuiU vtiluo for the manufacturing usage vartance famor is determined by account- 
ing procedures. Data from seveiaU iwst programs are presented In Table 10-10 . A 
nomimil value of 1, 10 is currently i«» use by U\e program for all material forms. Tlds 
represt'nts a 10% overbuy atul is a fairly gooti average v:due for t>*picol metallic air- 
craft ctmsU'ucUon. livAvever, it is somewhat high for prcKiuctlui involviiMt the use of 
advimeovi cumposiU' matoritds. 


10.2 AlUnUMK MANUKAt^ r i 'lUNt; CXtST (OKH-t’OSr KSHMATlNtt UKt.A HONSHIPS) . 


Tho «Urfrau\e numufaeUirlng c'»»sts in U»e motlKHlology descrlbiHi in St>etUn» 10. 1 uses a 
detailed numufacluring imalysis lo s>mthesl/,eeosts at Uu' detail i«iri level. This mmlysls 
apitroaoh rt'qxdres a I'olatively large anwuut i>f aircraft xlennltion mul sup(x>rtlng faotoi'y 
m'mufaeturlxxg sUuulaixls. To pxxxvide a simpler, more ro«ulll>' usable mxd accessible piXJ- 
llmlnary design tool, subsystenx level cost estlnxating relationsidps (('KK's) have Iwon 
devixloptxl le provitle a nxojuvs foi' gx'nerating a thwreUejd first imit cost tor luxy 8{x>cirio 
aircraft e*mflgurntlon under suidy. rhls alternate pixxetHlure develops nlrfx'ame manvi- 
fneturing oosls on the basis of subsystonx level eixst OvStixantlixg x'olatlonships (t'Ml'st 
that Inolxxxle pnxvlsUxxvs fi.>r er>x>gi'nlc trxnUago, ixtsxdatlon, juxil pix>iKdlmxt hnnl xm<l man- 
agexni'xxt subsysUnns . hx aiUUUvxn, the x'nglno devx'lopmont and pixuUietlen model has Ik'oix 
nuHllfled based on the \vx)rk ixeTennixl by (hMxorxd Kleotrlo xmder NASA t\>ntraet NASA 
CU“1207tW tUefoxH'xxce 11 ) end Pratt «mxl Wlxitxxey xixxder NASA t'ontx'uet NASA CU-1208G2 
(Ueforoneo 4 ). 


10.2.1 rhcoivUcid l‘‘i’ St Unit Cost. Tho thoox'eUeal flx'st nnlt immufaetu ring cost 
has been bx'okon ilowix into Uxo Ixvo major cab'gixrlea of stx’uctux'o tuxil subsystems. Within 
the strxKHure are the ftxur basic elements of whxg, Ixxly, oixx)xeixxxagv suxd xxaot'llo. t he 
sxibsystexns are cxxnxposxHl of Ituxdlng gear, sux'faiv aaxtixxls, exxvlixnxmoixtid x'ontxxd, hy- 
drjudies/ixxx'umutles, electrlo»d, hxstnnnx'nts, arxxxaxxxexxt , engine ixssoelatiMl t>qulpixxent , 
^K>l systexn, avionies pxx'vidons, funxishlngs xind eqnlpmexxt axxd miKlllary ix>\ver. lA'r 
alx'cnxn tlxat xise liqxdd Vxxlnxja'h or ixxeUxmxe for fuel the additlexxai sxibsystexns of taxxk- 
agi', Insnlixtlon ami pixx|KxUmxt fexHl axxd mmxagiMxxeni are xv»ndrtHl. 


The first xxnit ovist »\stimates aiv driwn by evixiallvxixs that x'oqulx'o lUffori'xxthiiit'n 1 h'~ 
tNwv'ix subsonie mxd snix'rsonie aircraft luxd usv> Uxe weight v»f the various idiMxxvxxts of 
stx'uetuxx’ imd snbsystonxs as cost drivers. 
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For those aircraft config^uratlons whoro there is more than one fuselage, the individual 
fuselages are treated as separate elements of structure and costs computed accoi'dingly. 
This is also true for tankage whore multiple tanks are used. Each tank is treated as 
a separate element and costs computed individually. 

The equations used to generate first unit cost for JF-fuoled aircraft have been tabulated 
and appear in Table 10-11. The additional equations required for those aircraft oon> 
figurations that have liquid hydrogen and methane fuel systems have been tabulated and 
appear in Table 10-12. The CERs for JP aircraft arc based on a sample of subsonic 
and supersonic filter and bomber aircraft and subsonic commercial and military trans- 
ports. The development of these cost estimating relationships is based on the 



Table 10-11 

Airframe TFU CERs 




Subsonic 

Supersonic 

1. 

Wing 

. 70 

C - 1680 W„ ' 
w 

.70 

C - 3520 

W' 

2. 

Fuselage 

. 70 

C 2240 W„ 

F 

70 

C - 4800 

F 

3. 

Em|iennage 

. 70 

C - 1680 W 

E 

.70 

C = 2320 

E 

4. 

Nacelles 

C - 1680 

N 

.70 

C - 3360 

N 

S. 

Landing Gear 

C = 1440 W_ ' 

Lj 

.70 

C 1440 

L 

6. 

Surface Controls 

.70 

C - 2240 W 
s 

C - 5760 Wg’ 

7. 

Hydraulics-Pneumatics 

C - 3200 

.70 

C - 3200 W„ 

H 

8. 

Electrical 

70 

C - 2400 ' 

EL 

70 

C - 2400 ■ 

EL 

9. 

Furnishings and Equipment 

70 

C - 2000 

70 

C 2000 W’ 
FE 

10. 

Environmental Control 

C - 1920 

A 

.70 

C - 2800 W. 

A 

11. 

Auxiliary Power 

70 

C 1520 

AP 

70 

C - 1520 W. 

AP 

12. 

Instruments and Displays 

70 

C ^ (MOO Wj* 

.70 

C 6400 Wj 

13. 

I'uel System 

70 

C 2080 

. 70 

C - 2080 

FU 

14. 

Engine Associated Equipment 

70 

C IGOO W„ . ' 
bA 

.70 

C 1600 W’ , 

EA 

15. 

Armament 

C - 640 W 

A 

.70 

C 640 \\- 

\ 

16. 

Avionics Provisions 

. 70 

C L500 W., ■ 
AV 

.70 

C = l.lOO W , „ 

A V 
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Table 10-12 Cryogenic Fueled Aircraft TFU CERs 



Subsonic 

Supersonic 

Hydrogen: 

Tankage 

.70 

c = .-)i7r.w^„ 

70 

C - 4762 

Insulation 

.70 

C 1905 

.70 

C - 2857 

Pro|x;llant Feed & Mtmagemont 

70 

C ~ 11200 Wpjj* 

70 

C ^ 11200 \Vpp‘ 

Metliami: 

Tankage 

.70 

.70 

c ir.87W,^^, 

C - 

Insulation 

70 

C 952 W,, ‘ 

IM 

.70 

C - 1428 

IM 

Proiiollant Feed & Management 

.70 

C - 5600 

PM 

.70 

C 5600 

Pm 


Curi*onl year doUare nuHUfier » 


K (Year) = 1. 273 (Q (1. 06) 


(Year- 1974) 


analysis of historical first unit cost and weight data at the subsystem level. Each 
functloi\al subsystem w'ls analyzed separately and cost estimating rolationsMps developed 
to differentiate l>ot\\t'en subsonic and supersonic aircraft. An example of the basic data 
and the dewlopod relationships for the wing structuix) is shown in Figure 10-5 . The 
subsonic data points are ix>pi'osontod by a square and Uio long lower lino Is the cost es- 
timating vi'lationshlp dovelopoil from those data. The supersonic data points are repre- 
sented t»\ a triangle tind tlio long upper lino is the cost estimating rolatloiiship developed 
from these data. The mathematical expression for U>eso relatlonshlixs are of the form: 

C = aW*^ 


where 


C ^ cost ($) 

a ^ subsystem coefflciont 
\V - subsystem wvlglit (i^tounds) 
b weight sctiling extxmont 

For till' specific subsonic and suiwraonlc wing first unit cost equations sliowii In Figure 
10-5 , the costs are expressoil in 1970 dollars. 
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WEIGHT OF WING STRUCTURE (kg) 



Figure 10-5 Wing First Unit Cost (Labor and Material) 


Tho CKKs for orvo^vnlc fuel s\jl)sy8toms aiv bustxl on Contaur and Shuttlo ox- 

VX'rtencc with 8\»l\iocllvo woljjhtlng factors apylioil to dlfforontlato bot\vtH>n subsonic and 
suporaonlo applications. For tlu'so conflKuniUotis w'horc hydivgon or nu>thmu> Is used 
as a fttoi, tho ftiol sysUnn w’d^ht Is zero for U»o Jl* ftu'l system equation luvd jiIl fuel 
system coats are jtcni'rattHl by tho pn>polljmt fotxl tuul numat^oinont TFF equation. 


The above tlieoivtical first unit cost equations nive results b\ terms of 1970 dollars. 
To convert tliese flsiovs to current dollars the following modifier Is usihI: 


K^Year) 1.279 (O (t.0(5) 


(Yoar-197-H 


All of tl»e equations for the seiwrati' funcdiomd pieces of lamlwaix* tliat inidi.e up tho 
first imlt cost have the same nutthematlcid form and scale wltli w’elght to the . 70 power, 
Peveloplng tho equations In this form tuts the ailvantage of providing additional visibility 
litto the ntitnre of the cost drivers at tJte TFl’ lewl. With bt>ih size tmeasuretl by w'oight) 
and sealing the samty tlte relatlvv* cost of tUfforent tyix's of snbsystoms and structmx> 
can be determlntxl fn>m tho equation coefficients, rhls biformutlon, coupled with the 
weight dlsUlbutlon antong the elemetua of structuxv mul subsysUnns fi>r a svioclflo 
configuration allows IdettUflcatlon of lilgli cost aivas hi terms of boUi td>aolute magixl- 
tudo mul In the more velatlw sense of vk>ruirs jmv pinind. 


Tho aKn'o fermnlation of first unit cost btclitdes Ix^th the lalx>r lutd material ixxrtlons 
of msunifacttirlng. As such. It replaces lioUt the mimnfacturlitg labor jind mnnufactnrlixg 
materljtl jxn'tlons of the original cost moilel devolo|xxl for N.\SA t'U 192962 tRofoxx'nce 5 ) 

10.2,2 thigine Uevtlopmont tmd Ftxxluction . There are thix>e major aixnis of design 
that reqiiltx' ilowlopmont junl/or testing for conversion of existing JP burning englites ti> 
crj'ogonic fuel. The timbiquimp bearings aiul stnils hiive to bo modltltxl jmd a cryogenic 
inunp tluotUlng rmige of about 95 ti> 1 piwlded. In aiUUtlon, luxit exchangers to pn>\lde 
for x-nixxilzatlon of tho cryogenic ftiel ntxxl to lx» doveloixxl. t’lmverslon of the existing 
engines will npiKii‘ontl.\' not mtxU'rlaily atYect tho prossiux> ratio, turbine inlet tempor- 
abnv, ix'rcontagc' of tttimlum mul snix'rjiiloys used in the engines, mtixlnuim thnist 
Mach numlx'rs, or by-ixiss ratio. For tlu' OF-6-50A »uwl JTF22A-27A Uioix' Is a weight 
Increxise of about 5'V .md 10‘I', ivsix'Ctlwly. A Uibulatit'n of OF-6-50A juul ,1TF22A-27A 
englno data iH'foix' tmd after conversion apivars as ruble 10-19. 


Costs of conversion developtnent , up to Mt^T (nuxlel qvuillflcntion test) have lavn devel- 
eixxl In iw\> different ways. Peb\t «'stbnatos bastxl on tlte wvrk of Pratt mtd Wbitnoy 
anti liotter.'tl Fleet rlc luive Ix’ou matlo and for the t'F-6-50A mtd JTF22A~27A they ctut 
Ih) used as thtvugh-pnts ht tho model. 

In terms t»f 1974 dollars, the oi'nversion developmottt wst thixtugh MtJ'l' Is $59 million 
tbr tho CF-6-50A and $99 million for the J TF22A-27A. I'hoso are ROM (ixntgh otxler of 
magitlUtdo) estimates mid slxnild be tixnittHl accotxllngly. For txtnvx'rslons where a ixira- 
metrlc estimate is requlixxl tho ti’Uowltig t'FR was devoloixxl basotl t>n Centaur or>vgenlo 
pi\>ix>lhutt footl and management technolog.v. 
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where 


Engine Cryogenic Conversion Cost (M$) =2.1 


AW (lbs) = Weight after conversion - Weight before conversion 
Year = Year wlion conversion takes place. 

Production costs are based on tlio existing methodology with appropriate modification 
fiar changing to cryogenic fuel. The existing engine production equations is as follows; 

TFU =3270 (FP)-®® CFENG 


where 


FP = maximum sea level tlirust (lbs. ) 

CFENG = engine complexity factor 

The new equation is modified by a factor in the following \vay: 
TFU =3270 (FP)-*^*^ CFENG (CRB’M) 

where 


CRf'M = crj-ogonlc conversion factor for methane (CRFH is used for 
hydrogen cx'yogonic conversion factor) 


The specific values for the cryogenic conversion factors az'e as follows: 




Turbofan xvlth 


Turbof:m 

Afterburner 

Ilj-drogen cryogenic conversion 
factor (CRFH) = 

1.10 

1.20 

Mctliane crjogenic conversion 
factor (CRFM) = 

1. 05 

1.10 


These cryogenic modification factors are based on an assessment of the Pratt & Wliltney 
and General Electric (Roforoncos 3 and 4 ) studies and a pjirametric analysis of 
cryogenic cost differentials based on Centaur (Reference (> ) historical cost data and 
the Aerospsice Corpomtion space tx'ansporl system cost model (Reference 7 ). 

The above pi*oductlon costs arc expressed In terms of 1970 dollars. To express them 
in cw'rent year dollars the following modifier is used: 

Current year dollars modifier =K (Year) = 1,273 (TFU) (1.06)^^*^'*^** 1074) 

where 

Year =year first production article Is produced. 
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T;U*lo Kniyitjo Conv'crslon Ontsi 



OK-O-ruU 

Turlxifan 

L‘ryo|p>nlc WrAlon 
CK-turniA 
TurN^fan 

Orij^inal 
JTF22A-U:A 
TurU^fan (A. U. ) 

CryoiJftlUc \>riiion 
.tTK22A-27A 
Turliofan (A. B. ) 

lUtio 



2.^:1 

.W:l 

VuHiiw Inlttt 


164T 


1010.5 t2450i 

IVnvpnt TtUnium 

'MVl 


N,A. 

N.A, 

IVm»nt Sup«?r»Uoy!« 

40’v 

4iv:‘ 

N. A. 

N.A. 

\>ar 

U»T0 




Mac^i Xuiuber 



2.:) 

2.5 

rimu^t (M«X. \ 


*000) r2,'2'2t\ \ \4V),iH)0) 10,S13.4 y2'2. 

SOm 10.S15.4 



U4«!.0 

1591.0 (500S1 

lUtto 

4.4 

4.4 

.71 

Tl 

lV\-x»lopni^nt OoAt 





{ inrt'«iis0 
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ft\is(.inn eng. ^ 
(M U>T4 


Ivi, KNrilNKKKlNci 0(>Krs . lhig^nocrlti(f civ‘?(s iU'o dorlvixl by coinputlujj Uu' nvnn- 
Ix'r of ongituH'riuji manhours roquliwi and imili tplylujj Uvis by a oon\ix)slto onplnooring 
rate. Kngitu'oring' hours arc oon\iHi(t\i as initial oujrlut'orlng hours - (hose Iwurs 
utili.’.oti by tbo time the first alrframo has Ik>ou <\imploloti, :uui sust;Uning ;'nglnooring 
iKHirs - U»oso hours ooourrlng ;iflor tho first iiirfnimo Iws boon complotiHi. 

Tho actual computatJon of Initbil :uui sustjilnli\g onglncorlng hours has as its basis 
oquaLlons dowloixHi by 0. S. bovmson «md J. M. itariv Ob'foronoo 1). For this 
ivasot\ tJu'lr dofiiiiton of tlio ougltttH'ring task was usini. F,i\glnooring, tbon, was do- 
flnoii as IncluiUng tho fc*ll owing: design aiul Intogratiou studios, ongii\oorh\g for wind 
tinvnol UKHiols, n\ookup mwi onglno testing, tost onglnoorfa\g, laboratory work o»\ sub- 
systems and sUitio tost items, doxolopment testing', Iwaixi hours, ivlease and mainton- 
smoe of drawings, s|K’elfieatlons, shop smd wiuior liivison, aiuilysls and ineortwratlon 
of clurngi's, material ami piveess siH'oiflcatlons, iuui I'ollabillty. Hours not cimsideivd 
as ongiueoring bu'lude those assitolatoii with flight tost, (tliuming, givmul haiuUhtg 
oqulpjuont, sixuvs, mobile training units, and publications. Also »u>l included as i\u*t 
of eitglncorlitg cv)st arc trawl jutd cojuputcr time, 

10,3, 1 Kitgiitocring^ t'OvSt Ferhatlon. Tho InthU otvghteerlitg task Is comimtoii by first 
iletonninlng U\e «uut\ber of lx>urs u> ifo Uu' task attd tlien applying mt aj>i»wprlate co>n- 
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positc onrf»>tH?rlng lulx>r rate. The initial I'uginooring liours roprosont tl»oso onglnoorlng 
hours oxjxjndod to tlK> jiolnt lit time whoti the first airframo !«is Ivon c\>mplctoii. 'ITio 
t<. JS. l.ovinson aml.l. M. Uarro oquatton (Ixoforonco n dowlops the inllijiJ onglnoor- 
Ing hours I'oqulrot’ as a fimctlon of nxtiximum jilrcraft six'od at x'ruiso altitude and total 
airemft Uu'ust at sea level. Tids equation piajvides for airframo xievolopment engineer- 
ing jmd is based on a sample of figiUor, VvmlHM* and eargi.> aiivraft. To uecount for Uie 
uniqvie features of a llqxiid h\\ii\>grtn or methatie fuelexl aircraft it is necessary to develop 
separate ci'st estimating relationsliii.)8 Unit pnnide bn* crwgvnie fuel subsystems. 
Specifically, cost estimating relatlousl»ips are deveUqnxl that pixwlde for deslgji of 
crjaigenle bmkage. Insulation and pi' 0 |x)llant feotl and n\auagoment. rhese cost estimating 
I'olaUonsliips wore dewloixni primarily on the basis of Centaur imd Space Shuttle oxjior- 
linoe luul are doalt with as jidd ons to U\e xlesign of a more oonventlxnval alrcrjift. In 
addlth'm, tmxUflcatlons aiv maxlo to U\e Jl' cost moUioilology to pivnido for the rxHiuctlon 
in tl\o engineering task associated with U\o absence of a conventlonjil fuel tankage and 
delivery system, iixe lndix>gr>n ami methand fueliHl aircraft luive been d<>ait witli so|v- 
aratol> to reflect U»o greater difficulty assooiatoxi witli tlio use of liquid hyiiix'gmi due 
to Its lower Uqueficatlon temvx'rauire and greater ix>rmeabillty. 

i'ho total numbor of inithd engineering hi'urs xvmputeii is bivken down and distributed 
among the various engineering lUscipIlnes based on vx'reentages tlerived from stuxUes 
of historical data. There arc two basic breaklowiis, one convstxnwUng to a typical 
subsonic or transonic transixn t tj^x' aircraft ar.d one ivrivsix'mUng to a tyiiioid high 
|.vrform:mee military t>ix' aireruft. Maximum Mueli mimU'r is ustni to differentiate 
betwven the twv breakilowiis with a Maeli munlx'r of 1. 1 or gror. er eorrespxnullng to 
Uie military typx' aircraft. 

'Tlio wine Ibr U'tal initial engineering hoxirs that <s mitixit is not the value that Is wm- 
putoxi xUiN'Ctly, but Is iustoaxl a value foumi by summing the hours tor all x'f the various 
x'uglnooring disciiilines. It is luqxxi Unit a futmx' ilati' each ar*'a of engineering can 
be lookxxl at Inxllvixlually, ami that for each, methxxls eiui Ix' xieveUqxxi to xlorlve hxnirs 
dli*octly by moans of enqilrical relatfonshl^is. As these metlKxls aix' devolo\xxl, the 
IH'rcontage bastxi cxnuixitation for a given xUselidine can Iv easily reixlaexxl by a dlivet 
computation, and the tiew equations w’Ul thus Ix' representoxl in the final ontinit value 
for Initial x>ngliu>erlng hours, in tills way, mi empirically basx'xl n>utlne can Iv built 
up bit by bit wlille retaining Uie cajvibllity of gx'iieratlng a xa'inpleto output during the 
xlovolopment. 

Tho tot4il rdrfranu' initial engliieoring hours aiv develx'ixxl as a summation of sub- 
system Unx'l Initial engineering tasks and are lUnvlojxxl fixnii sevxiraU> systems of 
equations Uuit aiv xU'iKMulent on tyix' of fuel. I'or the dl’ fueUxl jdrerafl all the sub- 
systx'iii lewl Injxits arx' available fixuii Uie airframe Initial xleslgn Ixnirs tOKSllUl 
equatlxuis which are x rlwn by the airframe initial vMiglnx'orlng hours tKNx'iRUU) x'qiiatioii. 
Values xif KNCJlllU are dx'vi>lo|xxi by the ti. S. Lx'vlusvm ;uixl ,1. M. Rarixi equatfon wlih V, 
uses imtximiira aircraft sjx'xxl at cruise idtituxle hi kiots and maxiiiiuni u»tal alrx'ruft sea 
Ix'vel thrust In pounds us huleixniiliMit variables. Hie total airframe initial xMiglneerlng 





hours are dovolopotl In a similar fashion for liquid hyiiixjgon and liquid mcthano fueled 
alrcnifl but require, in addition, the weiRhta of die crwgonic tankage, insulation and 
propellant food and mimagcmont subsystems, rhose wights are required as inputs to 
Uto subsystem level ittitial ongbicoring hours equations. The alx^vo observations can 
be seen in the equation methodology that has boon summarized bolotv: 

InititU Engineering Kquations Summary 
Airframe Initial Engineering Hours e ENCUIHR 
ENGRim =8.0 • (VELALT **0.56) • (FP**0. 88)*CONFAK 
whore 


VELALT = nuudmum aircraft sjwed at cruise altitude (knots) 

FP ~ miudmum total aircraft son love) thrust (pounds) 

CONFAK configuration complexity factor with a nomhuU value of 1,0 
Airframe Initial Design Hours = DESHU 
For Mach <1.1 

DESHU -0.5-i*ENGUHR 
For Mach 

DESHH 0.48*ENGWm 
For Jl^ Fueled Aircraft 

Airframe Initial Engineering Hours by discipline • ENtUlJD 



Mach <1.1 

Mach >1.1 

Structu ral/ Mtvhanieal Dos ign 

Wing 

O.l l DESHR 

0.12 DESHR 

rail 

0.07 DESHH 

0.04 DESHR 

Ikxly 

0.15 DESHH 

0.20 DESHR 

Furnishittgs 

0.14 DESHR 

0.08 DESHR 

Oroar 

0.04 DESHR 

0.04 DESHH 

Propulsion 

0.12 DESHR 

0.10 DESHR 

Controls 

0.00 DESHR 

0,09 DESHR 

Environmental Conti\>l 

0.05 DESHR 

0.05 DESHR 

Hydraulic Pneumatic 

0.05 DESHH 

0.06 DESHR 

Reliability 

O.OI DKSHR 

0.01 DESHH 

Armament 

0 DESHR 

0.0.8 DESHR 
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EUvtrtcal/ Electronic Design 

O.H DESHK 

0.18 DESHU 

Design Support 



Lines/ Loft 

0.ir> DESIIR 

0.15 DESHU 

Drafting/Isometrics 

0.02 DESHU 

0.02 DESHK 

Checking/ lielease 

0.06 DESHK 

0.06 DESHU 

Ualson/Support Design 

0.02 DESHU 

0.02 DESH.^ 

Te<' mical Support 



Stress 

O.lt; DESHK 

0.16 DESHK 

Weights 

0.06 DESHK 

0.06 de:shk 

Aero 

0.05 DESHK 

0.05 DEISHU 

Dynamics 

0.08 DESHU 

0.08 DESHU 

■n»ermi 

0.08 DESHK 

0.08 DESHK 

Test Lab 

O.IO DESHU 

0.10 DESHK 

Electrical 

0.06 DESHK 

0.06 DESHU 

Staff 

0.01 DESHU 

0.01 DESHU 

Predesign 

0.02 DESHU 

0.02 DESHU 

StaiHlards/SpiH's. Ihtblication 

O.iHi DESHU 

0.06 DESHU 

ENCilUD * 

E 

E 

For llyiirogen Fuelixl Aircraft 



Airframe Initial Engineering Houi*s by discipline - ENCRHO 



Mach <1.1 

Mach> 1.1 

Structural'Mivhanical Design 



Wing 

O.U DESHK 

0.12 DESHU 

Tall 

0.07 DESHU 

O.tM DESHK 

Body 

Tankage 

Insulation 

Propi'lLmt FiHxi & Management 

0.15 DESHR^ 

2700 iW 
25000 

0.20 DESHU 
«250 

!-m (w !■; 
0.08 Dmiu 

^Mniishings 

O.lt DE'SHU 

tJear 

O.m DESHU 

O.m DESHU 

Propulsion 

O.iHi DESHU 

0.05 DESHU 

i'ontrols 

0.00 DESHU 

0.00 DESHU 

Environmental Control 

0.05 DE.SHU 

0.05 DESHU 

M.xxiraulic Pneumatic 

0.05 DESHU 

O.tHi DESHU 

Ucllabilitv 

O.Ol I'ESHU 

O.Ot DESHU 

Armament 

0 

O.iKl DESHU 
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Electrical/Electronic Design 

0.14DESHR 0. 

18 DESHR 

Design Support 

lines/ Loft 

K^XO.15 DESHU 

K„X0.15 DESHR 

Drafting/Isometrics 

K^Xo.02 DESHR 

K„xo.02 DESHR 

n 

Checking/ Release 

K„xo.o6 DESHR 
H 

K„X0.06 DESKR 
H 

Liaison/Suj^rt Design 

K^xo.02 DESHR 

K^xo.02 DESHR 

Technical Suiqport 

Stress 

K X0.16 DESHR 
H 

K„xo.l6 DESHR 
H 

Weights 

K^jXO.06 DESHR 

K„x 0.06 DESHR 
H 

Aero 

• 0.05 DESHR 

K„ X 0. 05 DESHR 
H 

Dynamics 

Kjj X 0.08 DESHR 

K„ X 0.08 DESHR 
H 

Thermo 

K„ X 0.08 DESHR 
H 

K„ X 0. 08 DESHR 
n 

Test Lab 

Kjj X 0. 10 DESHR 

K„ X 0. 10 DESHR 
H 

Electrical 

Ky X 0.06 DESHR 

K„ X 0,0' DESHR 
H 

Staff 

Kjj X 0.01 DESHR 

K„ X 0. 01 DESHR 
H 

Predesign 

K X 0.02 DESHR 
H 

Kjj ^ 0. 02 DESHR 

Standards/Specs. /Publlcatians 

K„ X 0.06 DESHR 
H 

K- ^ 0.06 DESHR 
H 

ENGRHD = 

E 

y; 


where 


wm 

WpH 




- weight of liquid hydrogeu tankage 

- we^t of liquid hydrogen insulation 

» wel^t of liquid hydrogen propellant feed and management 

- liquid hydrogen system multiplying factor and is derived by the equation: 


= 1 . 0 > 


(W 80 
12500 ' to ' 


5400 ^^^ 01 ^* +60000 


1.03 ENGHHR 
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For Methane Fuetod Aircraft 

Airframe hiiUal Engineering Hours by discipline - ENGRMD 



Mach <1.1 

Mach 11.1 

Structural/Mechanical Design 

Wing 

0.14DESHR 

0. 12 DESHR 

Tail 

0.07DESKR 

0.04 DESHR 

Body 

O.ISDESHR 

0. 20 DESHR 

Tankage 


4687(W,^.M,-®‘’ 

insulaticm 



Propellant Feed & Management 


18750(WpM)*®° 

Furnishings 

0.14DESHR 

0. 08 DESHR 

Gear 

0.04DESHR 

0. 04 DESHR 

Propulsion 

0.06DKSHR 

0. 05 DESHR 

Coatrols 

0.09DESHR 

0. 09 DESHR 

Environmental Control 

0.05DESHR 

0. 05 DESHR 

Hyd raulic/I^eumatic 

0.05DESHR 

0. 06 DESHR 

Reliability 

0.01 DESHR 

0. 01 DESHR 

Armament 

0 

0. 03 DESHR 

Electrical/Electronic Design 

0.14 DESHR 

0.18 DESHR 

Design Support 

Linos/Loft 

K,. ^ 0. 15 DESHR 
M 

K,, X 0.16 DESHR 
M 

Drafting/lsomotrics 

K,, ^ 0. 02 DESHR 
M 

K„ X 0. 02 DESHR 
M 

Checking/Release 

K„ X 0.06 DESHR 
M 

K„ X 0. 06 DESHR 
M 

Liaison/^upport Design 

X 0.02 DESHR 

K„ X 0. 02 DESHR 
M 

Technical Support 

Stress 

K^- X 0. 16 DESHR 

K^, X 0. 16 DESHR 
M 

Wei^ts 

K-, X 0.06 DESHR 
M 

K„ X O.OG DESHR 
M 

Aero 

K„ X 0.05 DESHR 
M 

K^. X 0.05 DESHR 
IVl 

Dynamics 

X 0.08 DESHR 

K„ X 0. 08 DESHR 
M 

Thermo 

K^, X 0.08 DESHR 
M 

K, X 0.08 DESHR 
l*». 

Test Lab 

K. , X 0. 10 DESHR 
M 

K„ X 0. 10 DESHR 

lit 

Electrical 

X O.OSDFUHK 

K- X 0 06 DESHR 
M 

Staff 

X 0.01 DESHR 

X ' DESHR 

M 

Predesign 

X 0.02 DESHR 

K,, 0. 02 DESHR 

M 

Standards/Specs. /Publications 

X 0.06 DESHR 

K„ X 0.06 DESHR 
M 




ENGRMD 
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where 


Wtm = weight of liquid methane tankage 

'^IM ” weight of liquid methane insulation 

Wpj^ = weight of liquid methane propellant feed and management 

Kj^ = liquid methane system multiplying factor and is derived by the 

equation: 


% 




1.0 + 


9375' TM 


^ 4050^Im) 


.50 


4 37500^PM^ 


.50 


1. 03 ENGRHR 


Sustaining engineering hours are computed and output based on the total number of 
shipsets. G. S. Levenson and J. M. Barro found the sustaining hours were not sys- 
tematically a function of aircraft physical or performance characteristics, and hence 
could be represented by the equation (Reference 1) ; 


SUSEHR = ENGRHR * (SHPSET ♦♦ 0. 20 - 1. 0) 


where 

SHPSET is the total number of aircraft shipsets produced. 

Sustaining engineering for a given production lot may be computed from: 

SUSEH(N) = ENGRHR * (SHP(N) ** 0.20 - SHP(M) ** 0.20) 

where 

M+1 is the ship number of the first ship in the lot 
and 

N is the ship number of the last ship in the lot. 

Engineering hours are assumed to be a function of aircraft performance and not directly 
a function of material or type of ccmstruction. Engineering hours for advanced com- 
posite structures, in particular, are assumed to be initially the same as for aluminum 
structures. However, the number of hours is expected to decrease later with learning 
(Reference 8 ) • i his assumption is based on the fact that composite structures are 
charcterized by fewer parts but by a higher degree of learning. 

In general, adjustments to engineering hours to reflect unusual material or structural 
arrangements can be handled through the use of the engineering configuration complex- 
ity factor CONFAK. This factor has a nominal value of 1. 0, which can be changed at 
the users option by direct input. 
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10. 3.2 Engineering Labor Rate, Engineering labor rate may be input rllreotly as 
a user option. If a value is not input a rate is computed based on the reference year. 
A single rate is applied to all engineering tasks. 


To derive the equations for Miglneering labor rate, the rate data from several literature 
sources were plotted versus time (Figure iOr-6 ) . The data utilized were a composite 
rate composed of direct, indirect, general and administrative, and allocations charges. 
An average rate was derived for each of the years plotted and a smooth curve was faired 
through the average values in three segments. Equations were derived to fit each seg- 
ment as a function of year, resulting in the following; 


YR<68 
68 < YR < 70 
YR» 70 


ERATE » .6129 • YR - 22.308 

ERATE - 2 • YR - 123 

ERATE = 17 ♦ (1 + EIFAC) (YR - 70) 


where 

EIFAC is an annual rate of inflation of the engineering labor rate , 
which has an estimated value of 0.06 but shoiild be input based on 
prevailing conditions 
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10.4 


TOOUNG COSTS 


10, 4. 1 Twllng Cost Derivation, Tooling costa are comprised of three primary 
elements. They ai*c; basic tooling, which Is the first level of tooling designed to 
support the initial production lot at the initial production rate; rate tooling, which is 
the second level of tooling established to support the remainder of the production 
schedule at the maximum production rate; and sustained tooling, which is the tooling 
effort required to suj^rt the entire production schedule by providing for tool main- 
tenance and producibility charges. 


Each of the three tooling elements can, in turn, be broken down into manufacturing, 
engineering, and materials. Tool manufocturing includes the following: tooling 


Table 10-14 Summary of the Tool- 
ing Cost Breakdown 


Non Recurring Ttwling 
Basic Tooling 
Manufacturing 
Engineering 
Material 
Rate Tooling 
Manufacturing 
Engineering 
Material 

Recurring Tooling 
Sustaining Tot>ling 
Manufacturing 
Engineering 
Material 


machine shop, template shop, plastic 
pattern shop, foundry, jigs and fixtures, 
tool and die, form blocks, and plastics. 

Tool engineering includes tool design, tool 
and operations planning, tool project engin- 
eering, numerical control programming, 
tool liaison, prodiwllon control, and proof- 
ing. Tooling materials include materials 
and graphic reproduction support. A 
summary of the tooling cost breakdown is 
listed in Table 10-14. 

Tooling costs are computed as a function of 
the number of basic tooling manufacturing 
hours (BTMH), ini Uni and susUiining pro- 
duction rates (RI and RS), and tool manufac- 
turing and engineering labor rates (TRATEM 
and TRATEE). Following arc the equations 
used (References I and 2) : 


Basic Tooling Costs 


BMFGS 

= 1.00 * BTMH 

BENGRS 

.40 * BTMH 

BMATLS 

^ 1.20 ♦ BTMH 

Rato Tooling 

Costs 

RMFGS 

.10* BTMH 

RENGRS 

.015 ♦BTMH 

RMATLS 

*-= .120 ♦BTMH 


* BTMH ♦ IRATEM * Rl .4 

* TRATEE * Rl ** .4 

* RI ** .4 


♦ TRATEM ♦ (RS .4 - Rl ♦* .4) 

♦ TRATEE ♦ (RS .4 - RI ♦♦ .4) 

♦ (RS . 4 - Rl ♦♦ .4) 



Sustaining Tooling Costs 


SMFGS 1.00 

SENGRS .50 

SMATLS .00 


* liTMH * SUMFAC 

* BTMH * SUMFAC 

* BTMH * SUMFAC 


* TRATEM * RS ** .4 

* TRATEE • RS *♦ .4 

* RS .4 


where 


SUMFAC is a produotion rate factor discussed below. 

Basie tooling manufacUtring hours are computed based on the number of dissimilar 
(xirts to be produced (DiSPRT), Uie average number of tools required per dissimilar 
part (TOOLPP), and the average number of hours required to produce each tool 
(HRPTOO). 

BTMH = CONFAC * DISPRT * TOOLPP * HRPTOO 


where 

CONFAC is a tooling configuration complexity factor discussed below. 

A value for total number of dissimilar parts (DISPRT) can be input directly or in the 
absence of an input is calculated from the following (Reference 9) ; 

DISPRT - 29.35 ♦ AMPRWT ** 0.728 

where 


AMPRWT is the AMPR weight of the aircraft. 

The equation is illustrated in Figure 10-7 , It is hoped that eventually Uie number of 
dissimilar parts can be derived directly from a pi\rts count made in the [.wrts definition 
portions of the program, I'ather than using a shxtisticnl derivation driven l weight. 

A plot of total tools versus the number of dissimilar parts is shown in Figure 10-8 . 

A nominal value <f 1.8 is used for the average number of tools required jier dissimilar 
piu't (TtXlLPP) in the absence of a direct input by the user. Figure 10-9 shows 
typical values of the average number of hours required to produce a tool (HRPTOO) 
plotted against nun^berof dissimilar parts. A nominal value of 49.0 is used by the 
protTam in the absence of a direct input. A summary of the ilt»ta that was available 
foi the analysis of tooling cost is presented in l'i\ble 10-15 . 

The production rale factor (Sl'MFAC) represents a tool maintenance fraction, which 
is a funcvlon of the aircraft production I'ato and the n\jmber of shipsets produced. 

It is ci'mputed from the following: 

LOTS 

SUMFAC - £ (NO MO ♦ Factorj) 

i=LOTO 
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AMi'M vu umr ikn» 

Figure 10-7 Number of Dissimilar Parts Versus AMPR 
Weight for the Complete Airframe 
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Figure 10-8 Number of Tools Required as a 

Function of Total Dissimilar Parts 
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mntBCR or 0Issl^atAn parts 


Figure 10-9 Average Number of Tooling Manufac- 
turing Hours Required per Tool 


Table 10-15 Summary of Tooling Cost Data used in the Analysis 





FACTOR 


where 


NOMOj Is the number of months required to produce the shipsets of LOT^ 
FACTOR, is a factor computed from the curve of Figure 10-10 

The munber of months each lot is imder production is computed by dividing the 
shipsets in each lot by the production rate corresponding to that lot. A value for 
FACTOR is taken from be curve of Figure 10-10 as follows: a value of 0.015 is 



Figure 10-10 Plot of the Tooling Maintenance Factor per Month 
Versus Ship Number 

used for the first lot, or the first 10 ships of the first lot if the total is greater than 
10: for each successive lot up to ship number 150, and for the remaining ships of the 
first lot if the total is greater than 10, a value is computed using: 

FACTORj = -0.0000455 * SHPNO. + 0.01182 

where 

SHPNOj is the middle ship number of lotj 

For the remaining lots (above ship number 150) a value of 0.005 is used. 

The tooling configuration complexity factor (CONFAC) was designed to account for 
different materials and structural arrangements. It has a nominal value of 1.0, 
which is used in the absence of a direct input. Table 10-16 lists some suggested 
values for the factor. It should be noted that an aircraft constructed of ad\’nncud 
composite materials was assumed to require 70% of the tooling necessary for a 
comparable metallic version (Reference 8 )• 
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Table 10-16 Suggested Input Values for Tooling; Configuration 
Complexity Factor CONFAC 



Metallic 

Combination 

Mctallic/Composite 

Composite 

Simplified Design, 
Follow-on Shbsonlc 

0.8 

0.7 

0.5 

Regular Subsonic 

1.0 

0.9 

0.7 

Complex Subsonic: 
Simplified Design, 
Follow-on Supersonic 

1.8 

1.6 

1.2 

Regular Supersonic 

2.2 

1.9 

1.5 

Complex Supersonic 

2.5 

2.2 

1.8 


The initial and sustaining production rates (RI and RS) arc given nominal values of 
l.U in the absence of a direct input. The initial production rate (RI) is assumed to 
encompass the production of the RDT&F (preproduction) and 1X)T1 ships, and the 
sustaining rate (RS) is assumed to encompass the remainder, LOT2 throup^ LOTS. 

A summary of the tooling cost elements as related to the assumed production schedule 
is illustrated in Figure 10-11. 

LOT « - LOT I 

PHODUCTIUN O K | Plumin' ion at 

: ■■“1ST AmKHAMK INITIAL \TK (HI) 

•TAKT 1ST 

MUmilOTION AIHKKAMK 

f-^HASie nx)Li»r.— i-| 

nxnjNo 

h — SirSTAlNlNO 1XK>LINU 

ITgure 10-11 Summary of Tooling Cost Elements as Related to the 
Production Schedule 

10.4,2 Tooling Labor Rates. Tool engineering and maniihicturing labor rates may be 
input as a user option. If a value for either is not input, a mb' is calculated liased on 
the reference year. 

To derive equations for tool engineering and manufacturing labor rates, rate ilatn 
(combined average of engineering and manufacturing) from several literature sources 


LOT 2 - LOT 5: lU 


i 


■ I’lUmi'CTION AI'SIISTAININC. KA1T (HS) ■ 


K.Nl) 

I’HOOUCTION 
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were plotted versus time (Figure 10-12 ), The data utilized were a composite rate 
composed of direct, indirect, general and administrative, and allocations charges. 
An average rate was derived for each of the years plotted and a smooth curve was 



Figure 10-12 Tooling Labor Rate Versus Year 

faired throu^ the average values in three segments. Equations were derived to fit 
each segment as a function of year, resulting in the following: 

YR< 68 RATE = 0.3846 * YR - 15.1538 

68<YRS70 RATE= 1.5 * YR -91 

YR > 70 RATE = 14 * (1 + TIFAC) ** (YR - 70) 

where 

TIFAC is an annual rate of inflation of the tooling labor rate, which 
has a nominal value of 0.06 but may be input as an option 

The resultant value for labor rate is then adjusted to correspond to either the engin- 
eering or manufacturing areas of tooling cost. It was found that tool engineering and 
tool manufacturing labor rates are usually separated by about 7%. For this reason 
the average calculated labor rate is increased by 3.5% to derive a tool engineering 
rate, and decreased by 3. 5% to derive a tool manufacturing rate. 


TRATEE = 1.035 * RATE 
TRATEM= 0.965 * RATE 
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10,5 TOTAL VEHICLE PROGRAM POSTS , The total vehicle program costs are 
computed based on a cost model that was assembled primarily utilizing the work of 
R. E. Kenyon (Reference 2). The model incorporates a general format similar to 
that used by Kenyon although equations taken from the referenced literature have been 
substituted in several places. Where possible values for various cost elements that 
have been computed elsewhere in the program are brought across. These include 
first unit manufacturing costs (wing, bocly, horizontal, vertical, and nacelle), iniUal 
and sustaining engineering costs, basic tooling costs (basic tool engineering, manu- 
facturing, and material) and rate and sustaining tooling costs. Table 10-17 summa- 
rizes the elements of the total vehicle program cost model. 

Table 10-17 Total Vehicle Program Cost Model 


NONRFCURRING RDTE 

Ri rURRING RDTK AND PRODUt;TION («;ontd) 

Precontract Funded ;>tudtc$ 

Hydraulics /Pneumatics 

Airframe development 

Electrical /Electronics 

Initial Engineering 

Instruments 

Development Support 

Armament 

l^nglneering Material 

Engine Aisociated Equipment 

Manufacturing Support and Material 

Fuel System 

Quality Control 

Avionics Provisioning 

Basic Tooling 

Furnishings/Equipment 

Basic Airframe Tool Manufacturing 

Engine Production 

Basic Subsystem Tool Manufacturing 

Avionics Production 

Basic Tool Engineering 

Annamciu 

Tooling Material 

Primary and Final Assembly 

Manufactunng Development 

Mission Equipment InstalJanon 

Plant Engineering and Material 

Acceptance Operations 

Propulsion Development 

Sustainuig Engineering 

Avionics Development 

Rate Tooling 

Sy^uins Engineering and Management 

Suviauiing Tixiling 

At'E Development and Ptocuremeni 

Spares lor Test 

Training E^tuipmeiu Development and Procurement 

ACJE lor Test 

Flight Test Operations 

Tcclinical Data 

Teehnical Data 

Program Management 

Total Nonrecurring RDFE Costs 

Total Flyaway <'osts 


Support Costs 

Rti:URRING RDTE AND PRODUCTION 

Initial S{\»rcs and Rcplemslimcnt Parts 

Production Airframe 

Airframe 

Basic Structure 

Propulsion 

Wing 

Avionics 

lk>dy 

ACE tor Production 

Horiaontal 

Fraiiung Equipment 

Vertical 

lot Aircraft i^onver uMi 

Nacelle 

Category U and ill lc>t support 

Subsystems 


T>ear 

Total Supptut Costs 

Surface Cmitiol> 

Total Program ' osts 

hiviwnmental Systems 


ORIGINAL PAGE B 
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As part of the total vehicle cost derivation a learning curve approach ts applied lo 
first unit costs to compute the cost of any subsequent unit or production lot. The 
learning curve analysis assumes a constant slope for the cumulative xmit average cost 
(cumulative total cost divided by cmnuiacive number of shipsets) plotted against ship* 
set. This, in effect, assumes that a percentage increase in production results in a 
constant percentage decline in the average unit cost. The cumulative average cost for 
all units through the Nth unit then can be presented as a function of the first unit cost 
(FUC) and the learning curve slope (S) as follows: 

cumulative average cost = FUC • N *• B 


where 


B » A LOG (S)/ALOG (2) 

The corresponding total cost of N units is N times the cumulative average cost through 
Nth unit. The actual unit cost for the Nth unit is: 

unit cost * FUC * (N •• (B-^1) - (N-1) (B+1)) 

^ FUC * (BH) • N ** B for N > 16 

Total vehicle cost elements, which are input directly, are summarized in Table 10*18 
The remaining items are computed by cost estimating relationships (CER's) or by a 
combination oi detail hours and rates plus cost estimating relationships (CER's). 

The user has the option of developing 
the first unit manufacturing cost 
(wing, fuselage, empennage, and 
nacelles) utilizing the detailed 
approach described in Section 10. 1 
or by the cost estimating relation* 
ship (CER) method described in 
Section 10.2 . 

The following vehicle program costs 
are accounted for by cost estimati.ig 
relationships (CER's). These cost 
estimates are additive to the first unit manufacturing cost for wing, fuselage, empen* 
nage, and nacelles independent of how tt was developed (detail or theoretical). 

Engineering Material 

C » FE2 (E.NGRS) 


Table 10-18 Tc»al Vehicle Cost Elements 
Established by Direct Input 


Precontract Funded Studies 
Systems Engineering and Management 
Training Equipment Development and 
Procurement 
Avionics Production 
Program Management 
Category II and ni Test Support 
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where 


FK*' ~ Engineering material cost as a fracti.' i of initial engineering cost. 
EN JltS = Total initial engineering cost 

Manufacturing Su;)port and Material 

(Year~13“-''i 

C = is. (ENGRHR) (1 + EIFAC)' 

where 

ENGRHR « Total munbcr of initi 'i M^inoering hours 
EIFAC = Annual rate of inflatio.n of engineering labor rates 

YEAR = Actual year of cost i n>j<“ction 

Quality Control 

C = MRATE [FQl (ENGRHR) + FQ2 (TOOLHR)] 

where 

MRATE = Quality control labor rate 

FQl - Quality control manufacturing support hours as a fraction 

of initial engineering hours 

ENGRHR s Total number of initial engineering hours 

FQ2 = Quality control tool inspection hours as a fraction of 

tool manufacturing hours 

TOOLHR = Sum of basic tool manufacturing and rate tooling hours 
for airframe and subsystems 

Basic Subsystem Tool ManuMcturing 

cs 

C » STF (CMT)(WTSYS) 

where 

STF = Subsystem tool factor 

CMT Subsystem development complexity factor 

WT8YS = Total vehicle subsystem weight 
CS -- Subsystem development scaling exponent 

Manufacturing Development 

C« FT4 (TOOLHR) (MRATE) 
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where 


KT4 - Manufacturing development hours as a fraction of tool 

manufocturing hours 

MRATE - Quality control labor rate 

TOOLHR = Sum of basic tool manufacturing and rate tooling hours for 
a^rame and subsystems 


Plant Engineering and Material 

FT3 (TOOLHR) (MRATE + 2.00) 

where 


FT3 - Plant engineering hours as a fraction of tool manufacturing 

hours 

MRATE = Quality control labor rate 

'iXX)LHR = Sum of basic tool manufacturing and rate tooling hours for 
airframe and subsystems 


Propulsion Development 


C - 29500000.0 (FP/lOOO)^ (MACHND)*^’ (SHP(6)) (QENG) (1 ^ SPRS)^^* * 

where 

FP = Total b^a level thrust 

MACKND Mach number 

SHP(6) Tubtl number of shipsets to be produced 

QENG - Total number of engines per aircraft 

SPRS Engineering spores tictor as a fraction of initial 

engineering unit required 


Avionics Development 

C = 55000000.0 + 375000.0 (WAV)®'**^ 

where 

WI Total weight of vehicle instruments 

WAV = Total weight of vehicle avionics 

o 
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AGE Development and Procurement 


C = 0.05 (ADDE) + 0.15 (FV) 

where 

FV = Total aircraft production cost 

ADDE = Sum of precontract funded studies and initial engineering 
costs 

Fli^t Test Operations 

1.1 0.08 0.9 

C = 0.75 (SHP(6)) (TAKOFF) (VELALT) 

where 

SHP(6) = Total number of shipsets to be produced 

TAKOFF = Vehicle gross takeoff wei^t 

VELALT = Maximum velocity at cruise altitude 

Technical Data 

C = 0.02 (FV) 

where 

FV = Total aircraft production cost 


Subsystems 

Subsonic 

Supersonic 

Landing Gear 

C = 1440W_'^° 

Li 

.70 

C = 1440W_ 

L 

Surface Controls 

70 

C = 2240 Wg* 

.70 

C = 5760 Wg 

Hydraulics-Pneumatics 

C =3200W 
H 

C =3200 

H 

Electrical 

.70 

C = 2400 W__ 

£Li 

70 

C = 2400 W„ 

£]j 

Fumishmgs and Equipment 

70 

C = 2000Wpg-''' 

C = 2000 

Environmental Control 
Auxiliary Power 

C = 1920W *7° 
EC 

C = 1520 

AP 

.70 

C = 2800 W 

EC 

70 

C = 1520 W. 

AP 
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Instruments and Displays 

70 

C -- 6400 Wj* 

.70 

C 6400 \Vj 

IXtel System 

.70 

C 2080 

FU 

70 

C - 2080 Wj,y* 

Engine Associated Rqulpnriont 

70 

C^ 1600VV^‘ 

.70 

C ^ 1600 

Armament 

C G40\V/'^® 
A 

.70 

C 640 W. 

A 

Avionics Provisions 

70 

C « 1500 W.,/ 

A V 

. 70 

C « ISOO W^„ 

AV 


Hydrogen: 


Tankage 

.70 

C=3175W^,jj 

c 

.70 

- 4762 

Insulation 

C 1905 

c 

.70 

2057 Wjjj 

Protiellant Feed & Management 

V 11200 

c 

.70 

11200 Wpjj 

Methane: 




Tankage 

.70 

C- J587W,.^, 

c 

238,. W^m'™ 

Insulation 

• 70 

C - 952 \V^^, ' 
IM 

c 

- 1428 VV,. 

IM 

Propellant Fecnl & Management 

C - 5600 

PM 

c 

.70 

56, .0 W,,„ 


whoi'o 



Total 

*S 

- Total 

'*'h 

Total 

«'ei. 

= Total 

'^PE 

- Total 


- Total 

^P 

Ti*Uil 

"l 

» Total 

"^FV> 

- Total 

"^KA 

Totol 


weight landing go«r 

weight t>f surface controls 

weight of hydraulics opneuma tics 

weight of electrical 

weight of furidshings and e<)uipinent 

weight of envlroniuental oonti ol 

weight of aiucillai'y power 

weight of lnstrun\ents and displays 

weight of fuel system 

weight of engine associated etiulpment 
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=; 

Total weight of armament 

"av 


Total weight of avionics provisions 

*TH 


Total weight of hydrogen tankage 



Total weight of hydrogen insulation 

*PH 

= 

Total weight of hydrogen propellant feed and management 

«TM 

= 

Total weight of methane tankage 



Total weigdit of methane insulation 

W„„ 

PM 


Total weijdtt of methane propellant feed and management 

Engine Production 



C = 3270 (CFENG) (FP)®*®® (for JP fuel) 

C = 3270 (CFENG) (FP)®*®®(CRFH) (for hydrogen fuel) 

C = 3270 (CFENG) (FP)®’®® (CRFM) (for methane fuel) 

where 



CFENG 

= 

Engine complexity fhetor 

FP 

= 

Maximum sea level thrust 

CRFH 

= 

Cryogenic conversion factor for hydrogen (use 1.1 
for turbofan and 1. 2 for turbofan with afterburner) 

CRFM 

z= 

Cryogenic conversion factor for methane (use : 05 
for turbofan and 1.1 for turbofan and afterburner) 


Primary and Final Assembly 

C » FFA (CFUAF + CFUSS) 


where 


FAA 

- Ratio of mission equipment installation cost to the sum of 
first unit cost of avionics and armament 

CFUAF 

- First unit cost of airframe 

CFUSS 

= First unit cost of subsystems 


Mission Equipment Installation 

C = FAA (CFUAV + CFUAR) 
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I 


* 


whore 

FAA - Ratio of mission equipment instalhition cost to the 

sum of first unit cost of avionics and armament 

CFUAV ■-= First unit coat of avionics 

CFUAR - First unit cost of armament 

Acceptance Operations 

C - FAO (CFUAF + CFUAV + CFUENG + CFUINS ^ CFUSS + CFUSSY) 

where 


FAO 

Ratio of the acceptance operations cost to the sum of the 
airframe total cost minus acceptance operation cost plus 
propulsion system cost plus avionic cost 

CFUAF 

First unit cost of airframe 

CFUAV 

First unit cost of avionics 

CFUENG = 

Fli'st ui\it cost of propulsion system 

CFUINS 

Cost of mission equipment installation 

CFUSS 

First unit cost of subsystems 

CFUSSY 

Total of primary and fiiuii assembly cost 


Spares for Tost 

C CFS (AFT) + F4 (ENG) + A15 (AV)]/(SHP(G))®* ^ 

where 

F3 Factor fur airframe spares f.'r testing 

AFT = Airframe production cost 

F4 = Factor for propulsion spores for testing 

ENG = Propulsion system pix)duetion cost 

A 15 - Factors for avionics spares for testing 

AV ~ Avionics production cost 

SUr^ ■) - Total niunbcr of shipsets to be produced 
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Age for Test 


C = P2 (AGTA) (AFT) + P4 (AGTP) (ENG) + P6 (AGTV) (AV) 


where 


P2 

AGTA 

AFT 

P4 

AGTP 

ENG 

P6 

AGTV 

AV 

Technical Data 


Airfi'ame age set cost as a fraction of airframe production 
cost 

Number of airframe age sets for testing 
Airframe production cost 

Propulsion age set cost as a fraction of propulsion 
system p'^oduction cost 

Number of propulsion age sets for testing 

Propulsion system production cost 

Avionics age set cost as a fraction of avionics production 
cost 

Number of avionics age sets for testing 
Avionics production cost 


C = Fll (AIXDT) 


where 


Fll Technical data cost factor as a fraction of the sum of 

airframe , avionics, and propulsion system production costs. 

ATOT •- Sum of airframe, avionics, and propulsion system 
production cost 

A irframe Spares and Replenishment parts 

C = F5 (AFT) 

where 

F5 Airframe spores cost factor as a fraction of airframe 

production cost 

AFT = Airframe production cost 
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m 


Pn>pulsloi\ Sjviros and Keplonishment Psu'ta 
C F6 (KNG) 


whore 


F6 Pn>pulslon spares cost factor as a fraction of propulsion 

system proilucUon cost 

KNG Propulsion system prodvudlon cost 

Avionics Si>aro8 and Reploidsiunent I^arta 
C F7 (AV) 


where 


F7 AvUmies sp!\res cost factor as a fraction of avionics 

production cost 

AV Avionics pixithictioji cost 

A(?e for Production 

C ^ F8 (t ^ F‘)) (A'I\>T) 

where 


Ape cost factor as a function of the simi of airfTOino, 
avionics, and propulsion syotem piaHhictlon cost 

Ape spares cost factor as a fraction of primary ape 
required for sixtvos 

Sum of airframe, avionics, and propulsion system 
production cost 

Tntlninp Fqutpmont 

C FIO (A*1X>T) 


Fa 

F9 

A TOT 


where 


FlO Ti'alnlnp equipment cost factor as a ti'action of the sum of 

airframe, avionics, and propulsion system production cost 

ATOT Sum of airframe, avti'ntes, and pixqnilsion s\ stum 

production cost 
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Test Aii'craft Conversion 


C FI 2 (ATOT) 


where 

FI 2 ~ Test aircraft conversion cost factor as a function of the 

sum of airframe, avionics, and propulsion system 
production cost 

ATOT Sum of airframe, avionics, and propulsion system 

production costs 

10.6 RETURN -ON-lNVESTMENT ANALYSIS 

10, 6, 1 Direct Operating Cost. The direct operating cost computation requires as 
input tlic aircraft price, as previously computed in the total vehicle cost module, and 
aircraft performance, defined principally as fuel and time required for various 
distance increments up to the ojH'rational range. The input when applied to the 1967 
Air Transport Association formula (Reference 10) develops direct operating cost 
elements for specified distance increments. The Air Transport Association formula 
provides the basis to compute crew cost (primarily a function of the number in the 
cockpit crew), time to cover s|Hvified distances, and aircraft gross weight. Fuel 
and oil costs are computed directly from block fuel required. Insurance (hull insur- 
ance only, liabilitj' is an indirect cost) is computed as an aiuiwil percentage of the 
aii'craft price. Maintenance is computed as a function of time, weight, tlirust, and 
Ijardware cost. Depreciation is computed for a specified number of years, and in- 
cludes depreciation of spares as well as primarj' flight equipment. The resultant 
output is direct operating cost per aircraft mile and per available seat block for 
various distances up to the operational range of the airplane. 

The logic flow of the equations that make up the direct opei*ating cost methodolo©’ 
can be described as shown in Figure 10-13, The direct operating cost, in terms of 
dollars/mile, is developed for a specific aircraft for various distances up to the 
operational range of the vehiole. As shown in Figure 10-13^ the direct operating 
costs are determined basically by the original cost of the aircraft and the costs that 
are accrued on the basis of hours of use and passage of time. The aircraft cost is 
determined from other parts of the model that essentially define the vehicle based on 
spc'cific ()erformance criteria. The hourly costs that are the result of actually using the 
aii'craft are made up of crow pay, fuel and oil and maintenance. The crew pay is 
determined by the block time expended from engine to start up to shut down. The fuel 
and oil costs are determined by the total quantitj’ of block fuel required for a specific 
flight distance. The maintenance costs are determined primarily by flight hours and 
fliidit cycles. The longer flights have relatively lower maintenance costs per mile 
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Figure 10-13 Direct Operating Cost Logic Flow 


Aircraft 

Cost 


A Hourly Costs 


1967 ATA 
DOC 

Formulas 


B Annual Costs 


DOC 

$/Mlle 

For various distances 


A Hourly Direct Costs 


Crew Pay — •* 

Block Hours 


Fuel and Oil — ► 

Block Fuel 


Maintenance ^ 

Flight Hours, 



Flight Cycles 

4 


B Annual Direct Costs 

Depreciation 

Insurance 


4 


utilization 


VMile 


11/ Mile 


because of a smaller increment of cost associated with takeoff and landing. The 
annual direct costs which accrue, regardless of whether the aircraft is flown, are 
depreciation and insurance. Hy determining the annual utilization of an aircraft in 
terms of miles per year the annual costa can bo dealt with on a dollars/mile basis. 

In the directoperatingcost area, the fuel cost and maintenance costs are affected by 
a decision to use methane or hydrogen fuel. The fuel costs In ihe ATA formulation are 
calculated from the block fuel and require as an input the unit fuel cost in $/gal. 
Projections of fuel costs into the 1980 's time frame vary considerably. Specific values 
for JP, liquid methane or hydi'ogen can bo input to the model, or sensitivity studies 
can be i>crfom\ed for various assumptions about uidt fuel costs. Without other data, 
the following ranges of fuel cost for the 1980's time frame are appropriate. 


10-51 




1980'a T i me Frame 


JP$/M:> <$/gal) 31.7- 1)5.11 (.12 -.36) 

Motluu. ' $/M3 ($/rji1) 29 . 06 - 58. 1 2 (.11 -. 22) 

($/kh1) 19.81 - 79.26 (.075 - .30) 

The maintonanco jxirUon of (ho divoct oixirating oost module is affected to some 
degree by (ho cleaner burning clvirac (eristics of hydrogen fuel engines. A detailed 
maintciwnce analysis would be needed to establish (he extent of tliis cost impact. In 
contrast with the above decrestse in maintenance costa, the cryogenic binkagc and 
insulation systems would increase the maintenance associated with the airfiame. 
llecause of (liese counterbalancing uncertainties and (he lack of any detailed analysis 
on which to pi'csently make clianges, the existing maintenance direct cost methodologj' 
hits been left unchanged. 

10.6.2 Indir«x*( Otvrating Cost. In the indirect cost area, two cost elements are 
impacted by the choice of fuel. Aircnift servicing costs would tu' increased by the 
necessity for increased iiuantity and quality of tK*rsonncl required to fuel airemft 
with cryogenic fuels. 'I'he increased sophistication i>f cryogi*nic fuel technologj’ 
requires additional manning for fuel handling and monitoring hardwam due to the 
essentially different jiliysical pi'oivrties of eynigenic fuels and increased safety re- 
quirements. In addition to the manixnver to use the above equipment, provisions would 
have be made for maintenance, de|>reciation and amortization of such equipment. 

The assessment of tliese effects in qiuintitativo terms requires a mainteivince and 
oiK'rations analysis that is beyond Uie 8co(>e of this current resean:h effort. The 
current return on investment mothile continues to use (he original Lockheed formulas 
(Reference 11) for determination of indirect o(ieiating costs by city j>air for such 
factors as aii*craft servicing, stewardess expt'nse, food, reservations and sales, 
baggngi' handling, and genei'al and administrative cx(H'nses. 

10.6.3 Return -on-investment. To compute return-on-investment data, a comparison 
is made between revenue and direct plus indirect ojHMa ting costs. City {xiir traffic 
data, distances, and fare formula establish the revenue of interest, .\ireraft capacity, 
frequency, and load factor constraints determine the required flight frequency, indi- 
rect costa, and fleet size. 

To comt'ute i*ehirn-<m-inv\'8tment, total income minus total cost is comtvired to total 
investment as determined by fleet size, aircraft price, and s(vires factors. Return- 
on-investment is calculated as that twreentage return on net invested eapilal (initial 
Investment minus cash flow from ik'preciatlon) that would equal the same percentage 
return on fixed return investment, such as accrual savings deposit. Rehtrn-on- 
tnvestmcnl is computed for each city p»)ir and for the entire system. In this way, it 
is ixvssible to establish the traffic and distance requirements to make a given aircraft 
profitable and to make a meaningful comiNirison between two atrtdanes where 
seating ca (Vie ity, tH?rformance, and price are different. 
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SECTION 11 


COMPUTER PROGRAM 

11.1 PROGRAM CAPABILITIES 

This program has been designed in a modular fashion to provide users application flex- 
ibility, as well as providing ease of update and modification. Each of the modules is 
composed of many subroutines coupled together to perform the required functions. 

The program driver "WTSIZ" acts as the main control routine for the total program. 

It establishes a logic flow for the program from beginning to end. The breakdown for 
the detail analysis version is subdivided into six primary modules (driver, vehicle 
synthesis, external loads, structural synthesis, parts definition, and cost synthesis). 

The preliminary analysis version has three primary modules (driver, vehicle synthesis, 
and cost synthesis). 

The users mantial encompasses seventeen volumes and addresses USER INSTRUCTIONS 
AND OPERATING INSTRUCTIONS. Volume one is the summary, Volume Two through 
Volume Four covers Vehicle Sizing, Volume Five is for External Loads, Volume Six 
is for Structural Synthesis, Volumes Seven through Ten cover Parts Definition, and 
Volume Eleven through Volume Seventeen covers the Cost Synthesis. 

11.2 USAGE INSTRUCTIONS 

The Vehicle Design Evaluation Program currently has two batch versions in operational 
status. One version is the "Detailed Analysis" capability which uses the vehicle sizing, 
external loads, struct lu^al synthesis, parts definition, and cost modules. The other is 
a "Preliminary Analysis" version which uses the vehicle sizing and cost estimating 
relationships (CER) modidcs. In both program versions the user has the option of 
using a mini-performance or a detailed mission and ixjrformanco approach. 

The input required for executing these programs and options is discussed in Section 4 
of each volume of the users mamud. 

11.3 OPERATING INSTRUCTIONS 

This computer program runs at NASA/Langloy under the Network Operating System 
(NOS 1. 1). The program operates with Scope 3.4 at General Dynatnics. The NASA/ 
Langley and the General Dynamics programs have been uritten for the FTN compiler. 

The program at General Dynamics Convair under Scope 3.4, operates with approximately 
72K octal cells of core and needs 2000 octal seconds of CP time for the eompiler detail 
analysis program. The same program under NOS 1.1 at NASA/LRC will use approxi- 
mately 75K octal cells of core and needs less than 500 seconds of CP time. This re- 
duced time at NASA/LRC is duo to the high speed CYBER 175 fronting the CDC 7600. 
Instructions for operating the program are shown in Control Card form in Section 5 of 
each wlumc of the users manual. Those control cards are shown for ojxM'ating the 
program and the setup for modifications for both NASA/LRC and General Dynamics 
Convair. 
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